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FOREWORD

In 1978, an AGARD Fluid Dynamics Panel Symposium was organized in Sande(Jord.
Norway on the subject "High Angle-of-Attack Aerodynamics", the corresponding publication
was AGARD Conference Proceedings No.247. The aim of the symposium was "to bring
together those working on fundamental fluid mechanics aspects of flight at high incidence
and those concerned with the aerodynamic design of flight vehicles.. " Due to the rapid
increase of interest in this subject since 1978, the AGARD Fluid Dynamics Panel decided
to organize a Lecture Series bearing the same title and having essentially the same aim.
however, as a Lecture Series, the meeting will have the flavor of a tutorial.

Two formats have been chosen for the Lecture Series. The DFVLR in G6ttingen.
Germany and NASA Langley in the United States will each host a two-day version featuring
seven lecturers whose presentations are included in this volume. A one-week version will be
hosted and co-sponsored by the von Kirmin Institute for Fluid Dynamics in Rhode-Saint-
Genese, Belgium.I\-

The Lecture Series begins with a review of three-dimensional flows on simple
components including separation and reattachment. Particular emphasis is placed on the
vortical flows which characterize the high-alpha regime. Vortex breakdown, vortex control.
and the effect of compressibility on these three-dimensional flows as well as the present and
future capabilities of computational techniques are discussed. These fundamental lectures
are supplemented by a description of the techniques currently employed by combat aircraft
and missile design groups. Finally, the important field of unsteady aerodynamics and its
implications for the high-alpha case is reviewed.

These lectures should be of interest to fundame I5 aerodynamicists who have been
attracted by the fluid mechanics of vortices and three dimensional geometries as well as to
design engineers from establishments concerned either with combat aircraft or maneuvering
missiles.

I take this opportunity to thank the lecturers for preparing a very interesting set of
notes and their organizations for supporting this activity.

1.F.WENDT
Lecture Series Director
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THREE-DIMENSIONAL SEPARATION AND REATTACHMENT

David J. Peake and Murray Tobak
Ames Research Center, NASA

Moffett Field, California 94305, U.S.A.

SUMMARY

One of the common ingredients of the inviscid-viscous interacting flow fields about bodies at angle
of attack is the predilection of the boundary layers growing around the body to detach from the leeward
surface along swept separation lines to form coiled vortex motions. In all cases of three-dimensional
flow separation and reattachment, the assumption of continuous vector fields of skin-friction lines and
external flow streamlines, coupled with simple laws of topology, provides a flow grammar whose elemental
constituents are the singular points: the nodes, spiral nodes (foci), and saddles. The phenomenon of
three-dimensional separation may be construed as either a local or a global event, depending on whether
the skin-friction line that becomes a line of separation originates at a node or a saddle point. Adopt-
ing these notions enables us to create sequences of plausible flow structures, to deduce mean flow char-
acteristics, to expose flow mechanisms, and to aid theory and experiment where lack of resolution in
wind-tunnel observations or in the results from numerical computations causes imprecision in diagnosis.

1. INTRODUCTION

The separation of three-dimensional (3-D) turbulent boundary layers from the lee of flight vehicles
at high angles of attack results in dominant, large-scale, coiled vortex motions that pass along the body
in the general direction of the free stream. Such complex and highly interactive flow fields remain an
area of fluid mechanics and aerodynamics that is still beyond the reach of definitive theory or numerical
computation. If the aerodynamic design of a lifting vehicle with flow separation is to be successful over
the full range of flight conditions, the vehicle must be controllable at all times and possess no unpleas-
ant changes in force and moment characteristics. To achieve these aims, the primary lines of separation
should remain symmetrically placed and preferably fixed on the body and give rise to symmetric vortices
to eliminate the development of potentially uncontrollable side forces and yawing moments. In fact, flow
separation in three dimensions is of vital significance to the entire spectrum of aerodynamic design, for
the skin-friction-line pattern containing swept lines of attachment, separation, and reattachment, in
association with a limited number of singular points, constitutes the skeleton structure around which the
elements of the entire flow field can be assembled (Ref. 1).

The obtainment of these skin-friction lines (that is, the loci of the local skin-friction vectors)
has usually been attempted with oil-streak techniques on the surfaces of wind-tunnel models (Refs. 2-4),
where it has been customarily considered that a necessary condition for the occurrence of flow separation
is the convergence of oil-streak lines toward a particular line. Whether this is also a sufficient con-
dition is a matter of current debate. Of the many attempts to make sense of these oil-flow patterns, few
of the contending arguments have lent themselves to a precise mathematical formulation. Here, we wish to
draw attention to the hypothesis supplied by Legendre (Ref. 5) as being one that provides a mathematical
framework of considerable depth. The ensuing discussion follows closely that given already by Tobak and
Peake (Ref. 6).

2. LIMITING STREAMLINES AND SKIN-FRICTION LINES

Legendre (Ref. 5) proposed that a pattern of streamlines immediately adjacent to the surface (in his
notation, "wall streamlines," but more conventionally termed "limiting streamlines") be viewed as trajec-
tories having properties consistent with those of a continuous vector field, the principal one being that
through any regular (nonsingular) point there passes one and only one trajectory. On the basis of this
postulate, it follows that the elementary singular points of the field, namely the nodes, spiral nodes
(foci), and saddles (see Fig. 1) can be categorized mathematically. Hence, the types of singular points,
their number, and the rules governing the relations between them, can be said to characterize the pattern.
Flow separation in this view has been defined by the convergence of wall streamlines toward a particular
wall streamline that originates from a singular point of particular type, the saddle point. This view of
flow separation is not universally accepted, however, and situations exist in which a more nuanced descrip-
tion of flow separation appears to be required.

Addressing himself specifically to viscous flows, Lighthill (Ref. 7) tied the postulate of a con-
tinuous vector field to the pattern of skin-friction lines rather than to the limiting streamlines just
above the surface. Parallel with Legendre's definition, the convergence of skin-friction lines toward a
particular skin-friction line originating from a saddle point was defined as the necessary condition for
flow separation. [Note that in the above, the separation line is the asymptote of the adjacent skin-
friction lines and not the envelope, as Maskell (Ref. 1) had proposed.) More recently, Runt et al.
(Ref. 8) have shown that the notions of elementary singular points and the simple rules that they collec-
tively obey can be extended to the flow above the surface In planes of symmetry, in projections of
conical flows (Ref. 9), in crossflow plaie-i'iand so on (see also Ref. 10). Further applications and
extensions can be found in the various contributions of Legendre (Ref. 11-13), Oswatitsch (Ref. 14), and
in the review article by Peake and Tobak (Ref. 4).

The question of an adequate, yet convincing, description of 3-D separated flow arises with especial
poignancy when one asks how 3-D separated flow patterns originate and how they succeed one another as the
relevant parameters of the problem (e.g., angle of attack, Mach number, and Reynolds number) are varied.
In a recent essay (Ref. 6), we suggested that we might answer this question by placing Legendre's hypoth-
esis (utilizing skin-friction lines) within a framework broad enough to include the notions of topologi-
cal structure and structural stability (see Refs. 15, 16) coupled with arguments from bifurcation theory
(see Refs. 17, 18, 19). In the following, we shall try to show that the emergence of a description of 3-0



1-2

separated flow about configurations at angle of attack will, in fact. be facilitated by this broader
framework. In so doing, we limit our attention to 3-D viscous flows that are steady in the mean.

3. HYPOTHESIS

The postulate that the skin-friction lines on the surface of the body are the trajectories of a con-
tinuous vector field can be interpreted mathematically as follows. Let (C, n, 4) be general curvilinear
coordinates with (C, n) set as orthogonal axes in the surface and C normal to them. Let the length
parameters be hl(t,n) and h2(t,n). Except at singular points, it follows from the adherence condition
that very close to the surface, the components of the velocity vector Cul, u2) parallel to the surface
must grow from zero linearly with €. Hence, a particle on a streamline near the surface will have vel-
ocity components

hl( A d = - (t,n,O) -4.2(En) = P(,n)

and (1)
au2

h2(t-n) d r = yc ( nO cwl2  =

where (we, w2) are the local orthogonal components of the surface vorticity vector. (Note that the sur-
face vortex lines that exist everywhere at right angles to the skin-friction lines are also trajectories
of a continuous vector field.) The specification of a steady flow allows (ul, u?) to be independent of
time. With € treated as a parameter and P and Q functions only of the coordinates, Eq. (1) is composed
of a pair of autonomous ordinary differential equations. Their form places them in the same category as
the equations studied by Poincar& (Refs. 20 and 21; an English translation of his complete works is given
in Ref. 22) in his classical investigation of the curves defined by ordinary differential equations.
Letting

(,n,O)

(2)
TW u2

be components of the skin-friction parallel to & and n, respectively, we have for the equation governing
the trajectories of the surface shear-stress vector, from Eqs. (1),

hld, h2dn

Alternatively, for the trajectories of the surface vorticity vector, the governing equation is

1hd- h2dn(4)
Wl w2

4. SINGULAR POINTS

Singular points in the pattern of skin-friction lines occur at isolated points on the surface where the
skin-friction (trwl, w2) in Eq. (3) or, alternatively, the surface vorticity (wl, w2) in Eq. (4), becomes

identically zero. Singular points are classifiable into two main types: nodes and saddle points. Nodes
may be further subdivided into two subclasses: nodal points and spiral nodes (often called foci of attach-
ment or separation).

A nodal point (Fig. la) is the point common to an Infinite number of skin-friction lines. At the
point, all of the skin-friction lines except one (labeled AA in Fig. la) are tangential to a single line
8B. At a nodal point of attachment, all of the skin-friction lines are directed outward away from the
node. At a nodal point of separation, all of the skin-friction lines are directed inward toward the node.
16 the presence of axisymmetry, the node degenerates into a "star-like" or "source-like" form.

A spiral node or focus (Fig. lb) differs from a nodal point In Fig. la in that it has no common tan-
gent line. An infinite number of skin-friction lines spiral around the singular point, either away from
it (at attachment) or into it (at separation). Spiral nodes of attachment occur generally in the presence
of rotation, either of the flow or of the surface, and will not be included in this study. In the excep-
tional case, the trajectories of the spiral node form closed paths around the singular point. The spiral
node is then called a center.

At a saddle point (Fig. 1c), there are only two particular lines, CC and DD, that pass through the
singular point. The directions on either side of the singular point are inward on one particular line
and outward on the other particular line. The remainder of the skin-friction lines take directions con-
sstent with the direction of the adjacent particular lines. As can be determined from Fig. lc, the par-
ticular lines act as barriers In the field of skin-friction lines, making one set of skin-friction lines
inaccessible to an adjacent set.

For each of the patterns in Figs. la-Ic, the surface vortex lines form a system of curves orthogonal
at every point to the system of skin-friction lines. Of all the possible patterns of skin-friction lines
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on the surface of a body, only those are admissible whose singular points obey a simple topological rule:
the number of nodes (including spiral nodes if present) must exceed the number of saddle points by two
(see Refs. 7. 21, 23).

5. TOPOGRAPHY OF SKIN-FRICTION LINES

The singular points, acting either in isolation or in combination, fulfill certain characteristic
functions that largely determine the distribution of skin-friction lines on the surface. The nodal point
of attachment is typically a stagnation point on a forward-facing surface, such as the nose of a body,
where the external flow from far upstream attaches itself to the surface. The nodal point of attachment
thereby acts as a source of skin-friction lines that emerge from the point and spread out over the sur-
face. Conversely, the nodal point of separation is typically a point on a rearward-facing surface; it
acts as a sink where the skin-friction lines that have circumscribed the body suiface may vanish.

The saddle point acts typically to separate the skin-friction lines issuing from or entering into
adjacent nodes; for example, adjacent nodal points of attachment. An example of this function is illus-
trated in Fig 2a (Ref. 7) and in the skin-friction-line pattern on the cockpit windows of a Space Shuttle
model (Fig. 2b, courtesy of L. Seegmiller, Ames Research Center). Skin-friction lines emerging from the
nodal points of attachment are prevented from crossing by the presence of a particular skin-friction line
emerging from the saddle point. Lighthill (Ref. 7) called this particular line a line of separation, and
identified the existence of a saddle point from which the particular line merges as the necessary condi-
tion for flow separation. As the patterns in Fig. 2 illustrate, skin-friction lines from either side
tend to converge on the particular line issuing from the saddle point. However, the convergence of skin-
friction lines on either side of a particular line occurs in situations in which a saddle point can
neither be seen nor can be rationally argued to exist. It can happen, for example, that a skin-friction
line, one of the infinite set of lines emanating from a nodal point of attachment, may become a line
toward which others of the set converge.

In the following, we shall attempt to construct an appropriate physical description of flow separa-
tion by utilizing the notions already advanced and by appealing to the theory of structural stability and
bifurcation. Adopting a terminology that is suggested by the theoretical framework, we say that a skin-
friction line emerging from a saddle point is a glob[ line of separation and leads to global flow sep-
aration. In the alternative case, in which the skin-friction line on which other lines converge does
not originate from a saddle point, we shall identify the line as being a local line of separation,
leading to local separation. (When no modifier is used, what is said wllT-i-'y to either case.)

The notion of local separation may be clarified by taking the example of the flow over a smooth
slender body of revolution that is inclined at a small angle of attack to a uniform oncoming stream. A
streamline in the oncoming flow attaches itself to the nose at the stagnation point and nodal singular
point of attachment. This is the source of the continuous pattern of skin-friction lines that emerge
from this point and envelop the body, all of which disappear into a nodal point of separation at the rear.
Because of favorable pressure gradient in the circumferential direction, all the way from the windward
ray to the leeward ray, the skin-friction lines emanating from the nodal point of attachment sweep around
the sides of the body and converge on either side of the particular skin-friction line running along the
leeward ray. This particular leeward skin-friction line, beginning at the node of attachment and finish-
ing at the node of separation, is hence a local separation line. It follows that a body of revolution
experiences flow separation at all angles of attack other than zero.

The converse of the line of separation is the line of attachment, from which adjacent skin-friction
lines diverge. Two lines of attachment are illustrated in Fig. 2a, emanating from each of the nodal
points of attachment.

The limiting streamlines, that is, the ones that pass very close to the surface, leave the proximity
of the surface very rapidly in the vicinity of a separation line. A simple argument due to Lighthill
(Ref. 7) illustrates the flow mechanism. Referring to Eq. (3), let us align (c,n) with the external
streamline coordinates so that 

T
w and 

T
w are the streamwise and crossflow skin-friction components

respectively. If n is the distace betwien two adjacent limiting streamlines (see Fig. 3) and h is
the height of a rectangular streamtube (being assumed small so that the local resultant velocity vectors
are coplanar and form a linear profile), then the mass flux through the streamtube is

= ohn

where p is the density and 0 the mean velocity of the cross section. But the resultant skin friction
at the wall is the resultant of 

T
w and Tw2 or

TW V P

so that
Tw

h

un -
Hence,

h2n

• -- *constant

yielding

h C s ; v I

- ('
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Thus, as the line of separation is approached, h, the height of the limiting streamline above the
surface, increases rapidly. There are two reasons for this increase in h: first, whether the line of
separation is global or local, the distance n between adjacent limiting streamlines falls rapidly as
the limiting streamlines converge toward the line of separation; second, the resultant skin-friction T,
drops toward a minimum as the line of separation is approached and, in the case of the global line of sep-
aration, actually approaches zero as the saddle point is approached.

Limiting streamlines rising on either side of the line of separation are prevented from crossing by
the presence of a stream surface stemming from the line of separation itself. The existence of such a
stream surface is characteristic of flow separation; how it originates determines whether the separation
is of global or local form. In the former case, the presence of a saddle point as the origin of the
global line of separation provides a mechanism for the creation of a new stream surface that originates at
the wall. Emanating from a saddle point and terminating at nodal points of separation (either nodes or
spiral nodes), the global line of separation traces a smooth curve on the wall which forms the base of the
stream surface, the streamlines of which have all entered the fluid through the saddle point. We shall
call this new stream surface a dividing surface. The dividing surface extends the function of the global
line of separation into the flow, acting as a barrier separating the set of limiting streamlines that have
arisen from the surface on one side of the global line of separation from the set arisen from the other
side. On its passage downstream, the dividing surface rolls up to form the familiar coiled sheet around a
central vortical core. Because it has a well-defined core, we use the popular terminology, calling the
flow in the vicinity of the coiled-up dividing surface a vortex.

Now we consider the origin of the stream surface characteristic of local flow separation. We note
that if a skin-friction line emanating from a nodal point of attachment ultimately becomes a local line of
separation, then there will be a point on the line beyond which each of the orthogonal surface vortex lines
crossing the line is shaped concave facing downstream. At this point, the skin-friction along the line
has become locally minimum. A surface, starting at this point and stemming from the skin-friction line
downstream of the point, can be constructed that will be the locus of a set of limiting streamlines origi-
nating from far upstream; this surface may also roll up on its development downstream.

This section concludes with a discussion of the remaining type of singular point, the spiral node
(also called focus). The spiral node invariably appears on the surface in company with a saddle point.
Together they allow a particular form of global flow separation. One leg of the (global) line of separa-
tion emanating from the saddle point winds into the spiral node to form the continuous curve on the sur-
face from which the dividing surface stems. The spiral node on the wall extends into the fluid as a
concentrated vortex filament, while the dividing surface rolls up with the same sense of rotation as the
vortex filament. When the dividing surface extends downstream, it quickly draws the vortex filament into
its core. In effect, then, the extension into the fluid of the spiral node on the wall serves as the
vortical core about which the dividing surface coils. This flow behavior was first hypothesized by
Legendre (Ref. 11), who also noted (Ref. 12) that an experimental confirmation existed in the results of
earlier experiments carried out by Werli (Ref. 24). Figure 4a shows Legendre's original sketch of the
skin-friction lines; Fig. 4b is a photograph illustrating the experimental confirmation. The dividing
surface that coils around the extension of the spiral node (Fig. 4c) will be termed here a "horn-type
dividing surface." On the other hand, it can happen that the dividing surface to which the spiral node
is connected does not extend downstream. In this case the vortex filament emanating from the spiral node
remains distinct and is seen as a separate entity on crossflow planes downstream of its origin on the
surface.

6. CHARACTER OF DIVIDING SURFACES

We have seen how the combination of a spiral node and a saddle point in the pattern of skin-friction
lines allows a particular form of global flow separation characterized by a horn-type dividing surface.
The nodal points of attachment and separation may also combine with saddle points to allow additional
forms of global flow separation, again characterized by their particular dividing surfaces. The character-
istic dividing surface formed from the combination of a nodal point of attachment and a saddle point is
illustrated in Fig. 5a. This form of dividing surface typically occurs in the flow before an obstacle
(see Fig. 34 in Peake and Tobak, Ref. 4 , or near the nose of a blunt body at a very high angle of attack
(see Fig. 81 in Peake and Tobak, Ref. 4 . In the example illustrated in Fig. 5, it will be noted that the
dividing surface admits of a point in the external flow at which the fluid velocity is identically zero.
This is a three-dimensional singular point, which in Fig. 5a acts as the origin of the streamline running
through the vortical core of the rolled up dividing surface.

The characteristic dividing surface formed from the combination of a nodal point of separation and
a saddle point is illustrated in Fig. Sb, again a form of global separation. This form of dividing sur-
face often occurs in nominally two-dimensional separated flows such as in the separated flow behind a
backward-facing step (see Fig. 24 in Tobak and Peake, Ref. 25) and the separated flow at a cylinder-flare
jLnction (both two and three dimensional; compare Figs. 47 and 48 in Peake and Tobak, Ref. 4). We note
in both Figs. Sa and 5b that the streamlines on the dividing surface have all entered the fluid through
the saddle point in the pattern of skin-friction lines.

Finally, in Fig. Sc the form of dividing surface materializing at a typical local separation is
sketched. Here the eruption of the fluid from the surface, and hence the commencement of the dividing
surface, occurs not from a nodal point of separation nor from a saddle point of separation, but from a
regular (nonsingular) point on the surface where the surface vortex lines crossing a particular skin-
friction line change curvature from concave facing upstream to concave facing downstream. At this point
the skin-friction lines adjacent to the one particular skin-friction line begin to converge rapidly toward
this particular line, the local separation line. The departure of the fluid from the vicinity of the sur-
face again results in a tight coiling of the dividing surface and the adjacent external flow streamlines.

-i



7. TOPOLOGY OF STREAMLINES IN TWO-DIMENSIONAL SECTIONS OF THREE-DIMENSIONAL FLOWS

Results reported by Smith (Refs. 9. 26), Perry and Fairlie (Ref. 10), and Hunt et al. (Ref. 8). have
made it clear that the rules governing the behavior of skin-friction lines may be adapted and extended to
yield similar rules governing the behavior of the flow field itself. This is possible when we construct
two-dimensional sections of the three-dimensional flow, for example, crossflow planes and streamwise
planes of symmetry, which are especially useful for flows around bodies at angle of attack. In particular,
Hunt et al. (Ref. 8) have noted that if

i = Iu(x,Y,zo), v(xyzo), w(x,Yzo)]

is the mean velocity vector, whose uv components are measured in a plane z = zo = constant, above a
surface situated at y = Y(x;zO ) (see Fig. 6), then the mean streamlines in the plane are the solutions of

dx 4X (5)
u V

which are a direct counterpart of Eq. (3) for skin-friction lines on the surface. For a streamwise plane
of symmetry w(x,yZo) = 0. then the streamlines defined by Eq. (5) are identifiable with particle path
lines in the plane when the flow is steady, or with instantaneous streamlines when the flow is unsteady.
Note, however, that if an ,rar two-dimensional section of the flow is chosen, Eq. (5) will not nec-
essarily represent the projections of the three-dimensional streamlines on to that plane z zo .

In any case, since [u(x,y), v(xy)] is a continuous vector field V(x,y), with only a finite number
of singular points in the interior of the flow at which V = 0, it follows that nodes and saddles can be
defined in the plane just as they were for skin friction Tines on the surface. Nodes and saddles within
the flow, excluding the boundary y = Y(x;zo), are labeled N and S, respectively, and are shown in their
typical form In Fig. 6. The only new feature of the analysis that is required is the treatment of singu-
lar points on the boundary, y = Y(x,zo). Since, for a viscous flow, V is zero everywhere on the boundary,
the boundary is itself a singular line in the plane z = 20. Singular points on the line occur where the
component of the surface vorticity vector normal to the plane z 

= 
zo  is zero. Thus, for example, it is

ensured that a singular point will occur on the boundary wherever it passes through a singular point in
the pattern of skin-friction lines, since the surface vorticity is identically zero there. As introduced
by Hunt et al. (Ref. 8), singular points on the boundary are defined as half-nodes N' and half-saddles
S' (Fig. 6). With this simple amendment to the types of singular points allowable, all of the previous
notions and descriptions relevant to the analysis of skin-friction lines carry over to the analysis of
the flow within the plane.

In a parallel vein, Hunt et al. (Ref. 8) have recognized that just as the singular points in the pat-
tern of skin-friction lines on the surface obey a topological rule, so must the singular points in any of
the sectional views of three-dimensional flows obey topological rules. Although a very general rule
applying to general bodies can be derived (Ref. 8), we list here only those special rules that will be
useful in subsequent studies of the flow past wings and bodies at angle of attack. In the five topological
rules listed below, we assume that the body is simply connected and immersed in a flow that is uniform far
upstream.

1. Skin-friction lines on a three-dimensional body (Refs. 7, 23):

,S (6)

2. Skin-friction lines on a three-dimensional body B connected simply (without gaps) to a plane
wall P that either eXtends to infinity both upstream and downstream or is the surface of a torus:

(EN - E S)P+B '0 (7)

3. Streamlines on a two-dimensional plane cutting a three-dimensional body:

4. Streamlines on a vertical plane cutting a surface that extends to infinity both upstream and
downstream:

+ FI (E 17 IS.)- 0(9)

5. Streamlines on the projection onto a spherical surface of a conical flow past a three-dimensional

body (Ref. 9):

+ E +, If ES.) l 0(10
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8. TOPOLOGICAL STRUCTURE AND STRUCTURAL STABILITY

How, then, do 3-D separated flow patterns originate and how do they succeed one another as the rel-
evant parameters (e.g., angle of attack, Reynolds number, and Mach number) are varied? Our approach to
dealing with this question will be offered in physical terms, although our definitions should be compati-
ble with whatever set of partial differential equations is assumed to govern the fluid motion. Specifi-
cally, we shall apply definitions of topological structure and structural stability to the properties of
sklIn-friction-line patterns, since in so doing, we shall be able to utilize experimental oil-streak pat-
terns directly.

A pattern of skin-friction lines on a given part of the body surface is a map (called a "phase
portrait" by Andronov et al., Ref. 16) of the surface shear-stress vector. Two maps have the same topo-
logical structure if the paths in the first map are preserved in the second. This may be visualized by
imagining a map of skin-friction lines on a deformable sheet of rubber. Disallowing folding or tearing
of the sheet, every deformation is a path-preserving mapping. A topological property is then defined as
any characteristic of the map that stays invariant under all deformations. The number and types of singu-
lar points and the existence of paths connecting the singular po-ints are examples of topological prop-
erties. The set of all topological properties of the map describes the topological structure.

Let us also define the structural stability of a map relative to a parameter a; for instance, • may
be the angle of attack. The map is said to be structurally stable at a given value of a if the map re-
sultlhg from a very small change in a has the same topological structure as the initial one. Structur-
ally stable maps of the surface shear-stress vector then have two properties in common: first, the singu-
lar points in the map are all elementary singular points (i.e., simple nodes or saddles); and second,
there are no saddle-point-to-saddle-point connections in the map.

In speaking of the stability of the viscous/inviscid flow external to the surface, we shall find it
necessary to distinguish between structural stability and asytotic stabilityof the flow. The defini-
tion of structural stability follows from th uced in reference to the map of the surface shear-
stress vector. An external flow is called structurally stable relative to a if a small change in that
parameter does not alter the topological structure (e.g., the number and types of 3-0 singular points)
of the external 3-0 velocity vector field. Asymptotic stability is defined as follows: Suppose that
the fluid motions evolve according to time-dependent equations of the general form

ut = G(u,a) (11)

where a again is a parameter. Solutions of G(u,a) = 0 represent steady mean flow of the kind we have
been considering. A mean flow uo  is an asymptotically stable flow if small perturbations from it (at
fixed a) decay to zero as time t w =. When the parameter a is varied, one mean flow may persist (in
the mathematical sense, that it remains a valid solution of G(u,a) = 0) but become unstable to small dis-
turbances as a crosses a critical value. At such a transition point, a new mean flow may bifurcate from
the known flow. A characteristic property of the bifurcation flow (such as, e.g., a transverse veThcity
component) that was zero in the known flow takes on increasing values as the parameter increaset beyond
the critical point. Finally, we shall find it convenient to distinguish between local and 1obal charac-
teristics of the instabilities. We shall call an instability global if it permanen-ty alters the topolog-
ical structure of either the external 3-D velocity vector field or the map of the surface shear-stress
vector. We shall call an instability local if it does not result in an alteration of the topological
structure of either vector field.

This distinction between local and global events suggests why we distinguish between local and global
lines of separation in the pattern of skin-friction lines. If an (asymptotic) instability in the flow
field does not alter the topological structure of the map of surface skin-friction lines, then the con-
vergence of skin-friction lines on to one (or several) particular skin-friction line(s) can only be a
local event. Accordingly, we label the particular lines local lines of separation, and these will usually
all stem from a node of attachment (the stagnation point)-on a forward facing part of the body. If, on
the other hand, an instability (asymptotic of structural) of the flow field does change the topological
structure of the skin-friction-line map, thus resulting in the emergence of a saddle point in this pattern,
then this is construed as a global event insofar as the skin-friction-line map is concerned. Accordingly,
we label the particular skin-friction line emanating from the saddle point a global line of separation.

9. BIFURCATION

The bifurcation phenomenon alluded to in the discussion of Eq. (11) is conveniently displayed on a
bifurcation diagram, two examples of which are shown in Fig. 7. Flows that bifurcate from the known flow
are represented by the ordinate 0, which may be any quantity that characterizes the bifurcation flow
alone. Stable flows are indicated by solid lines, unstable flows by dashed lines. Thus, over the range
of a where the known flow is stable, * is zero, and the stable known flow is represented along the
abscissa by a solid line. The known flow becomes unstable for all values of a larger than ac, as the
dashed line along the abscissa indicates. New mean flows bifurcate from a = ac either supercritically
or subcritically.

At a supercritical bifurcation (Fig. 7a), as the parameter a is increased just beyond the critical
point ac, the bifurcation flow that replaces the unstable known flow can differ only infinitesimally from
it. The bifurcation flow breaks the symmetry of the known flow, adopting a form of lesser symmetry in
which dissipative structures arise to absorb just the amount of excess available energy that the more sym-
metrical known flow no longer was able to absorb. Because the bifurcation flow initially departs only
infinitesimally from the unstable known flow, the structural stability of the surface shear-stress ini-
tially is unaffected. However, as a continues to increase beyond ac the bifurcation flow departs sig-
nificantly from the unstable known flow and begins to affect the structural stability of the surface shear
stress. Ultimately a value of a is reached at which the surface shear stress becomes structurally un-
stable, evidenced either by one of the elementary singular points of its map becoming a singular point of



_-

(odd) multiple order or by the appearance of a new singular point of (even) multiple order. An additional
infinitesimal increase in the parameter a results in the splitting of the singular point of multiple
order into an equal number of elementary singular points. Thus there emerges a new structurally stable
map of the surface shear-stress vector and a new external flow from which additional flows ultimately will
bifurcate with further increases of the parameter.

At a subcritical bifurcation (Fig. 7b), when the parameter is increased just beyond the critical
point ac, there are no adjacent bifurcation flows that differ only infinitesimally from the unstable
known flow. Here, there must be a finite jump to a new branch of flows that may represent a radical
change in the topological structure of the external flow and perhaps in the map of the surface shear-
stress vector as well. Further, with on the new branch, when a is decreased just below ac, the
flow does not return to the original stable known flow. Only when a is decreased far enough below ac
to pass a (Fig. 7b) is the stable known flow recovered. Thus, subcritical bifurcation always implies
that the bfurcation flows will exhibit hysteresis effects.

This completes a framework of terms and notions that should suffice to describe how the structural
forms of three-dimensional separated flows originate and succeed each other. The following section is
devoted to illustrations of the use of this framework in two examples involving supercritical and sub-
critical bifurcations.

10. SUPERCRITICAL AND SUBCRITICAL BIFURCATIONS

10.1 Blunt Body of Revolution at Angle of Attack

Let us first consider how a separated flow may originate on a slender round-nosed body of revolution,
as one of the main parameters of the problem, angle of attack, is increased from zero in increments. We
adopt this example to illustrate a sequence of events in which supercritical bifurcation is the agent
leading to the formation of large-scale dissipative structures.

At zero angle of attack (Fig. 8a) the flow is everywhere attached. All skin-friction lines originate
at the nodal point of attachment at the nose and, for a sufficiently smooth slender body, disappear into
a nodal point of separation at the tail. The relevant topological rule, Eq. (6), is satisfied in the
simplest possible way (N - 2, S = 0).

At a very small angle of attack (Fig. 8b) the topological structure of the pattern of skin-friction
lines remains unaltered. All skin-friction lines again originate at a nodal point of attachment and dis-
appear into a nodal point of separation. However, the favorable circumferential pressure gradient drives
the skin-friction lines leeward where they tend to converge on the skin-friction line running along the
leeward ray. Emanating from a node rather than a saddle point and being a line onto which other skin-
friction lines converge, this particular line qualifies as a local line of separation according to our
definition. The flow in the vicinity of the local line of separation provides a rather innocuous form of
local flow separation, typical of the flows leaving surfaces near the symmetry planes of wakes.

As the angle of attack is increased further, a critical angle ac is reached just beyond which the
external flow becomes locally unstable. Coming into play here is the well-known susceptibility of
inflexional boundary-layer velocity profiles to instability (Refs. 27-29). The inflexional profiles
develop on crossflow planes that are slightly inclined from the plane normal to the external inviscid
flow direction. Called a crossflow instability, the event is often a precursor of boundary-layer transi-
tion, typically occurring at Reynolds numbers just entering the transitional range (Refs. 30, 31).
Referring to the bifurcation diagrams of Fig. 7 and identifying the parameter a with angle of attack,
we find that the instability occurs at the critical point ac where a supercritical bifurcation
(Fig. 7a) leads to a new stable mean flow.

Within the local space influenced by the instability, the new mean flow contains an array of dissi-
pative structures. The structures, illustrated schematically in Fig. 8c, are initially of very small
scale, with spacing of the order of the boundary-layer thickness. Because they resemble an array of
streamwise vortices having axes slightly skewed from the direction of the external flow, the structures
will be called vortical structures. The representation of the structures on a crossflow plane in Fig. Bc
is intended to be merely schematic; nevertheless, the sketch satisfies the topolngical rule for stream-
lines in a crossflow plane, Eq. (8). As illustrated in the side view of Fig. 8c, the array of vortical
structures is reflected in the pattern of skin-friction lines by the appearance of a corresponding array
of alternating lines of attachment and (local) separation. Because the bifurcation is supercritical,
however, the vortical structures initially are of infinitesimal strength and cannot affect the topologi-
cal structure of the pattern of skin-friction lines. Therefore, once again, these are local lines of
separation, each of which leads to a locally separated flow that is initially of very small scale.

At Reynolds numbers typical of those at which boundary-layer transition occurs, the production of
longitudinal vortices within the rapidly skewing three-dimensional boundary layer appears on not only
blunt body shapes but on pointed configurations also. Figure 9a, for instance, shows evidence of struc-
tures on the surface of a hemisphere cylinder at an angle of attack of 190; the striations are formed by
the scouring effect of the longitudinal vortices on the sublimation material. Fig. 9b shows evidence of
the longitudinal vortices on a circular cone at an angle of attack of 50 as evidenced in an oil-flow
pattern (see also Figs. 180-182 in Peake and Tobak, Ref. 4).

Although the vortical structures are initially all very small, they are not of equal strength, being
immersed in a nonuniform crossflow. Viewed In a crossflow plane, the strength of the structures increases
from zero starting from the windward ray, reaches a maximum near halfway around, and diminishes toward
zero on the leeward ray. Recalling that the parameter * in Fig. 7 was supposed to characterize the
bifurcation flow, we find It convenient to let * designate the maximum crossflow velocity induced by the
largest of the vortical structures. Thus, with further increase ir angle of attack, I Increases accord-
ingly, as Fig. 7a indicates. Physically. * increases because the dominant vortical structure captures
the greater part of the oncoming flow feeding the structures, thereby growing while the nearby structures
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structures diminish and are drawr into the orbit of the dominant structure. Thus, as the angle of attack
increases, the number of vortical structures near the dominant structure diminishes while the dominant
structure grows rapidly. Meanwhile, with the increase in angle of attack, the flow in a region closer to
the nose becomes subject to the crossflow instability and develops an array of small vortical structures
similar to those that had developed farther downstream at a lower angle of attack. The situation is
illustrated on Fig. 8d. We believe that this description is a true representation of the type of flow
that Wang (Refs. 32, 33) has characterized as an "open separation." We note that although the dominant
vortical structure now appears to represent a full-fledged case of flow separation, the surface shear-stress vector has remained structurally stable so that, in our terms, this is still a case of a local flow

separation.

With further increase in the angle of attack, the crossflow instability in the region upstream of
the dominant vortical structure prepares the way for the forward movement of the structure and its associ-
ated local line of separation. Eventually an angle of attack is reached at which the influence of the
vortical structures is great enough to alter the structural stability of the surface shear-stress vector
in the immediate vicinity of the nose. A new (unstable) singular point of second order appears at the
origin of each of the local lines of separation. With a slight further increase in angle of attack, the
unstable singular point splits into a pair of elementary singular points -a spiral node of separation and
a saddle point. This combination produces the horn-type dividing surface described earlier (Fig. 4) and
illustrated again in Fig. 8c (see Figs. 11 and 12 in Werl6, Ref. 34). We now have a global form of flow
separation. A new stable mean flow has emerged from which additional flows ultimately will bifurcate with
further increase of the angle of attack.

10.2 Asymmetric Vortex Breakdown on Slender Wing

In contrast to supercritical bifurcations, which are normally benign events, beginning as they must
with the appearance of only infinitesimal dissipative structures, subcritical bifurcations may be drastic
events, involving sudden and dramatic changes in flow structure. Although we are only beginning to
appreciate the role of bifurcations in the study of separated flows, we can anticipate that sudden large-
scale events, such as those involved in aircraft buffet and stall, will be describable in terms of sub-
critical bifurcations. Here we cite one example where it is already evident that a fluid dynamical phe-
nomenon involving a subcritical bifurcation can significantly influence the aircraft's dynamical behavior.
This is the case of asymmetric vortex breakdown which occurs with slender swept wings at high angles of
attack.

We leave aside the vexing question of the mechanisms underlying vortex breakdown itself (see Ref. 35),
as well as its topological structure, to focus on events subsequent to the breakdown of the wing's
primary vortices. Lowson (Ref. 36) noted that when a slender delta wing was slowly pitched to a suffi-
ciently large angle of attack with sideslip angle held fixed at zero, the breakdown of the pair of
leading-edge vortices, which at lower angles had occurred symmetrically (i.e., side by side), became
asymmetric, with the position of one vortex breakdown moving closer to the wing apex than the other.
Which of the two possible asymmetric patterns was observed after any single pitch-up was probabilistic.
Once established, however, the relative positions of the two vortex breakdowns would persist over the
wing, even as the angle of attack was reduced to values at which the breakdowns had occurred initially
downstream of the wing trailing edge. After identifying terms, we show that these observations are per-
fectly compatible with our previous description of a subcritical bifurcation (Fig. 7b).

Let us denote by 6c the difference between the chordwise positions of the left-hand and right-hand
vortex breakdowns and let Ac be positive when the left-hand breakdown position is the closer of the two
to the wing apex. Referring now to the subcritical bifurcation diagram in Fig. 7b, we identify the
bifurcation parameter * with Ac and the parameter a with angle of attack. We see that, in
accordance with observations, there is a range of a, a < ac, in which the vortex breakdown positions can
coexist side by side, a stable state represented by IAc = 0. At the critical angle of attack ac, the
breakdowns can no longer sustain themselves side by side, so that for a > ac the previously defined
stable state aAc = 0 is no longer stable. Immediately beyond a - c there are no adjacent bifurca-
tion flows, and Aci must jump to a distant branch of stable flows; this represents the sudden shift
forward of one of the vortex breakdown positions. Further, with AcI on the new branch, as the angle
of attack is reduced Jaci does not return to zero at ac but only after a has passed a smaller value
ao. All of this is in accordance with observations (Ref. 36). At any angle of attack at which Jacl
can be nonzero under symmetric boundary conditions, the variation of 6c with sideslip or roll angle
must necessarily be hysteretic. This also has been demonstrated experimentally (Ref. 32). Further,
since Ac must be directly proportional to the rolling moment, the consequent hysteretic behavior of the
rolling moment with sideslip or roll angle makes the aircraft susceptible to the dynamical phenomenon of
wing-rock (Ref. 38).

11. CONCLUSION

Holding strictly to the notion that patterns of skin-friction lines and external streamlines above
bodies at angle of attack reflect the properties of continuous vector fields enables us to characterize
the patterns on the surface and on particular projections of the flow (the crossflow plane, for example)
by a restricted number of singular points (nodes, saddle points, and spiral nodes). It is useful to
consider the restricted number of singular points, and the topological rules that they obey, as compo-
nents of an organizing principle: a flow grammar whose finite number of elements can be combined in
myriad ways to describe, understand, and connect the properties common to all steady, three-dimensional,
viscous, separated flows. Introducing a distinction between local and global properties of the flow
resolves an ambiguity in the proper definition of a three-dimensional separated flow. Adopting the
notions of topoloqical structure, structural stability and bifurcation gives us a framework In which to
describe how three-dimensional separated flows originate on bodies and how they succeed each other as the
relevant parameters of the problem, for example, angle of attack, are varied.
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SUBLIMATION MATERIAL

(a) Subl imation material on hemisphere-cyl inder at a 1 9o, M 1 1.2,
RL 4.9 x106, L 7.50D, D 2.6 in.

(b) Oil-film Stu dy on a 10* semi-angle cone at = S, M_ 7.4,
R L_ 3 106, T Tr 10501K (Ref., 30).

Figure 9. Evidence of streamwbise vortices on blunt and sharp configurations
at angle of attack.



THREE-DIMENSIONAL FLOWS ABOUT SIMPLE COMPONENTS AT
ANGLE OF ATTACK

David J. Peake and Murray Tobak
Ames Research Center, Moffett Field, California 94035

SUMMARY

The structures of three-dimensional separated flows about some chosen aerodynamic components at angle
of attack are synthesized, holding strictly to the notion that streamlines in the external flow (viscous
plus inviscid) and skin-friction lines on the body surface may be considered as trajectories having proper-
ties consistent with those of continuous vector fields. Singular points in the fields are of limited
number and are classified as simple nodes and saddles. Analogous flow structures at high angles of attack
about blunt and pointed bodies, straight and swept wings, etc., are discussed, highlighting the formation
of spiral nodes (foci) in the pattern of the skin-friction lines. How local and global three-dimensional
separation lines originate and form is addressed, and the characteristics of both symmetric and asymmetric
leeward wakes are described.

1. INTRODUCTION

Invoking our previously introduced notions (Ref. 1) of topological structure, structural stability,
and local and global lines of separation, we shall attempt to demonstrate how these assist us in deducing
the complex patterns of skin-friction lines and external-flow streamlines about simple aerodynamic com-
ponents 

0 t angle of attack. The components may be considered typical of those used in aeronautical appli-
cations. They include blunt and pointed bodies, and straight, swept, and slender wings. Initially,
however, we shall take the case of a simple hemisphere-cylinder, immersed in a Mach 1.2 free stream at
constant Reynolds number (R = 4 9 x 10 ), and increase the angle of attack a in stages in the range
0' - a < 32.50. We shall s6 that the types of singular points with their accompanying characteristic
developments of local and global separation zones, and the progressive changes in the patterns as the
angle of attack increases, will form a useful foundation for understanding the flow fields about the other
flow components discussed in subsequent sections.

2. HEMISPHERE-CYLINDER

Oil-flow patterns indicative of the development of the skin-friction lines on the hemisphere-
cylinder are illustrated in Figs. la to li as angle of attack is increased progressively from axisymmetric
conditions (a = 0*) to a = 32.5'. Figure 2 portrays the conceptual patterns of singular points associ-
ated with the skin-friction lines (and streamline projections in some chosen crossflow planes) that have
been synthesized from the oil-flow patterns in Fig. I and laser vapor-screen crossflow visualization shown
in Figs. 3 and 4. To assist the reader, Fig. 3 shows the experimental setup of the expanded laser beam
(see Ref. 2) that cuts the body at x/D - 6.5 perpendicular to its axis. Flow is from right to left, so
that the photographs in both Figs. 3 and 4 display views looking toward the back of the body on the star-
board side.

Figures la and 2a portray the axisymmetric skin-friction line pattern about the hemisphere-cylinder at
M. - 1.2. All skin-friction lines originate at the nodal singular point of attachment at the nose (the
stagnation point) and stop at a singular line of separation around the body just downstream of the junction
between the hemisphere and the cylinder. The stream surface departing from the separation line reattaches
at the singular line of attachment situated a short distance farther downstream, to form a closed separa-
tion bubble. A parallel pattern of skin-friction lines emerges from the reattachment line in both the
upstream and downstream directions. Under the present experimental conditions, the wedges in the oil-flow
pattern on the cylinder (see Fig. ]a) indicate that the axisymmetric separation and reattachment are
laminar, with transition to turbulence occurring downstream shortly thereafter. The downstream-directed
skin-friction lines, for a sufficiently smooth and slender afterbody, will disappear Into a nodal point of
separation at the tail, satisfying the relevant topological rule for a closed-body surface that the sum of
the nodes on the surface must always exceed the number of saddle points by two. Here, of course, we have
only the nodes of attachment and separation and no saddle points. Figure 3 illustrates the axisymmetric
boundary-layer growth In the vapor screen at x/D = 6.5, with the bounding shock wave surrounding the body
cross section.

When the angle of attack is increased to a small value, say 10, we expect to find the puttern of skin-
friction lines drawn conceptually In Fig. 2b. The slightest departure from axisymmetry causes the skin-
friction line pattern to pass through a structural instability: the axisymmetric singular separation and
reattachment lines disappear and are replaced by saddle and nodal points of attachment on the windward ray.
and nodal and saddle points of separation on the leeward ray. There is a characteristic dividing surface
in the flow that is anchored on the leeward ray and that emanates from the nodal point of separation, NS.
We note that streamlines on this dividing surface In the meridian plane have all entered the fluid through
the saddle point of separation, Sl, in the pattern of skin-friction lines along the leeward ray. At this
small angle of attack, the dividing surface will grow very slowly with progression downstream as the
adjacent boundary layers converge very slowly toward the leeward ray. The existence of this dividing sur-
face stemming from a combination of nodal and saddle points of separation on the leeward ray will be
clearly evident as a dark line in the leeward meridian plane in the vapor-screen photographs at elevated
angles of attack. In fact, it is through our description of the dividing surface that we are able to
explain the presence of this obvious feature of the vapor-screen photographs (see Fig. 4).
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When the angle of attack is increased to 3.5* (Figs. lb and 2c) the pattern of skin-friction lines
undergoes another structural change. The lines of separation emanating from the saddle point on the wind-
ward ray terminate in spiral nodes just short of the leeward ray. The simultaneous appearance of a pair
of saddle points on either side of the nodal point of separation on the leeward ray maintains the differ-
ential between nodes and saddles required by the topological rule. Figure 5b of the previous lecture
illustrates the form of the dividing surfaces that typically emanate into the external flow from this com-
bination of surface-flow topology.

Increasing the angle of attack to 50 (Figs. lc and 2d) provides us with a topology at the front of the
body that is similar to that at 3.5*, but toward the end of the body the skin-friction lines, all emanating
from the nodal point of attachment on the windward ray, show indications of converging toward primary
separation zones that will produce primary vortices. The enhanced thickening of the viscous flow along the
leeward is shown in Fig. 4a. At 6.5' (Fig. Id), we have, in addition, certain evidence of the phenomenon
of instability in the crossflow velocity profiles just downstream of the hemispherical cap. There are fine
striations in the oil-flow pattern superimposed over the regular pattern of skin-friction lines, lending
credence to the proposal that the laminar boundary layer has undergone a supercritical bifurcation (such as
that described in the previous lecture), resulting in the appearance of an array of small-scale vortices
within the boundary layer.

Continuing to increase the angle of attack toward 100 (Figs. le, 2e, 4b) causes the singular points
on the windward ray to come together and to eventually disappear. Meanwhile, additional singular points
appear on the leeward. At the precise angle(s) of attack at which the singular points disappear and
appear, we pass through new structural instabilities in the skin-friction line pattern. We also detect
another particular line in the skin-friction line pattern, situated between the primary separation line
and the leeward ray, toward which adjacent boundary-layer material is also converging - the so-called
secondary separation line. The stream surface from this line coils up as a secondary vortex that is of
opposite rotation to and is tucked beneath the prim-y vortex. Now with the disappearance of the windward
saddle and nodal points of attachment, the entire pattern of skin-friction lines on the body surface all
stem from the nodal point of attachment at the nose. Thus, referring to Fig. 2e, in our classification
according to the mathematical notions of topological structure and structural stability, the primary
separation lines are local ones and the secondary separation lines stemming from the leeward saddle points,
S4 and S5, are global separations. Note now, however, that the eruptions from the spiral nodes will key
the roll-up of the secondary vortices, so that the single dividing surface growing from the leeward ray
appears as a thin shadow with no evidence of the "mushroom" or "T-shape" that we proposed at a = 3.50
(see Fig. 4b). The single dividing surface will continue to grow until the primary vortices induce a down-
ward component of flow velocity along the leeward meridian. Thereafter, the height of this leeward divid-
ing surface will diminish.

As angle of attack increases still further to 150 (Figs. If, 2e, 4c) the character of the flow remains
the same, but the streaks near the nose cap caused by the crossflow instability are even more noticeable.
Close to . = 19', however (Figs. 1g, 2f, 4d), the skin-friction line pattern entertains two additional
structural instabilities, whereupon we now see evidence of two additional pairs of spiral nodes that have
formed very close to the join-line between the hemispherical cap and the cylinder. Figure 2f illustrates
the substantial increase in the overall number of singular points in order to incorporate these two addi-
tional pairs of spiral nodes. The intricacies in the patterns are especially interesting; they have been
studied previously by Hsieh (Ref. 3) and Hsieh and Wang (Ref. 4), and more recently by Hsieh (Ref. 5) in
an attempt to refine the computational scheme proposed for the flow field by Pulliam and Steger (Ref. 6).
In those papers, details of how the spiral nodes combine with other singular points in the pattern of skin-
friction lines on the leeward foreparts of the body have been especially elusive. The description advanced
herein from our own experimental results updates that offered by Peake and Tobak (Ref. 7) and by Tobak and
Peake (Ref. 8) from oil-flow pictures kindly supplied by T. Hsieh. As we have seen, recognizing the
existence of a nodal point of separation on the leeward ray accounts for an essential feature of the flow
structure. Nevertheless, the downward induction effect of the primary vortices along the leeward ray is
particularly significant, so much so that the single dividing surface along the leeward ray has reduced
substantially in extent by the time the given laser vapor-screen crossflow image is reached along the body
(Fig. 4d). As we see in the range 00 , a < 19', there is no evidence that the eruptions from the spiral
nodes appear in the crossflow plane, unlike the flow fields viewed by Jorgensen (Ref. 9) about tapered
blunt-nosed bodies.

The characteristic dividing surface in the external flow formed from the combination of an adjacent
saddle point and a spiral node (see also Fig. 4 in the preceding paper) has been termed a "horn-type"
dividing surface by Legendre (Ref. 10). The patterns in Figs. 2b to 2f are drawn on the assumption that
there is no mechanism available to alter the already existent nodal and saddle singular points of separa-
tion on the leeward ray - this extends to higher angles of attack also - and that these may then be coupled
to the spiral nodes via additional singular points. The summation of nodes and saddles on the surface must
always differ by two; this rule is obeyed if we take the simplest conjectural case that all skin-friction
lines disappear into a node of separation at the tail. Any elaboration of this one node of separation into
an appropriate array of singular points to cap off the separation lines obviously can be introduced as
required.

Our next pictures of the skin-friction line pattern at a = 27.5' (Figs. lh and 2g) show the develop-
mert of spiral nodes close to the commencement of the primary and secondary separation lines. Structural
instabilities have again occurred in the skin-friction line patterns, and now we see that both primary and
secondary separations are of the global type, each starting at a saddle point.

The final photographs in Fig. 1i at a - 32.5' evidence additional considerable complexity. It
appears that relatively strong shock waves in the leeward crossflow are causing a significant predisposi-
tion of the primary separation line to split into a series of saddle points and spiral nodes along its
initial length. Ripples in the skin-friction-lIne pattern to the leeward of the primary separation line
are further indicative of shocks In the leeward crossflow. Moreover, we detect additional spiral nodes
forming on the hemisphere cap itself.



2-3

Thus, in the sequence of changing a from 0' to 32.50 for the hemisphere-cylinder in transonic flow,
where the shock-wave/boundary-layer interactions are evidently very complex, we have conjectured at least
six separate structural instabilities in the skin-friction-line map to herald new topological structures in
the surface pattern and in the external viscous/inviscid flow field. In addition, we have been able to
discern on the basis of experimental evidence that these changes were accompanied by at least one asymp-
totic instability of the external flow, leading to a bifurcation flow. This was when the evidence sug-
gested that the crossflow instability mechanism had led to the appearance of an array of streamwise
vortices in the boundary layer (see Fig. 9 in the previous paper). We note that the concept of bifurca-
tion - one flow replacing another flow that has become unstable - is principally a theoretical one; it is
exceedingly difficult in practice to confirm that there is a flow other than the one obseried that could
exist in the absence of pertutbdtions. It may be necessary to await the further development of theory
based on the equations governing these flows before we can deduce the specific role played by bifurcations
in determining the observed sequence of topological structures. We have also seen the particular develop-
ments of local and global lines of 3-D separation. Let us now look at some additional examples in which
the formation of spiral nodes on other configurations substantially influences the flow-field structure.

3. RECTANGULAR WING: ASPECT RATIO 0.25

For the hemisphere-cylinder, the existence of a two-dimensional separation bubble at a = 0' allowed
us to deduce easily how the singular separation and reattachment skin-friction lines were transformed into
singular points as a result of the three-dimensional effects introduced by a small angle of attack. We
saw that the favorable transverse pressure gradient from windward to leeward created conditions for the
appearance of a nodal point of separation on the leeward ray. We can follow this approach to some extent
with the rectangular wing as well by focusing our attention on the flow near the leeward centerltne of the
wing. In contrast with the previous flow, near the leading edge the transverse pressure gradient is
favorable from leeward to windward and, as a consequence, we shall detect a saddle point of separation on
the wing centerline. As an example of this behavior, Wickens' 1966 investigation of a low-aspect-ratio
rectangular wing (Ref. 11) is such a case.

The oil-flow patterns taken by Wickens were on the leeward surface of a low-aspect-ratio (0.25)
rectangular wing at an angle of attack of 200 (Fig. 5). This investigation was carried out in a low-speed
wind tunnel, and we assume that the flow was laminar, at least on the forepart of the wing. Figure 6a is
a deduction from Fig. 5 of the corresponding pattern of skin-friction lines; it represents the 3-D end-
product of what had been, at very much lower angles of attack, a nominally two-dimensional separation
bubble on the wing topside close to the leading edge. We see in Fig. 6a four spiral nodes, one nodal point
of attachment, and five saddle points on the leeward surface, and that the windward surface must contain
one nodal point of attachment (the stagnation point). Each of the five saddle points on the leeward sur-
face separates the flows from adjacent pairs of nodes, a necessity in the buildup of the skin-friction-line
topology (Ref. 12). Springing from the saddle points are dividing surfaces, the forms of which we attempt
to portray in Fig. 6b. On each side of the centerline, we suppose that the primary separation consists of
the dividing surface, which runs into the spiral node nearest the edge of the wing, taking the form of the
"horn-type" dividing surface described previously by Legendre (Ref. 10).

Particularly noteworthy is the other spiral-node/saddle-point combination nearer the centerline of the
wing. We see from Wickens' pressure measurements at a = 200 in Fig. 6d that there is a favorable
pressure gradient from the wing centerline outboard toward the tip, supporting the argument for a saddle
point on the topside wing centerline and a direction toward the tip of the local skin-friction lines.
Note that in the case of the hemisphere-cylinder, the direction of the skin-friction lines around the fore-
part of the body was toward the leeward ray, and, that in contrast, we saw the emergence of a nodal point
of separation there. Farther outboard in the present example (but inboard of the tip region) the combined
effect of the spanwise and chordwise pressure gradients is to turn downstream the dividing surface origi-
nating at the centerline saddle point, and to wind it up into a spiral node. Emanating from the node into
the flow is an isolated vortex filament which passes downstream, perhaps very close to the surface.

4. RECTANGULAR WING: ASPECT RATIO 3.5

We now extend the aspect ratio of the rectangular wing to 3.5 and examine the results of Winkelmann
and Barlow (Ref. 13). Figure 7 shows one particular example (at a z 230) of many low-speed flows investi-
gated by these authors. Figure 7a illustrates the surface oil-flow picture of the wing topside with some
slight "run-down" of the oil toward the trailing edge, a result of stopping the wind tunnel. Nevertheless
the essential features of the skin-friction-line pattern can be read from Fig. 7a; they are shown in
Fig. 7b. The skin-friction-line trajectories that were evident in the Wickens flow in Fig. 6 appear in
analogous form very close to the leading edge of the present example. Downstream of the flow reattachment
at the node N on the centerline; however, we find another saddle point of separation, the separation
line from which terminates in a pair of large spiral nodes covering an extensive area of the wing. The
wing-tip line of separation shown in Fig. 6a in the Wickens flow is now situated inboard in the Winkelmann
flow, and winds up into the large spiral node. By our definition, all separation lines starting from
saddle points of separation are global separation lines. Notice now, however, that the separation line at
the wing tip, providing the wing-tip vortex, originates from the attachment node on the underside center-
line and is hence, again by definition, a local line of separation. This local line of separation termi-
nates in another spiral node close to the trailing-edge tip.

We should comment that the external viscous/inviscid flow away from the wing surface is usually quite
unsteady for angles of attack of the order of 230, which is past the point of maximum lift coefficient.
The oil pattern is essentially responsive to only very low frequencies and thus provides a time-mean of the
instantaneous skin-friction-line pattern. The view of the external flow along the centerline of the wing
must be construed similarly.



2-4

S. HIGH-ASPECT-RATIO SWEPT WING OF TRANSPORT AIRCRAFT

The next example we wish to comment on is a high-aspect-ratio swept wing immersed in a high subsonic
speed environment close to the angle of attack at which buffet onset occurs Fig. 8). A substantial
pressure rise through a relatively strong swept shock wave on the wing topside dominates the flow-field
development over almost the entire semispan, causing a swept 3-0 separation line (see Fig. 8a). Toward the
root, the single shock-wave structure would appear to split into the well-known lambda form, with a fairly
strong forward leg and a weak aft-shock, Close to the shock-wave triple point, we detect a large spiral
node in the pattern of skin-frictlon lines in conjunction with a saddle point of separation and a nodal
point of separation.

An examination of the oil-flow picture in Fig. 8a and the conceptual skin-friction-line pattern in
Fig. 8b for this swept-wing example demonstrates the close analogy with the combination of singular points
(node of separation/saddle point/spiral node of separation) that exists on the top of the hemisphere in
Fig. 1.

6. SLENDER DELTA WING

About the simplest of all cases of 3-0 separation is the flow field about a slender delta wing at
angle of attack (Figs. 9, 10). It is well known that the characteristic feature of this flow is the
appearance cf free-shear layers that coil tightly around dividing surfaces of separation springing from
the leading edges. Figures g and 10 show, respectively, typical patterns of limiting streamlines and skin-
friction lines on the top surface of a delta wing with a 15

° 
semiapex angle, at M, = 0 (Fig. 9) and 1.95

(Fig. 10). We see at a 
= 

25' for this wing the existence of primary and secondary separation lines at
both Mach numbers, giving rise to primary, secondary, and possibly tertiary vortices. Beneath the cores
of the primary vortices, the wing experiences peak suction pressures. However, the origin of the dividing
surfaces and their detailed behavior in the vicinity of the apex remains conjectural. On the theoretical
side, the difficulty is associated with the presence of sharp edges which violate ideas about analyticity;
on the experimental side, the difficulty is associated simply with insufficient powers of visual or
instrumental resolution.

Theoreticians have attacked the problem by focusing on a small region of the apex and magnifying the
scale to a degree such that the edges there appear to be rounded enough to dispose of the question of
analyticity. Then it is reasonable to assume that just as for smooth round-nosed bodies, the flow in the
vicinity of the apex must be describable within the framework of rules governing the behavior of singular
points. The assumption is not sufficiently exclusive to enable the determination of a unique flow pattern
but only a number of physically plausible ones. For example, if we restrict ourselves to the low-angle-of-
attack case in which a primary separation line exists, we may have only a simple node of attachment on the
apex resulting in local lines of separation on the wing. Presuming the sequential flow development around
the apex to follow the case of a blunt-body flow already discussed in the previous paper, then as the angle
of attack is raised at sufficiently high Reynolds number, we will expect the apex flow to bifurcate from a
uniform attached flow to a flow with tiny streamwise vortices immersed within the boundary layer which will
subsequently coalesce to form the primary separation. That such streamwise vortices, resulting from, in
this case, instability of the crossflow velocity profiles near the leading edge, can exist on a slender
wing is evident in Fig. 11, for example. At higher angles of attack, it is reasonable that the array of
singular points proposed by Legendre (Ref. 16) or Lighthill (Ref. 12) (see Fig. 12) may also be candidate
topologies on the apex. Note that when effects of the base become dominant as angle of attack becomes
very large, substantial spiral nodes may form on the rear surface of the delta wing (see Fig. 13). Whether
the leading-edge shape of the slender wing is traight, of ogival form, or of ogee form, qualitatively
(i.e., from the topological standpoint) the skin-friction line patterns and the external flow streamlines
are virtually identical for the three forms.

We now wish to demonstrate the benefit of combining a slender-wing type flow with that about a small-

aspect-ratio swept-back wing under transonic conditions where, utilizing our topological notions, we are
able to deduce the flow-field structure from some experimental results, the oil-flow picture from which is
not totally definite.

7. LOW-ASPECT-RATIO SWEPT WING OF FIGHTER AIRCRAFT

The large leading-edge extension or strake offers the advantage that induced lift provided by the
vortices from the sharp edges can be used to extend the combat-maneuvering capabilities of a fighter air-
craft, particularly in transonic flow. Improvements in lift boundary and reductions in rolling moment
unsteadiness and root-mean-square wing-root bending moments can be realized as a result of the drastic
alteration of the wing-root flow caused by addition of the strake (see Figs. 14a to 14d). KOchemann
(Ref. 18) has suggested that the strake vortex avoids the necessity for the formation of the usual forward
branch of the wing-shock pattern by providing a "soft" boundary for the flow turning inboard over the lead-
ing edge, instead of the "stiff" boundary given by the fuselage side.

Figure 14a Illustrates some experimental measurements reported by Moss (Ref. 19) of contours of
constant pitot pressure and vorticity behind a straked wing at angle of attack. Figure 14b shows a sketch
(Moss, Ref. 19) of the oil-flow pattern on the top wing surface at a slightly lower angle of attack than
that at which the contours were taken, but, nevertheless, where the same overall qualitative flow features
hold. These experimental observations, taken together, allow us to synthesize patterns of skin-friction
lines (Fig. 14c) and external flow streamlines (Fig. 14d) that although still conjectural, offer a rational
description of the complex separation phenomena.

Clearly, the effect of the strake Is to split the wing flow field into two regions, each with a
dominant vortical structure, of the same rotational sense. The strake modifies the wing-root flow to one
of a slender-wing-type flow, with both primary and secondary vortices. Further outboard, the termination
of the separation line beneath the strong shock wave near the leading edge Is considered to be at a spiral



node Nl on the wing surface, of counter-rotating direction to the larger spiral node N2, shown in Moss'
sketch (Fig. 14b). These spiral nodes produce a T-shaped pattern of vortical structures in the crossflow
which are clearly evident in the wake traverse plane showing vorticity contours (Fig. 14a) downstream of
the trailing edge. (Note the wing downwash field has moved the rotational flow from these spiral nodes
below the level of the trailing edge in Fig. 14a.) At the junction of the wing trailing edge with the
fuselage, we may infer the likelihood of another spiral node (see Fig. 14d of Peake and Tobak, Ref. 7).
The respective topological rules for the surface skin-friction line pattern on Fig. 14c and for the cross-
flow plot in Fig. 14d are satisfied, as shown on the illustrations. Again we should be cognizant of the
spiral-node/saddle-point formations in both the pattern of skin-friction lines and in the crossflow
pattern, in direct analogy with those formations witnessed on the hemisphere-cylinder at angle of attack.

8. CIRCULAR CONE

Next to the flow about a lifting slender delta wing, the flow about a slender cone at angle of attack
is the simplest 3-0 flow field that may be envisaged. The cone, moreover, is a common forebody shape used
in the design of supersonic flight vehicles. If viscosity is neglected, the flow field about the cone in
a supersonic free stream has the unique property that no changes in flow quantities occur along rays
(i.e., in direction r) emanating from the cone apex. The stream surfaces projected on to concentric
spheres centered at the apex (called conical flow streamlines) are then similar. In practice, experi-
menters have demonstrated that many features of the viscous/inviscid interacting flow field - such as bow
shock-wave locations, circumferential pressure distributions, normal force coefficients, circumferential
positions of separation lines, and surface shear-stress directions - are conical or nearly so. The growth
of a laminar viscous layer cannot be conical, because it develop% according to rO.

5
. In a fully turbu-

lent flow, the exponent of r is nearer unity, implying a flow field very close to conical conditions.

When the Reynolds number is sufficiently high so that transition occurs in proximity to the apex, the
near-conical nature of the experimentally measured flow demonstrates a virtual absence of length effects

in the streamwise direction: the flow is dominated completely by the circumferential pressure field
(Refs. 20-23). Thus, the characteristics of these flow fields can be determined through measurement or by
computation at essentially one streamwise station. In fully turbulent and fully laminar subsonic free-
stream flow, even though base and thickness effects become measurable, the circumferentiai pressure
gradients still dominate, to the extent that virtual conicity of the separation lines and shear-stress
directions is still maintained. Then, because the effects of axial pressure gradients are subsidiary to
those of circumferential pressure gradients on most other slender pointed forebody shapes, we may use the
cone as a suitable model to obtain a basic understanding of forebody flows.

9. SYMMETRIC THREE-DIMENSIONAL SEPARATED FLOWS ON THE LEEWARD OF CONES

About the cone, the three-dimensional separation zone may be precipitated at circumferential angles
0 of 120' or greater (measured from the windward ray), depending on relative incidence (angle of attack
a divided by cone semi-nose angle o ), Mach number, and Reynolds number (see Fig. 63 in Peake and Tobak,
Ref. 7). Provided that the viscous f~ow is either all laminar or completely turbulent from the apex, the
windward boundary layers separate from primary separation lines that are along conical rays, rolling up
into well-organized vortex structures situated close to the leeward meridian. The new leeward boundary
layers grow outboard on each side of the leeward meridian by the induced swirling motion of the primary
vortices. At sufficiently high angles of attack, they also separate from additional conical separation
lines to form small secondary vortices that are tucked beneath and are of opposite rotation to the primary
vortices. Whether, for a sharp apex, the separation lines (which are particular skin-friction lines)
emanate from either the nodal point of attachment at the apex, or from saddle points very close to the
nose in the continuous pattern of skin-friction lines, has not been resolved (see Sec. 6). Nevertheless,
sequences of plausible skin-friction line patterns with saddle singular points in the vicinity of the nose
as angle of attack is increased may be drawn (see, e.g., Peake and Tobak, Ref. 7).

The structure of the synmetric separated flow about a slender cone at angle of attack with both
primary and secondary vortices on the leeward has been well established in experiments (e.g., Rainbird,
Refs. 20, 21) and computations (e.g., McRae et al., Ref. 24) and is illustrated in Fig. 15. This drawing
shows a conical flow projection with the zero velocity points (i.e., singular points in this projection)
that govern the pattern of the conical-flow streamlines. Note that the topology law for the conical flow
projection is satisfied (see Eq. (10) in our previous paper). The shear layers departing from the surface
at the three-dimensional separation lines are depicted by their dividing surfaces starting at half-saddle
points, S', and coiling into vortices, the nodal foci N. The remaining half-saddle points S' denote
attachments to the surface in this projection. Above the primary vortices in the plane of the leeward
meridian is an enclosing saddle point S and a node N. This node is the point in the conical flow pro-
jection where most of the conical streamlines in the external flow "disappear." In the three-dimensiunal
flow, of course, all flow at such singular points is concentrated along a conical ray.

Figure 15 presents the conceptual model of the flow field that has been investigated in flight and in
the wind tunnel. The experiments (Ref. 23) proceeded under subsonic and supersonic free-stream conditions
(M = 0.6, 1.5, and 1.8) and at an angle of attack of I

° 
(relative 

4
ncidence of 2.2). The same sharp 5*

semi-angle cone and instrumentation were used both In flight and in the wind tunnel (see Fig. 16).
Numerical computations were run for the Mach number 1.5 and 1.8 conditions, with a code utilizing the
conically sywmetric Navier-Stoket equations (Ref. 24). Details of the cone surface conditions beneath the
turbulent viscous flow are presented at Reynolds numbers of typically 4 x l06 for the wind-tunnel measure-
ments and 10 % 106 for the flight measurements; they are compared with computations. These Reynolds
numbers are based on free-stream conditions and on a 30-in. (76.2 cm) axial length to the first measuring
station on the cone surface.

.....
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9.1 Mean Static Pressures at the Cone Surface

Figures 17 ans 18 illustrate circumferential static pressure distributions on the cone surface at the
test Mach numbers of 1.8 and 1.5. The pressures are shown for the station 30 in. (76.2 cm) from the cone
apex, with the outputs from four orifices at 900 intervals around the surface plotted in the same figure
(Fig. 17). In addition, measurements are also provided at x = 31, 33, and 35 in. (78.7, 83.8, and 88.9 cm)
(Fig. 18). The pressure distributions displayed virtual symmetry about the meridian plane, so that only
measurements made on one side of the cone are presented.

The respective flight and wind-tunnel Mach-l.8 results at station 30 are shown in Figs. 17a and 17b.
The results are plotted as surface mean pressure coefficients versus circumferential angle Z, where the
windward generator is recognized at v = 0*

. 
The experimental results are plotted with symbols, and the

computed results are plotted with a continuous line. The flight and wind-tunnel data are in reasonable
agreement in both trend and magnitude. The high quality of the flight data is especially noteworthy: the
static pressure outputs at station 30 are virtually superimposed. However, some discrepancies appear near
the windward ray and toward the leeward ray in the zone where the primary and secondary separations exist
(t140

° 
< a , 1800). Note the suction peak close to = ±1650, which signifies the presence of the primary

vortex core above the surface.

The computation duplicates the trends in the measurements, especially on the windward side. On the
leeward, however, the numerical results provide a more positive level of pressure, although the suction
peaks beneath the vortex cores are close to the experimental locations.

Figure 18 portrays the flight circumferential pressure distributions at Mach 1.5 along the cone at
four axial stations, x = 30, 31, 33, and 35 in. (76.2, 78.7, 83.8 and 88.9 cm) from the apex. The pres-
sures along the cone are virtually invariant, confirming the near absence of length effects at supersonic
Mach numbers.

Thus, from Figs. 17 and 18 it may be deduced that up to the flank position on the cone, the boundary
layer develops from the windward ray and undergoes acceleration in a very favorable pressure gradient.
Once past 0 = l000, the viscous flow encounters a stiff adverse pressure gradient, departing from the
surface at the primary separation line, €S,. The thin boundary layer that then develops from the leeward
attachment line does so in the region of favorable pressure gradient from € = 1801 to about 1650.
Subsequently, the flow separates at 0S2. The experimental primary and secondary separation line posi-
tions marked in Figs. 17 and 18 are given from the pressure distributions obtained with the obstacle blocks
described below. These measurements of €Sl z 1420 and 0S2 z 157.5' are demonstrated to be in close
agreement at both supersonic Mach numbers; the computations, on the other hand, predict values of :, and
$2 that are marginally displaced toward the windward side.

9.2 Obstacle Block Pressures and Separation Line Position

To determine separatioi.-line positions where use of an oil indicator on the surface is inappropriate,
obstacle blocks (Refs. 25-27) may be used. These are small machined cuboids that are attached to the cone
surface abutting static pressure orifices, as shown in Fig. 19. The performance of the block is analogous
to that of a surface pitot tube, the signature from which is sufficiently sensitive to yield either a
large increase in amplitude through a transition zone (Ref. 28) or well-defined troughs at three-
dimensional separation lines (Ref. 24).

Figure 19a indicates block-pressure coefficients CPB = (Pb - Plocal)/q obtained at the four pres-
sure orifices at station 30 for the Mach 1.8 flight case. These results compared very closely with the
wind-tunnel results (see Fig. 19b). The pronounced troughs in the values of CPB close to = 140' and
1600 denote the primary and secondary separation line positions where the skin friction has a minimum but
finite value. (Only at the singular points at which the separation line begins and ends is the magnitude
of the local skin friction equal to zero in a three-dimensional viscous flow.) Note the elevated values
of CPB toward the attachment lines where the boundary layers are thin: at the windward ray, leeward ray,
and between the separation lines. In the wind-tunnel tests, the block outputs at stations 30 and 30B were
calibrated directly against Preston tubes at stations 30A and 30C with tre cone at 0* angle of attack.
The Preston-tube calibration for compressible flow developed in Bradshaw and Unsworth (Ref. 29)(with slight
modifications

l
) was used to give skin-friction magnitudes. Figure 19b indicates the corresponding skin-

friction levels obtained from the blocks at high and low point values of CPB at a = 110. Results
analogous to those at Mach 1.8 were obtained at Mach 1.5 and 0.6. The measured and predicted primary and
secondary separation line positions are shown in Figs. 17a and 17b.

Some details of the external mean flow field are captured in the Mach 1.8 computed pitot contours
shown in Fig. 20. Here, the height above the surface H is a fraction of the local radius of the cross
section. The dividing surface from the primary separation line location Sl is shown as a chain-dot
line; the locus of the inflexional zero velocity point in the crossflow velocity profiles (in the conical
projection) is ndicated as a dashed line. There is close qualitative agreement between this computed
result and previously published measurements in the external flow (Rainbird, Refs. 20, 21; Peake et al.,
Ref. 30). It shows the extensive domain of the primary vortex close to the leeward ray, with the vortical
core immediately above the circumferential angle € = 1660, exactly where the calculated suction peak
appeared in the Mach 1.8 static pressure distribution in Fig. 17.

9.3 Surface Shear-Stress Directions

The computed limiting streamline angles relative to conical rays can be compared with the experimental
surface shear-stress directions obtained by oil-dot surface flow visualization in the wind tunnel. To
provide a complete map of the wall shear-stress directions, precisely cut tracing paper was placed on the

'Private communication from P. Bradshaw.



cone surface, and oil dots were applied around the circumference at given axial stations prior to a tunnel
run. After the run, the paper was carefully unwrapped from the cone and photographe to give a flat pro-
jection. Figure 21 presents a section of one of these photographs taken for a Mach-:.8 run at 12.50 angle
of attack in the wind tunnel. This angle is higher than the 11' test condition presented thus far; the
skin-friction line map, however, is qualitatively identical at both angles of attack. The limiting flow
at the base of the three-dimensional boundary layer sweeps around the cone from the windward ray, and then
turns to approach asymptotically the primary separation line in the region of circumferential adverse
pressure gradient (Fig. 17b). The leeward boundary layer grows outboard from the leeward meridian (a line
from which the adjacent skin-friction lines diverge) to approach asymptotically the secondary separation
line. As Fig. 21 shows distinctly, there is another reattachment line between the primary and secondary
separation lines (see also Fig. 15).

The computed limiting streamline angles are drawn in Fig. 21 for a Navier-Stokes calculation equiv-
alent to the experimental conditions. The computed separation lines are shown as solid lines and reattach-
ment lines by dashed lines. The lines are repeated at the base of the cone for clarity. The agreement
between the computational results and the experiment is good.

9.4 Fluctuating Pressure Measurements on the Cone Surface

Microphone and Kulite pressure signatures were obtained at a = 11' in flight and in the wind tunnel
at the station 34 in. (86.4 cm) from the apex as the cone was rolled about its axis. All microphone and
Kulite data provided the same qualitative trends in a given test, but absolute levels did vary slightly,
perhaps as a result of minute differences in flushness of the installation of the sensors in the cone
surface.

Measurements from one microphone obtained at Mach 1.5 in the wind tunnel are shown in Fig. 22 as root-
mean-square values of the surface pressure fluctuation <p>, normalized by the free-stream mean dynamic
pressure q.. The characteristic feature of these measurements is the progressive reduction in signal
amplitude as the primary separation line oSl is approached, with a similarly low level at the secondary
separation line €$2. This feature was found at all Mach numbers and was witnessed in an earlier investi-
gation (see Peake et al., Ref. 31). The signal amplitude climbs again toward the leeward attachment line
to a level close to that on the windward ray attachment line. Not understood, however, is the reason for
the changing amplitudes in the attached flow around the flank of the core. Note that the fluctuation level
on the windward ray at a = I10 is close to that measured at a = 0*, and to the free-stream fluctuating
static pressure in the empty tunnel. The flight measurements yielded signal levels typically one order
less than in the wind tunnel, with much less relative distinction between those levels at the separation
and attachment lines.

Figure 23 shows sample wind-tunnel power-spectral density results indicating a reduced energy level at
primary separation relative to the windward and attachment-line boundary layers. When, on the other hand,
the root-mean-square pressure output is normalized by the local value of skin friction, charact ,-"ic
peaks (again see Peake et al., Ref. 31) are demonstrated at the primary and secondary separotes. I -, as
we see in Fig. 24. In other words, as separation is approached, the local skin-friction de,,e64 at a
faster rate than does the root-mean-square pressure fluctuation. We see that the "roller'zoo.r' region
around the flank in Fig. 22 does not translate into a similarly obvious region in Fig. 24; rather. therp is
a relatively smooth enhancement of (op>/Tw) in the * range 40* <€> 1200. Note that there is a notice-
able peak in the wind-tunnel spectral outputs in Fig. 23 at 1.6 kHz. This appears to be a harmonic if the
fan rotational speed, rather than a characteristic feature of the flow-separation phenomena or a discrete
tone from the slots in the tunnel working section, since the same peak was also -bserved on the 3 = 01
runs, with and without the slots sealed. Finally, the value of measuring the fluctuating pressure at the
surface of the cone has been that it provides a qualitative guide as to how the eddy viscosity distribution
should be tailored in the computation (Ref. 23). It appears that the eddy viscosity should rise and fall
in sympathy with the absolute fluctuating pressure signal.

10. SEPARATED FLOW ABOUT LONG SLENDER BODIES

- I The body of a typical missile or rocket consists of a low-drag nose shape attached to a circular
cylindrical afterbody. The afterbody is about 10 body diameters in length and has stabilizing fins or a
flare mounted close to the base end. Such long bodies are very prone to flow separation once they depart
from a zero angle of attack flight condition. To oversimplify the picture, we may regard the long
cylinder as a cone of essentially zero included angle and so for any small angle of attack, the relative
incidence is very large and separation is inevitable somewhere down the body. The typical separated flow
regimes encountered on the leeward with increasing angle of attack are (1) a symmetrical vortex wake about
the meridian plane; (2) a relatively steady asymmetric vortex wake; and (3) an unsteady diffuse vortex
wake. These regimes are illustrated (Figs. 25a-25c) in side elevation in the water-tunnel experiments of
Fiechter (Ref. 32) for a tangent-ogive cylinder up to angles of attack of about 600.

10.1 Steady Symmetric Separations

On very long pointed or blunt-nosed slender configurations, separation first occurs symmetrically with
a pair of vortices trailing back along the body. Figure 26 illustrates such body separations in side
elevation on a blunted cone-cylinder-flare model at a low relative incidence in a Mach 4 airstream. The
separations and vortex wake are recognizable in the photograph at about ?-0 body diameters behind the cone-
cylinder junction and proceed downstream on the lee of the body in a well-ordered and structured fashion
(see Fig. 25a). These symmetric vortices are virtually Identical in form in the crossflow plane at cor-
responding relative incidences, provided the crossflow is subsonic. By way of example, Fig. 27a shows the
crossflow about an ogive-cylinder at 20* angle of attack at , 0 0, made visible with dye and aluminum
particles in a water-tunnel study by Werl& (Ref. 33). The close analogy between this low-speed case and a
Mach-2 wind-tunnel result for another ogive-cylinder at 26* angle of attack (Ref. 34) is revealed in
Fig. 27b. The figure shows a composite of laser vapor-screen photographs for various crossflow planes
along the body, assembled in an isometric view. Both primary and secondary vortices are observable.
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Careful measurements of the crossflow velocity vectors and contours of constant pitot-pressure deficit
in low-speed symmetrical flow were made by Grosche (Ref. 35), as shown in Figs. 28a and 28b. The pitot
contours display evidence of both the primary and secondary separations that were seen on the cone in
Fig. 20. Note in Fig. 28c that when a wing is added to the body at the same angle of attack, there is a
substantial shift in the position of the body vortices as a result of the larger induced effects of the
controlled flow separations at the edges of the swept wing.

Some painstaking experiments on missile configurations at angle of attack were made by Boersen
(Ref. 36) to elucidate the fine details of the skin-friction line patterns. Figure 29 shows some of his
results. Figure 29a displays the local primary separation line in turbulent flow along a ec = 200
blunted cone-cylinder (without flare or fins) at a low relative incidence of 0.6, R , 10 1 106, and at
Mach 2.3. The flow is symmetrical about the meridian plane but notice (on the unwrapped surface of the
cylinder) in Fig. 29b, the gradual convergence of the skin-friction lines emanating from the clearly de-
fined windward attachment line zone, followed by the very abrupt turning into the local primary separation
line SI . The induced downflow between the primary vortices (Fig. 27a) causes a rapid divergence along
the leeward generator Al, toward the apparent beginning of local secondary separation region S2. Nat-
urally, if we maintain our hypothesis of demanding patterns of continuous skin-friction lines associated
with a limited number of singular points, the attachment and local separation lines that are very evident
in these elegant flow visualization studies of Boersen (Ref. 36) must emanate from the attachment node on
the surface at the nose. Only when the local circumferential pressure gradients become sufficiently ad-
verse do we see the rapid turning of skin-friction lines to form asymptotes to the particular skin-friction
lines that are the local primary and secondary separation lines.

Changing the forebody to a ic = 20* sharp cone (see Fig. 30a) at the same relative incidence of 0.6
(Ref. 36) produces no substantial change to either the flow symmetry or to the commencement of the 3-D
separated region, but a teftiary and even a fourth separation line are now observed on the downstream part
of the cylinder. (Again, we assume these to be local separation lines). Circumferential pressure distri-
butions at the axial stations identified in Fig. 30a are plotted in Fig. 30b, where increasing Reynolds
number is demonstrated to typically enhance the magnitude of the suction pressures, particularly those

beneath the primary vortices. Note that the windward generator is on the right-hand side of the figure,
and circumferential angle increases toward the left, the reverse notation to that used, for example, for
the cone in Fig. 18. At station 1, the circumferential pressures are still dominated by the apparent
attached viscous flow leaving the pointed conical forebody and no observable separation has developed just
downstream of the cone-cylinder juction, even though the circjmferential pressure gradient is adverse
between 1200 < < 180'. Except near the cone-cylinder junction, the axial pressure gradients are negli-
gible. Beyond the minimum pressure point at stations 2 - 5, however, close to s , 900, the circumfer-
ential adverse pressure gradient has steepened sufficiently to provoke primary separation near the flank.
At station 3, the pressure distribution is reminiscent of the cone flow in Fig. 18, with the primary and
secondary separations present (compare also the oil flows in Figs. 21 and 30c). At subsequent stations
downstream along the cylindrical afterbody, further very sharp changes in the curvature of the pressure
distributions are detected, consistent with possible embedded shock waves at positions c and d in Fig. 30c,
and the associated development of additional local separation lines at positions e and g. A tentative
sketch of the crossflow is provided in Fig. 30c, which differs in some respects from that proposed by
Boersen (Ref. 36).

These body separations have an important effect on the vehicle's static and dynamic stability. At
small relative incidences, where the separation is essentially steady and symmnetrical with respect to the
angle-of-attack plane, the ensuing body vortices produce a nonlinear contribution to the overall normal
force and pitching moment. If the fin system is not symmetrically orientated with respect to the angle-of-
attack plane, however, a cross-coupling side force, yawing moment, and rolling moment can arise, even at
small angles of attack.

Flows such as these were studied extensively in the 1950's, particularly at NASA, by Jernell (Ref. 37)
(cone cylinders and ogive cylinders, 0' < • < 180') and by Jorgensen and Nelson (Refs. 38, 39) (cylinders
with assorted nose shapes and bodies of elliptical cross section). A summary of these latter experiments
and force predictions from crossflow methods is given by Jorgensen (Ref. 40). A good understanding, in an
overall sense, has been obtained on the development of both forces and moments. An estimate, in incompres-
sible flow, of the overall forces and moments acting on a slender body of revolution without fins was
offered by Kuchemann (Ref. 41), summarizing an analysis done 20 years earlier. Vortex sheets, as plane
vertical surfaces, were assumed to exist all along the cylinder and tie vorticity vector in the sheet was
assumed to lie in a direction halfway between the direction of the free stream and the body axis. Results
of typical calculations utilizing this very simple symmetric model are shown (Fig. 31) to be in quite
reasonable agreement with experimental results.

To demonstrate the effects of nose shape, a series of tests at high Reynolds number was reported by
Peake et al. (Ref. 42) who summarized the experiments of Atraghji (Refs. 43, 44) on the characteristics of
a family of 16 pointed conical and tangent-ogives attached to cylindrical aterbodies (see Fig. 32). Each
nose could be fitted to a cylindrical afterbody length of either 6 or 12 body diameters, but there were no
stabilizing fins attached. Forces and circumferential pressures were measured, and the oil dots applied
to the surface of the models yielded the patterns of skin-friction lines. At low angles of attack (typi-
cally up to a . 30) where there was attached flow, the slope of the normal force/angle-of-attack plot,
C%, increased with Mach number and semi-nose angle, .c (see Fig. 33). The effect of overall slenderness
ratio L/D was less clear, although at M = 0.5 the trend was established of an increasing C% with
L/D. Calculations using slender body theory (Ref. 45), the USAF "Datcom" data sheets (Ref. 46), and the
method due to btnan (Ref. 47) were also performed. As a general rule, tihe theories appear to underpredict
C% at a given semi-nose angle and slenderness ratio.

In the range of angle of attack (characteristically, = 3o to 110) for the series of nose shapes
tested, three-dimensional leeward flow separation is symmetric. The Induced suction pressures from the
rolled-up shear layers generate a large nonlinear normal force component, but no side force. With the
normal force represented by a quadratic in a:
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CN = K + b, + d]

where K only removes the experimental uncertainty in the true measurement, Fig. 34 illustrates the increase
in coefficients b, and d, with both Mach number and slenderness ratio, with a significant variation in dl
at a given Mach number and slenderness ratio attributable to the semi-nose angle, v. The more slender
ogives listed in Fig. 32 (07, 09, and 011) would appear to generate a larger nonlinear lift throughout the
Mach number range and for both afterbody lengths.

Rational calculations of the symmetrical separated flow field about long slender bodies at angle of
attack are few. Development of a "Navier-Stokes" computational technique similar to that used by Pulliam
and Steger (Ref. 6) to determine the separated flow about a long blunt body at moderate angle of attack
(see discussion of the hemisphere-cylinder, Sec. 2) should be encouraged, to attain finer resolution of
the flow-field details in the vortex wake and on the surface.

10.2 Asymmetrical Separations

At relative incidences of long slender bodies higher than those just discussed, say for values typi-
cally more than 2, separations and body vortices become asymmetric but still relatively steady in space.
The result is that large side forces, yawing moments, and rolling moments are developed, especially on
fin-stabilized vehicles.

The onset of asymmetry and the initial direction of the side force are responsive to small changes in
geometry at the nose, Reynolds number, Mach number, and perturbution level of the free stream up to angles
of attack where conditions in the leeward crossflow become transonic. In addition, the maximum overall
side forces are particularly sensitive to the roll orientation of the body. As speed increases further,
the significant side forces disappear (Ref. 42). The asymmetries occur in laminar, transitional, and tur-
bulent flows. Nevertheless, the implication from recent tests by Lamont (Refs. 48, 49) with tangent-ogive
cylinders at angle of attack (at Reynolds numbers encompassing laminar, transitional, and turbulent
boundary-layer separation) is that the vortex wake is less structured in the transition domain, leadinq to
reduced side and normal forces at a given subsonic Mach number. In the fully laminar or turbulent re-
gions, on the other hand, where the organization of the flow field is well defined, the respective magni-
tudes of the side force are larger and are closely matched - see Fig. 35, in which the results for maximum
side force versus Reynolds number are plotted for a missile with a 2-D ogival nose and a 5.5-D body
(Lamont, Ref. 48).

There appear to be two candidate mechanisms that cause the development of asymmetry in the leeward
vortex wake, and hence produce side force. The first, which appears to operate in both the laminar and
fully turbulent separation regimes, may be related to the stability of the velocity profiles in the vicin-
ity of the saddle singular point that exists in crossflow planes above the projections of the body vortices.
The second may be a result of the occurrence of asymmetric transition leading to an effective asymmetric
mean flow at given body cross sections. Although the second mechanism is operable only within the transi-
tion zone, the former mechanism plays a role in both laminar and fully turbulent flow (see Ref. 48, 49).
It will be discussed further in the subsequent paper by Skow and Peake in this lecture series. Typical
asysmietrical circumferential pressure distributions are shown in Figs. 36 and 37 for laminar, turbulent,
and transitional body flows for the 2-0 ogival nose, 5.5-0 length afterbody of Lamont (Ref. 48).

In turbulent flow, certainly, it would appear that at forebody relative incidences where asymmetry
of the vortex wake commences, we are always dealing not only with separation of the primary boundary
layers that develop on each side from the windward generator, but with secondary separations of the lee-
ward boundary layer in addition. The onset of asymmetry would seem to be characterized initially by a
rapid, local movement circumferentially of one (or both) secondary separation lines followed, as angle of
attack is increased further, by circumferential movement of the primary separation lines (Refs. 42, 50).
The asymmetric skin-friction line pattern on the conical surface development shown in Fig. 38 illustrates
this latter flow situation, with "wobbly" primary and secondary separation line traces existing all along
the cone (Ref. 51). There, the free-stream Mach number is 2.94 and the relative incidence is 4.5. At
lower free-stream Mach numbers, however, the asymmetric separation lines have been found to be conical
(Ref. 30).

The asy imetric vortex wake usually develops from asymmetric separation line positions on the body, but
the latter does not appear to be a necessary condition for the former to occur. An appraisal by Keener
and Chapman (Ref. 52)) of some earlier, low-subsonic speed tests of Shanks (Ref. 53), in which forces and
moments were measured on very slender, flat-plate, delta wings (sweep angles of 70' to 840) at angle of
attack, indicates that even though the separation lines were fixed at the sharp leading edges, asymmetry
in the leading-edge vortices, as determined by the onset of significant rolling moment, occurred when the
angle of attack was about 3 to 4 times the wing semi-nose angle. This angle of attack for asymmetry is
splendidly illustrated on the vapor-screen pictures (Fig. 39) about another very slender delta wing
immersed in a Mach 2.8 flow (Ref. 54). Nonetheless, the sharp edges have a beneficial effect in delaying
the onset of asymmetry to higher relative incidences than those obtained with smooth pointed forebodies or
forebody-clinder configurations (Refs. 42, 55, 56).

Because the development of the turbulent flow structures in the three-dimensional swept separation
zones and in the tightly coiled free-shear layers is virtually unexplored, the modeling of the leeward flow
asymmetries poses severe problems. Recourse has been made, for rough predictions of the flows about mis-
sile shapes, to inviscid flow approximations of the leeward region, utilizing arrays of line vortices (see
the review by Nielsen, Ref. 57), of nonlinearities in missile behavior at high angles of attack). Alterna-
tively, the impulsively started flow analogy proposed many years ago by Allen and Perkins (Ref. 58) has
frequently been applied (Ref. 59). In this hypothesis, the development of the crossflow with distance
along an inclined body of revolution is likened to the growth with time of the two-dimensional flow past
the corresponding circular cylinder impulsively started from rest. Useful engineering formulae have cer-
tainly resulted utilizing the analogy. Nevertheless, given the complexities of the three-dimensional
boundary-layer growth, separation, and vortex development about slender bodies at angle of attack, it is
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intriguing that the impulsive-flow analogy can provide more than just qualitative details of the flow.
If we restrict ourselves to invoking the impulsive-flow analogy to provide only the overall flow structure,
the topologies of the 2-D unsteady and the 3-D steady cases appear virtually analogous (Ref. 60). If we
demand stricter correspondence between the two, there are issues for debate. For instance, the growth
of the unsteady 2-0 vortex differs essentially from that of the steady 3-D vortex in space. Kuchemann
and Weber (Ref. 61) point out that in three dimensions, fluid entering the core of the vortex can be
discharged axially, whereas in two dimensions no such escape is available. Thus, the 2-D ce must expand
continuously outward with time to accommodate all of the fluid entering the vortex. Kuche,.dnn and Weber
show further that there is only one case in inviscid flow in which the two kinds of vortices are formally
identical: where the steady three-dimensional flow is conical (so that slenderness assumptions can be
invoked); and where the unsteady flow is permitted to grow linearly with time. Hence, if the development
of the real viscous wake (in 2-D with time, and in 3-D with distance along the body) can be represented
by these respective but special inviscid approximations to vortex growth, then the impulsive-flow analogy
should be a suitable artifice under conditions of high Reynolds number.

For the missile at sufficiently high angle of attack, the asymmetric leeward flow is coupled with
asymmetries in primary (and secondary) separation line positions. An example is shown in Fig. 40 where
the asymmetric primary separation line positions on the port and starboard of a 5.80 cone-cylinder and a
13.90 ogive-cylinder, at Mach 0.6 and at identical angles of attack (18'), are plotted. The boundary
layers are turbulent. This figure demonstrates the important influence of nose shape on the asymmetry of
the flow. We detect that on the very slender conical nose, at its relative incidence of just over 3,
there is substantial flow asymmetry all along the body (solid lines in Fig. 40). In contrast, because
the less slender ogival nose is at a relative incidence of about only 1.3, the commencement of separation
there shows only slight asymmetry, with less difference in separation line positions from side to side
(dashed lines in Fig. 40).

Figure 41 illustrates the magnitude of the mean side-force coefficient Cy with respect to the
normal-force coefficient CN , as model angle of attack is increased, for the selection of nose shapes
shown in Fig. 32 with the 12-D afterbody length. Unsteady fluctuations in side-force coefficient, with
peak-to-peak amplitudes as high as tO.3 at a = 25' were measured, superimposed upon the mean Cy levels.
For angles of attack up to about 27', increasing either the semi-nose angle or the Mach number reduced the
amplitude of the side force. In fact, at M t 2 when Hc , 10', and for all configurations at M. = 3.5.
no measureable side force was obtained. Figure 42 presents the critical angle for flow asymnetry (judged
by the side force exceeding, say 5% of the normal force) plotted against the semi-nose angle 

3
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before, we confirm that the onset of flow asymmetry is delayed by increasing ec and Mach number. But
the effect of the longer afterbody is to provoke asymmetry at a lower angle of attack.

Keener et al. (Ref. 56) attempted to draw some tentative boundaries based on angle of attack and
fineness ratio between the various flow regimes that appear on the leeward of ogive-cylinder bodies in
subsonic flow. Figure 43 illustrates these zones at Mach 0.6 for nominally turbulent viscous flows. We
observe that three angle-of-attack boundaries are plotted as functions of overall fineness ratio, thus
separating the angle of attack range of 0' to 90' into the three regions of different vortex formations
that were introduced in Fig. 25. Recall that the regions are (1) regions of symmetrical steady vortices,
typically up to angles of attack of about 1.5 times the semi-nose angle in subsonic flow; (2) regions of
quasi-steady asymmetric vortex flows; and (3) at very high angles of attack, a "two-dimensional unsteady
wake-like" flow. In Fig. 42, we detected in the high Reynolds number data of Peake et al. (Ref. 42) that
the angle of attack at which the onset of asymmetric side-force development occurred was particularly
sensitive to semi-nose angle, and less dependent on afterbody length. The data in Fig. 52 have been
plotted again in Fig. 43. Along a given vertical bar representing fixed nose and afterbody fineness
ratios, we see again the dependency of onset angle on semi-nose angle. The higher Reynolds number data
of Peake et al. (Ref. 42) indicate the onset of asymmetry at lower angles of attack than the data pre-
sented by Keener et al (Ref. 56).

11. SHARP AND BLUNT CONES OF EQUILATERAL TRIANGULAR CROSS SECTION WITH ROUNDED CORNERS

There is a renewal of interest in fuselages of cross-sectional shape other than circular (see Hasel
and Kouyoumjian, Ref. 64) to investigate whether flat-sided configurations (which can be more volume pro-
ductive for housing avionics) may also provide improved aerodynamic performance, lateral stability char-
acteristics, fuselage load distributions etc., at high angles of attack. A recent investigation at Ames
Research Center by Clarkson et al. (Ref. 65) has concentrated on forebody shapes of rounded triangular and
square cross section. From the extensive body of experimental results collected therein, we shall select
for comment only a small sample dealing with the flows about sharp and blunt cones of triangular cross sec-
tion at a particular angle of attack and Reynolds number. We shall see that the flow structures have
many of the same topological features as those observed previously on sharp and blunt-nose bodies of
circular cross section, under similar flow conditions.

Details of the sharp and blunt-nose triangular cone models are given in Fig. 44. Circumferential
rings of orifices for surface pressure measurements were located at three axial stations as indicated in
the figure. Tests were carried out in the Ames 12-ft wind tunnel at low speeds. The models were placed
in the wind tunnel at angle of attack and at zero roll angle, the latter orientation being defined as
occurring when a flat side of the model was directly windward.

Figure 45 present the results of oil-flow visualization experiments for the two models under essen-
tially identical flow conditions (angle of attack - 45', Reynolds number based on base height = 1.1 ' 10
and 1.2 l O1 for the blunt- and sharp-nose triangular cone, respectively). Figure 46 presents the cor-
responding circumferential surface pressure distribution at the three axial locations indicated in Fig. 44.

Surface oil-flow patterns on the blunt-nose model (Fig. 45a) show evldenci of primary and secondary
lines of separation occurring on each flank of the body just after the flow has turned the corner of the*1 blunt windward face. The primary separation is global, originating at a saddle point, and the secondary

separation, occurring farther downstream, is local. There is an intricate flow on the leeward face of the
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blunt nose, giving evidence of a pair of spiral nodes on either side of the plane of symmetrV. Flow pat-
terns here bear a resemblance to those over the aose of the hemisphere-cylinder at angle of attack (see
in particular Figs. 19-l), in either case being the result of a series of abrupt local changes in both
streamwise and circumferential pressure distributions. It will be noted that the surface flow pattern
appears to be symmetric with respect to the angle of attack plane. This is borne out by the results of
the circumferential surface pressure measurements (Fig. 46a), which are virtually identical on the port
and starboard sides at all three stations.

Surface oil-flow patterns for the sharp-nose model (Fig. 45b) again show evidence of primary and
secondary lines of separation. Here, however, it is probable that the primary and secondary lines of
separation are local, both originating from the nodal point of attachment at the nose. Furthermore, the
presence of a sharp nose eliminates the appearance of the intricate pattern of spiral nodes that was
observed on the leeward face of the nose with the blunt-nose model. It is, however, the very marked asym-
metry in the location of the secondary lines of separation in the oil-flow pattern for the sharp-nose
model (Fig. 45b) that is the principal distinction between the patterns for the two models. This asymmetry
is accompanied (see Fig. 46b) by a similarly marked asymmetry in the surface pressure distributions on the
port and starboard sides at all three stations. There is reason to believe that just as for slender
sharp-nose bodies of circular cross section (see discussion in connection with Fig. 37), the occurrence of
this asymmetry, reflected first by the rapid circumferential movement of the secondary lines of separa-
tion, is associated with the onset of boundary-layer transition. Thus, just as for bodies of circular
cross-section, it appears that for bodies of trlangulir cross-section, blunting the nose helps delay both
the onset of flow asymmetry and boundary-layer transition.

12. SUPERSONIC INLET INTERACTING WITH FLOWS ON ADJACENT SURFACES

The half-cone or quarter-cone inlet mounted adjacent to a fuselage sidewall and wing/fuselage inter-
section may cause a substantial problem of swept shock wave/turbulent boundary-layer interaction, partic-
ularly at off-design conditions. The intake is usually raised from the fuselage surface to permit both
bleeding and diversion of the oncoming viscous flows (Ref. 66).

Figure 47 shows an oil-flow pattern taken by Culley (Refs. 67, 68) about a o'c 
= 

250 half-cone
intake at Mach 1 .6 and at a Reynolds number of 6 x lOs, based on the wetted run to the intake capture
face of 2 in. (5 cm) diameter. The inlet was operating at design shock cone position and at maximum mass
flow (with some spillage, as seen on the Schlieren photograph). Even though auxiliary ram (bleed) intakes
were located in the plane of the cowl lip to ingest the turbulent fuselage boundary layer, there was
clearly a substantial diversion of the fuselage boundary layer upstream of the bleed ducts. The fuselage
flow was three-dimensionally separated by intersection with the intake pressure field, the separation line
coinciding approximately with the projection of the cone shock on the fuselage wall. Thus it would appear
that the most deficient portion of the fuselage boundary layer is spilled as vortices into the airplane
flow field.

As an initial step in predicting this flow field, a calculation of the partial cone flow itself about
the same e= 251 half-cone at Mach 1.6 was performed (Peake et al., Ref. 69) but without a reflection
plane. The pressure field that would be impressed upon the fuselage is approximately that existing
between the shock wave and the half-cone, as shown in Fig. 48. The maximum overall pressurt ratio between
the shock and the cone is greater than 1.5, so that, as we saw earlier, 3-D separation would be expected.

Culley (Refs. 68, 70) also showed that with a quarter axisymmetric intake model, the use of a splitter
plate to isolate the airframe boundary layer from the adverse influence of the Intake could involve a
multishock viscous compression and 3-0 separation of the fuselage boundary layer upstream of the splitter
plate (Fig. 49) that was not influenced by variations in the intake mass flow.

Other serious swept-shock/boundary-layer interaction problems in propulsion layouts may be encountered
beneath supersonic wing planforms when designers attempt to take advantage of "favorable interference"
effects (Refs. 71, 72) from compressions about engine nacelles and boundary-layer diverters.

Figure 50a shows the oil-dot flow pattern on the undersurface of a lifting 70' delta wing at
CL = 0.08 in a free-stream flow of M., = 2.75 at a Reynolds number, based on the maximum wing chord,
of 24 * 106 (Ref. 73). The four-nacelle arrangement is typical, in position and scale, of a supersonic
transport layout. The two uppermost intakes were operating at design mass flow with cone shock on lip.
One will note a small region of three-dimensional separation caused by the wedge-shaped pylons (diverters)
and cowl pressure field in Fig. 50b, where the propulsion nacelles have been removed to facilitate inspec-
tion of the oil flow. The lower pair of intakes was throttled internally to about 701 design mass flow,
forcing the throat normal shock outside of the cowl lip. The result of operating subcritically is to
cause a massive three-dimensional separation of the starboard under-wlng boundary layer and high local
heat-transfer rates in the reattachment regions downstream of the separation. Figure 50c exhibits a
postulated pattern of singular points and skin-friction lines in the region where the adjacent separation
lines interfere with each other. The interference appears to result in the formation of a nodal point of
separation interspersed between the two saddle points immediately ahead of each wedge-shaped diverter. A
sketch of the streamlines in the streamwise plane of symmetry passing through the node of separation i%
also given in Fig. 50c. The accompanying changes in normal force are shown in Fig. 51. At a cruise lift
coefficient of 0.08, occurring at an angle of attack of about 30 for this symmetrical wing, there is a
20% increase In lift from the throttling of the four intakes to 70% of the design mass flow; the cor-
responding increase in drag for subcritical operation is illustrated in Fig. 52. At off-design Mach

numbers, the shock/boundary-layer interactions and resulting 3-D separations may be even more severe in
their effects on drag.



13. CONCLUDING REMARKS

We have described the structure of 3-D separated flows.about various types of aerodynamic components
immersed in both low-speed and high-speed flows and encompassing the viscous flow regimes from laminar to
turbulent. Typical components displayed have been slender shapes such as the cone (with circular and
triangular cross sections), hemisphere-cylinder, and delta wing, a number of rectangular and swept wings
of low and high aspect ratio, and supersonic inlets.

By holding strictly to the notions of continuous vector fields of skin-friction lines and external
streamlines in association with a restricted number of singular points (nodes, saddles, and spiral nodes)
on the surface and in particular projections of the flow (the crossflow plane, for example) we have a
language to classify rationally and unambiguously the 3-D separated flow field about any useful aero-
dynamic configuration. Sequences of structures of ascending elaboraticn of nodes, saddles, and spiral
nodes can be assembled which are then available to guide experiments when observation is imprecise, or to

check the veracity of numerical calculations. We have shown, moreover, that in cross-sectional projections
of diverse 3-0 separated flows, the mechanisms become familiar, occurring repeatedly from flow to flow.
As an approach to design, we may postulate sequences, starting with the simplest number of singular points
on the surface and in the flow, for a vehicle at low angle of attack, and increasing in complexity as

angle of attack becomes large. The philosophy of design, especially at high angles of attack when the
leeward vortical flows have a tendency to become asymmetric, must be one of controlling the locations of
the 3-D separations on the vehicle, such as at sharp edges, or by active control from blowing, for example.
The design aims, in summary, are that we require steady boundary conditions to provide steady flows, and

symmetric boundary conditions to yield symmetric flows. We further demand that as flow regimes change
with increasing angle of attack there should be no discontinuous jumps to give uncontrollable forces and
moments.

This collection of diverse 3-D separated flows has demonstrated that when a 3-D boundary layer
detaches from the surface it will, almost without exception, leave along a swept separation line, rolling
up in the process into a well-organized nominally steady vortical motion. The underlying mechanism
appears to be independent of both Reynolds number and Mach number, although under laminar conditions the
flow features are normally more exaggerated. Hence, the overall details of many flows of practical
interest can be determined in a water-tunnel facility in which aircraft and missile designers can make
changes to configurations quickly and very cheaply. Some airplane and missile companies are currently
doing this.

We deem it useful to end this review by specifying the issues that have been raised, from both
experiments and calculations, In the study of singular points. First, there is the question of scale
effects. Many large-scale flow phenomena involve a small-scale organized substructure (e.g., arrays of
longitudinal vortices on the scale of the thickness of the transitional boundary layer or vortex-shedding

on the scale of a shear-layer thickness). In some cases, all or a part of this organized substructure is
capable of determining the outcome of the evolution of the large-scale structure; in other cases, it is
not. Is it possible, then, to formulate a principle that will distinguish between the vital and the
unimportant organized substructures? Can one devise an averaging technique that will preserve the essen-
tial structures and smear out the remaining ones? A clarification of these queries should also shed
light on similar problems involved in turbulence modeling. The utilization of meshes in finite difference
calculations obviously provides a process of averaging, but more work is needed to understand the ramifica-
tions of altering mesh intervals, especially insofar as they affect the representation of vital organized
substructures. Moreover, we need to incorporate an adequate treatment of the essential singular points in
numerical calculation schemes, either by refining the mesh size about the singular points or by Including
some analytical representation of the flow about the singular points within the numerical scheme.

Second, the rules underlying the placement, number, and types of singular points in terms of the
governing flow parameters and body geometry need elaboration. This is particularly true in the nose
region where the nature of the origins of lines of separation becomes obscure.

Third, the mechanisms by which stationary flow structures change their topology from one level of
complexity to the next (i.e., as they pass through structural instabilities and bifurcations) need to be
exposed. For example, studies are needed to provide the links between structural instabilities and
bifurcations and the large-scale structural changes in the flow that are characteristic of buffet, stall,
and vortex breakdown.

Finally, although we have demonstrated a satisfactory understanding in general of the structures of
3-0 separated flows, we are only able to compute them about a limited number of simple aerodynamic com-
ponents. Nuimerical techniques invoking either inviscid approximations to model the coiling shear layers,
or approximate forms of the Navier-Stokes equations, have been successful and should be encouraged further.
But the ph/sics of the turbulence in 3-D separated flow regimes has not yet been investigated to any great
extent, and an appeal to well-planned experiments with nonintrusive instrumentation must be made In this
regard. To restrict the avenues of possible research, and as a suitable starting point, it might be useful
to concentrate on measuring the fluctuating flow quantities in the vicinity of the singular points to
determine If there is any identifiable, and perhaps universal, turbulence field associated with each type
of singular point.
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with subsonic leading edges.
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Fig. 12. Postulated patterns of skin-friction
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Fig. 11. Vapor-screen photographs of flow behind
cambered delta wing at M. 1.88 (Malt by, Ref. 15).
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Fig. 13. Laminar flow on slender delta wing at high angle of attack (Legendre, Ref. 17).
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Fig. 17. Five-degree semiapex angle cone flight and wind-tunnel results for Mach I.R.
Circumferential mean pressure distributions at one axial station, x 30 in., 11'.
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Fig. 18. Five-degree semiapex angle cone flight results at Mach 1.5.
Circumferential mean pressure distributions at several axial stations,

x = 30 to 35 in., 110.
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(b) a -480, asymmetric an.4 relatively steady.

(c) a - 60% asymmetric and unsteady.

Fig. 25. Lee vortex wake about 180 semiapex angle tangent-ogive-
cylinder at angle of attack in water tunnel (Fiechter, Ref. 32).
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* ogive cylinders at angle of attack.
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(c) Cross flow velocities at the plane X/D = 13; angle of
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Fig. 28. Body vortices about 13
° 
semiapex angle tangent-ogive

cylinder in low-speed turbulent flow at a =-15
°

(Grosche, Ref. 35).
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(a) Side elevation, RL_ 10 106, R D =1.3 106

lenat' 38.2 cm (15 in); D 5.0 cm, (1 .97 in.)

121

RL 0 , 1 , 0 R .3 , 10t

Fig. 29. Surface oil-flow patterns on 20' semlapex angle blunted cone-cylinder
at 12', % 2.4, with turbulent boundary layers (Boersen, Ref. 36).
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Fig. 30. Surface oil-flow patterns and circumferential pressures on 20
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angle pointed cone-cylinder at .
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12', M = 2.3, with turbulent boundary

layers (Boersen, Ref. 36).
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(c) Oil flow and surface pressures on downstream part of afterbody

Fig. 30, Concluded.
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Fig. 39. Psynanetric oil-flow pattern on unwrapped surface, and Schljeren

phtgahof a7.5'eidpe x angle cone at M_ = 2.94. turbulent,

R 10(Banin kand Nebbeling, Ref. 51).
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Fig. 39. Asymmetric flow over slenider delta wing at angle of attack at M 2.
(Fellows and Carter. Ref. 54).
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Fig. 43. Boundaries for various types of leeward flow separation about tangent-ogivel
cylinders at M, 0.6 (Keener et a1., Ref. 56; Tinling and Allen, Ref. 62;

Thomson and Morrinon, Ref. 63).
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Fig. 45. Surface oil-flow patterns on blunt and sharp-nose triangular 
cones.
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Fig 49. Side view of 3-0 separation of fuselage boundary layer induced by boundary-layer splitter-
plate quarter-cone inlet; model angle of attack =4.5', M = 1.6 (Culley, Refs. 68, 70).

UPPERMOST NACELLES OPERATING AT
DESIGN MASS FLOW

LOWER NACELLES THROTTLED TO 70% OF
DESIGN MASS FLOW

(a) Nacelles on.
Fig. 50. 011-dot flow visualization on lower nurface of 70' delta wing showing swept-back turbulent

boundary-layer interactions associated with propulsion nacelles (Peake and Rainbird, Ref. 73).
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(b) Nacelles removed,

NA - NODAL POINT OF REATTACHMENT
__________NS -NODAL POINT OF SEPARATION

NJ S - SADDLE POINT OF SEPARATION

Fig. 50. Concluded.

SECTION ALONG x-x

(c) Postulated patterns of skin-friction lines and
external flow streamlines.
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FLOW VISUALIZATION TECHNIQUES FOR THE STUDY OF HIGH
INCIDENCE AERODYNAMICS

by H. Warli

OFFICE NATIONAL D'ETUDES ET DE RECHERCHES AEROSPATIALES
29 Avenue de la Division Leclerc. 92320 CHATILLON (France)

SUMMARY

This paper* is a review of the principal methods of visualizing flows using solid, liqu'd or
gas tracers, in water tunnels and wind tunnels, especially in the experimental facilities at ONERA.

Such visualizations bring to light the physical flow patterns with all their parietal singulari-
ties as well as the evolution of these patterns as a function of their principal parameters :
incidence, yaw-angle, Reynolds number, etc. These visualizations also reveal in particular the
separation phenomena which characterize high angles of attack; in addition, they define with
precision all vortical, transitional and unsteady aspects.

Some examples- of results obtained for profiles, swept-back wings, slender bodies, inlets.
complete aircraft, etc. show the great variety of topics which are covered by these methods.

1. INTRODUCTION

The whole history of fluid mechanics, especially that of aerodynarics in the aerospace field, has been marked by the
development of visualization techniques ; indeed, seeing a phenomenon is usually being able to analyse it, often to explain
it, and sometimes it is a first step toward the solution of theoretical or experimental problems.

Undoubtedly visualization, which made a start in 1883 with the first experiments by Reynolds, contributed to the pro-
gress in the study of flows around models, first at usual angles of attack, that is in optimal conditions corresponding to stable
flows with limited separated zones.

But visualization becomes obviously still more necessary now that aerodynamics ventures into the difficult realm of high
angles of attack where the flow displays large separated zones, organized or not, of steady or unsteady character.

Thus are brought to light the problems of stability and control raised by these large angles of attack which are now
often imposed by present day flying conditions :

- manoeuvrability of combat aircraft in tight turns,

- flight safety of transport aircraft during their trajectory at low altitude aimed at reducing their nuisance,

- control of missiles at launch in the presence of strong cross wind, and inanoeuvring conditions.

Whereas flow visualization in flight is exceptional, it is quite currently practiced in the wind tunnel, whose main purpose
however remains measurements, especially that of aerodynamic forces and pressures.

On the other hand, visualization in water, generally more precise and easier to implement, is developed especially in water
tunnels, often designed for this kind of test.

It is not possible here to present a complete survey of such a vast subject, so the present paper will be limited to visua-
lization methods involving solid, liquid or gas tracers, and will start with a description of the main types of existing water
tunnels.

The paper will then examine a series of visualizations concerning the aerodynamics of high angles of attack, obtained
with simple models (profiles, wings, isolated fuselages, etc...) or more elaborate models (wing-fuselage assemblies, complete
air raft).

2. EXPERIMENTAL TECHNIQUES

2.1 - Water tunnels

There exist a broad variety of hydraulic set-ups used for flow visualizations, differing essentially by the arrangement of
their test section and their operating principle.

The three following main types can be distinguished

Ili) Vertical, open circuit tunnels, usually operating by draining under the effect of gravity, such as those of ONERA (Fig. 1)
1]

(ii) Tunnels with vertlcal or horizontal test section, operating in close circuit with a pomp or fen driven by a motor. They
am the most common, and we shelf mention first those of NAE [21 (Ottawl); Avrsdcom 13] (U.S. Army /Ames) and
Northrop Corp. 14) (Hawthorne) (Fig. 2abc).

(lilt Canals with free surface, usually without water circulation, in which the model is towed by a trolley, such as that of
DFVLR 16 (G6ttlngen) (Fig 2dd').vt r fwtm ar-m rs

a Vof rlteatO ml. tap im aWft arm a..
' ~ ~ -"m of vwjwmon wdAl be W=re'ram kVi111 Le~tur OWNm

-41
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The best known tunnels are listed in the following table with their main characteristics, and the mean Reynolds number
Values obtained during flow visualizdtions

Establishment Type of tunnel Max. velocity Observations
(country) (test section) (Reynolds Nr).

ONERA Vertical
Chtillon TH1 0.22 x 0.22 m 0.25 m/s (0.5.10') voir Fig. 1 a,
FRANCE TH2 0.48 x 0.45 m 1.50 rn/s (6.5.10'1 Fig. 3, etc...

TH3 0.80 x 0.80 m 0.065 m/s (0.5.101)

NAE horizontal
Ottawa 0.25 x 0.33 m 3 m/s (6.5.101) voir Fig. 2 a
CANADA

NASA Ames horizontal pressurisable
Moffett Field 0.20 x 0.30 m 6 m/s (2.10'1 voir Fig. 2 c et 13 aa'
USA

NORTHROP vertical
Hawthorne 0.40 x 0.61 m 0.076 m/s (310) voir Fig. 2b et 16c
USA

ARL horizontal
Melbourne 0.25 x 0.25 m 0.76 m/s )10'l voir Fig. 6 efg
AUSTRALIE

INSTITUT AEROTECHNIQUE horizontal
Saint Cyr 0.45 x 0.45 m 1.20 m/s (10') voir Fig. 13 g-k
FRANCE

BRIT. AERO. DYN. GROUP horizontal
Warton 0.45 x 0.45 m 3 m/s 13.104) voir Fig. 16e
ENGLAND

MBB vertical
Ottobrun 0.34 x 0.34 m 1.4 m/s (0.6,101) voir Fig. 11 de,16]
ALLEMAGNE

ISL vertical
Saint Louis 0.25 x 0.25 m 0.20 m/s (10') voir Fig. 1Oa
FRANCE

NPL horizontal
Teddington 0.25 x 0.33 m 2.4 m/s (5.10')
ENGLAND

OCEANICS INC. horizontal
Plainview 0.50 x 0.50 m 2.4 m/s (5.10')USA

VKI
Rhode Saint Genrse 0.15 x 0.15 m 0.21 m/s 4.10')
BELGIUM

DFVLR tow tank
G6ttingen 1.10 x 0.90 m 5 m/s (5.10') voir Fig. 2dd' at 10c
FRG

MATRA tow tank
Velizy 1.0 x 1,0 m 1.8 m/s (10')
FRANCE

University tow tank
Kyshu 0.5 x 0.5 m 0.30 cm/s (1.5.10s)
JAPAN

LOCKHEED horizontal

Marietta 0.33 x 0.25 m 0,25 m/s (0.5.1011 voir Fig. 13 b
USA
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DOUGLAS Aircraft tow tank
Huntington 0.60 x 0.35 m 2.45 rrds (0.8.10')
BEACH USA

BERTIN veine horizontale
Plaisir 0.40 x 0.40 m 5 M/s (10')
FRANCE

2.2 - Visualization methods
The methods using tracers for visualization in air or in water are many, and of different natures. The interested reader

may consult the various review papers (7-111 which described the state of the art. Only the most commor;!y useJ processes
will be recalled here.

It should be noted that these methods, based on the use of elements in suspension within the fluid, are in some cases
[12) limited by the &;tcrepancies between the trajectories of the particles and of the fluid elements they represent. This con-
carns mainly particles not having the same density and viscosity as the fluid ; as they have different diameters they are
subjected to averaging effects ; they are also affected by centrifugal forces and gravity effects, these particularly trombersome
in horizontal test sections.

Let us recall that if the trajectories and emission lines of correct tracers coincide with the streamlines of a steady flow,
at least in laminar regime, this is no more true for an unsteady flow or in turbulent regime ; however, as will be seen later,
these tracers may, provided that some precautions are taken, give a correct picture of the instantaneous or averaged flow with
the separations occurring at high angles of attack.

There are the main tracers used in water

2.2.1 - Solid tracers

They are usually introduced by a probe upstream of the model

- aluminum grains 113),
- polystyrol balls of spherical shape and of a density close to that of water (Fig 13 g-k) [14],
- glass balls, perspex powder, etc... see (11].

2.2.2 - Liquid tracers

They are emitted from the models or from ramps upstream

- diluted milk (mixture of milk, alcohol, and dye whose ensity and viscosity are the same as those of water) used in
the ONERA tunnels up to 1979 (Fig. 17) [15),

- diluted rhodorsil (stable whith mixture replacing milk), used since 1979,

- fluorescent dyes (16],

- ink, commercial dye, solution of carbon tetrachloride and benzine, potassium perrusnganate, etc... see [111.

2.2.3 - Gas tracers

For generalities on the use of bubbles, see Ref. [17].

- air bubbles obtained by means of an emulsifying agent introduced during the tank filling (ONERA process) (Fig. 3)
115).

- air bubbles injected from ramps or emission holes on the model surface or forming naturally in the test conditions,
for instance under the effect of cavitation (181.

- hydrogen bubbles obtained by electrolysis, a method created by Geller [191 and widely used [20-221 (Fig. 6b-g).

2.2.4 - Other methods

- textile tufts fixed on the model surface (Fig. 139-k)

- floating mutter (aluminum grains, hostaflon powder or other hight tracers spread on the fill surface), the use of which
is generally limited to two-dimensional flows.

- dyes or oils covering the model, or chemical methods limited to surface flows.

2.3 - Methods used in wind tunnels

Thea methods [23) have been the subject of recent surveys [241, particularly that of T. Mueller [251 who, at the
Notre - Dame University, utilize specific facilities adapted to visualization by smoke (wind tunnels with great contraction coef-
ficient and low turbulence rate, smoke emiseidn ramps, etc...).

2.3.1 - Smoke tachnfiues

The smoke, usally white, is obtained by men of generators or smoke wire from titanium tetrachloride U.K. Harvey.
Fig. 6a), keroeene (Mueller [261, Fit 4 els), oil vapor or wter cndenaed by liquid nitrogen [27,57) (Fig. Shand 10 fgh).

-4
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232 - Liquid surface flow techniques

- Continuous emission of couloured liquids at the model surface; this process is used in the ONERA wind tunnels and
makes it possible to operate at various Mach numbers, pitch and yaw angle without stopping the wind tunnel 128)

(Fig. 7lab and Fig. 16g) ; viscous coatings lFig. 7 cde), plastic paints (Fig. 5 b. 9j), thermoluminescent points, oils (Fig. 17d),

liquid crystals or sublimation of acenaphtine 1281, all processes requiring the setting of the coating before each test.

2.3.3 - Tuft techniques

Tiny wool or nylon tufts glued on the model (Fig. 16 i) or fixed on a grid (Fig. 12 d) 1291. This process has even
been successfully applied to the case of a propeller in flight (fluorescent minitufts of Dr Crowder (301 (Fig. 15 ab), requiring
sparks of UV light of a five milliseconds duration).

2.3.4 - Helium bubbles

These soap bubbles filled with helium and "floating" within the air constitute privileged tracers, but require a cylindrical

generator upstream (Sage Action BFS 1035) 131-321 adapted to the wind tunnel velocity ; these bubbles provide visualizations
as detailed as those obtained in the water tunnel (Fig. 11 fg).

2.3.5 - Other methods

A particularly original method, that of Dr Crowder, of Boeing 1331, expresses as bright spots of various colours a stagna,
tion pressure probing in a crosswise plane behind the model and thus reveals without tracers the vortex wake of a wing with
flaps (Fig. 16 h).

3. EXAMPLES OF RESULTS

The limited scope of this paper allows only a brief survey of the many instances in which visualization has brought a
valuable contribution to the study of high angles of attack. The examples presented here, classified according to the type of
flow or phenomenon under study, are illustrated by 15 figures (3 through 17).

3.1 - Two-dimensional air intakes and wing sections

The laminar flow along a flat plate with sharp leading edge separates under the effect of incidence ; this separation,
starting at the loading edge is at first, localized then develops rapidly from upstream to downstream.

It is also the case for an air intake with parallel duct, functioning with a flow-rate coefficient e close to 1 : indeed, at

a = 20', we can see an internal separated bubble fixed at the lower lip, and this separation expands to the whole duct at
a = 40. In this example, air bubbles reveal the shape of the mean flow (Fig. 3 abl, while dye emitted as a sheet reveals
the formation of vortex - like rollers at the separation boundaries, a phenomenon which triggers transition from laminar
turbulant within the air intake (Fig. 3 a'b') (341.

On a thin flat plat at 20* incidence (Fig. 3 c), this favourable "canal effect" does not exist, and the separated zone in-

volves the whole upper surface and closes only behind the trailing edge. A spanwise jet (351 emitted near the leading edge
in this separated zone reduces this separation to a small bubble, even at very high angle of attack (Fig. 3 de).

On a wing section with rounded leading edge, the upper surface separation remains free, and is consequently more sensi-
tive to Reynolds number effects ; however at high angles of attack this parameter does not entail any structural modification
of the separated zone (Fig. 3 hi).

L.et us notice here that the parietal coloured filets emitted in the separated zone reveal the direction and the character of
the reverse flow (Fig. 3 g), while the dye sheet emitted at the leading edge of the same profile at low angle of attack visua-

lizes the natural transition of the upper surface boundary layer (Fig. 3f) 1361.

The visualizations by smoke filets realized by T. Mueller (Fig. 4 abc) 1371 confirm the results on wing sections obtained
in water :

- generalized separation for a = 14-15
° 

(Fig. 4aa'),

- thin separation bubble with turbulent reattachment, then separation at the rear for a = 10- 12* (Fig. 4bb'),

- more extended separation bubble when the Reynolds number is reduced (compare Fig. 4 b and 4 c).

The method of enlarged leading edge used at ONERA (38J makes it possible to obtain more detailed pictures of this
phenomenon :

- separation bubble ensuring transition (Fig. 4c'c"),

- generalized separation (Fig. 4 d),

- reattachment under the effect of lateral blowing (Fig. 4 e),

- reattachment obtained by a slotted leading edge (natural blowing) :(Fig. 4 f).

3.2 - Thin delta wings

A classical example of aerodynamic study at high angle of attack is that of the vortex - like separation forming on the
upper surface of a thin delta wing with a large enough sweep angle (known as a "Slender Wing"). This regime ensures a com-
plement of lift, increasing with angle of attack, but limited by the onset of the vortex breakdown phenomena.

Visualizations obtained in the water tunnel revealed the organization and structure of the vortices isaued from the wing

apex, and resulting from the "scroll" rolling-up 139' 40 of the sheet separating along the sharp leading edge on either side
of the wing (Fig. 5acd). They make it possible to ascertain the physical scheme of the flow (Fig. 591 1411.
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This research has been extended to the breakdown phenomenon 1421 which disorganizes these vortices at high angles of
attack (Fig. 5efh)

Wind tunnel visualizations (S3-Ch ONERA) by smoke illuminated by a thin, plane laser beam (Fig. 5 h confirmed the

spiral structure of the broken down vortex core.

These visualizations also showed the displacement of the breakdown point as a function of various parameters, for exam-

ple. angle of attack (Fig. 5 i. Through intermittent dye emissions, it has been possible to determine the velocity evolution

along the vortex axis down to the breakdown point and for various angles of attack (Fig. 5 ).

Lastly, experiments showed that the organization and structure of these vortices remain the same in supersonic flow
(Fig. 5b) (43].

In order to bring to light the scroll vortex sheet, and only this sheet, we had to call upon water tunnel : Fig. 6 b shows
a visualization by hydrogen bubbles, obtained by electrolysis by means of a cathode installed on the wing leading edge. This
picture of the sheet is quite similar to that obtained by smoke in a wind tunnel by J.K. Harvey (Fig. 6 a). This sheet can
be seen as a cross section by means of a plane of light. Thus, Dr D. Thomson 1441 showed the evolution of this sheet as a
function of abscissa, angle of attack and sweep angle (Fig. 5efg). In the same manner, the trace obtained in the ONERA
water tunnel, in a plane at mid-chord or at the trailing edge of a delta wing, has been compared with results of a numerical

calculation representing the sheet by a pattern of concentrated vortices ICig. 6 cdl 1451.

3.3 - Thick wings

A first example is that of an untapered wing with large sweep angle (,VLE - 60'
) 

having an "ONERA-O" symmetrical
profile (relative thickness e/c = 0.105), whose three-dimensional flow systematically studied by ONERA up to transonic veloci-
ties (461.

The various visualizations of figure 7 show the evolution with Mach number of the wall flow on the upper surface of
the model at 24 angle of attack.

We can clearly see the position of the shock waves in transonic flow (Fig. lab). and especially the zones directly swept
by the main and secondary vortices (Fig. 7 c).

Coloured emissions in the water tunnel (Fig. 7 f) provide a spatial visualization of the upper surface vortex structure,
which fits that provided by a calculation of emission lines based on a panel method (Fig. 7 g) 1471.

A finer analysis of the flow has been carried out by means of probings and visualizations (48], in particular in the
apex zone of a half wing fixed on a plate. It is around this apex (Fiq. 7 de and Fig. 17 abc) that the origin of these vortices
is located at high angles of attack, and we can see separations of the boundary layer formed on the plate.

A second example of thick swept wing is again that of a complete delta wing (491: on the upper surface of this wing

i(p = 600), parietal coloured emissions reveal the singularities characterizing the flow at medium angles of attack (Fig. 8cc'
and diagram 8d), then at high angle of attack (Fig. 8ab). In both cases, we observe on the front part of the upper surface

the development of a crosswise sheared stream layer, i.e. characterized by a shift towards the leading edge of the streamlines
becoming parietal. When this layer separates, it constitutes the sheet which rolls tp to form the upper surface vortex. Even
at 20 angle of attack, the vortex origin is still at some distance from the apex, while their breakdown occurs already up-
stream of the trailing edge Thus, the main vortices remain separated. as at 10 angle of attack, by a non-vortex median zone,
on this 60 - sweep wing.

An example of separation with a quite different structure is that concerning the upper surface of a trapezoidal wing
with low sweep : whereas, at low Reynolds number, upper surface separations appear even at low angle of attack and deve-
lop more rapidly when a increases, these visualizations reveal the shape of the wall streamlines which we shall eventually find
again at high angles of attack in tests at high Reynolds number (Fig. 16g) 1501.

On a model with rounded leading edge, separation generally appears near the trailing edge at low angle )f attack (Fig.
Bel. and eventually expands over the whole upper surface at high angle of attack (Fig. 8fg( 151). On a model with sharp
leading edge, a three-dimensional bubble forms first on the leading edge (Fig. 8 h), and suddenly covers the whole upper
surface when a increases (Fig. Bij).

3.4 - Slender bodies

The fundamental study, started above with isolated wings, has been pursued with another class of basic models, that of
slender bodies whose behaviour at high angles of attack is of direct interest to aircraft fuselages or missiles.

A first series of visualizations concerns axisymmetrical nose cones (Fig. 9) and makes it possible to distinguish, as for
wings, different types of separations 152 - 53) :

- on a relatively blunt nose (Fig. Gab), the upper surface separation results from the junction between the median bubble.
which affects the nose at low angle of attack, end the vortex- like separation developing on either side of the model ;

- on a streamlined nose with rounded tip (Fig. 9 cde, diagram 9f) we find again. as on a thick delta wing at medium inci-
dence, two separated zones with, between them, a corridor of clean flow ;

- on a streamlined note with sharp tip (Fig. 9 g), an organized vortex structure develops up to the neighbourhood of the
apex, and eventually to the apex itself at very high angles of attack (Fig. 10 b) ;

- on a nose with contoured shape without curvature discontinuity or important variation (conical ogive with rounded nose
connected by a clothoid), we obserm the junction at the nose of the two main vortices which then form the two branches
of a horseshoe vortex (Fig. 9hi).

These vortex phenomena remain at high velocitie : indeed, even is hypersonic flow (Fig. 91 ), we may oerve on a vi-
iallzation by viscs coating, the surface flow Induced by the vortices formed in the separated sone on the upper surface of
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the model at 20' incidence 1431

The following examples, presented together on Fig. 10, concern long cylindrical fuselages and missile models

Assymetrical vortices appear on a cylindrical fuselage at high angle of attack : M. Fiecher 154] gave one of the first

visualizations of this phenomenon in 1966 (Fig. 10a).

This configuration of steady separation sets between 35' and 60' angle of attack on smooth bodies (Fig. 10odehl (55-561,
which induces parasitic lateral forces on the model.

Near the nose (Fig. 10b), this vortex structure retains its symmetry at first, as it normally does all along the model at
lower incidence (Fig. 16 of) [57- 58]. At angles of attack above 60', the separated structure becomes unsteady, with formation
of alternate vortices, of B6nard-Karman type.

An efficient stabilization means for avoiding the onset of lateral forces consists in adding, on either side of the body of
revolution, thin "strakes" of small aspect ratio (Fig. 10gij). Then, the separation is fixed along the sharp edge of the strakes
and ensures, at zero sideslip , the formation of symmetrical and stable vortices which should provide to the model a comple-
ment of vortex lift already seen on aspect ratio wings 140, 59].

In case of sideslip (Fig. 10 kl), the flow is no more symmetrical and the strake vortices separate laterally from the fuse-
lage, crossing the plane of symmetry of the model. For a critical sideslip angle, one of the vortices may then find on its
trajectory the vertical fin of the missile and then be the cause of detrimental interaction effects (60].

3.5 - Model configurations giving rise to interaction effects

In many cases, such interactions may occur between vortex separations originated from the front part, and the rear parts
of more complex configurations, particularly at high angles of attack.

It is the case of fuselage vortices which, according to the model incidence and the vertical location of the horizontal tail

unit, may reduce its pitch efficiency (Fig. 11 ab).

A few examples concern the foreplanes in front of the main wing, often called "canards" : In the first case (Fig. 11 c).
it is a smell 'banard" located behind the cockpit of a Concorde model and whose efficiency is ensured by the location and
negative dihedral adapted to approach and landing angles of attack. Their purpose would be to make easier the longitudinal
trim of a slender wing [40, 55].

In a second example, this swept -back canard surface is closer to the main slender wing, (Fig. 11 de) 161]; the vortices
from this close coupled canard are then picked up by those of the wing, which thus "recuperates" their energy to avoid a
premature vortex breakdown on the main wing at large angles of attack.

A third formula consists of a canard surface located directly above the apex of the main wing. Its action is similar,
but it also produces a favourable "canal" effect which, in particular, brings back the breakdown phenomenon of the wing
vortex (Fig. 11 fg and 17def) [32, 62].

A last example concerns a forward -swept wing, a new formula of the type recently studied for the USAF 163]. This
wing takes advantage of a well structured vortex regime, locked to the forward wing tip in spite of a relatively small leading
edge sweep angle (WLE = - 391. See Fig. 11 h.

The canard surface plays a vital role for such a configuration : i.e. it generates a vortex wake acting on the separated
flow at the wing root) (Fig. 11 iI).

Highly swept strakes are usually located in front of low sweep wings, forming sometimes a double-delta wing (401 (Fig. 16ci
and 17 g). The favourable effect of this strong vortex sheet from the streke extends in these conditions over part of the main
wing that follows it. At high angles of attack (Fig. 17 h), the vortex breaks down and a spanwise blowing is then necessary
(Fig. 17 i to recover an organized vortex structure on the model [62].

3.6 - Aircraft models

With a view to carrying out a study of the flow as exhaustive as possible, many tests involve complete models isideslip
effects) with realistic wings (e.g. equipped with their flaps) and more or less motorized (simulation of air intakes and engine
jets).

Thus, in the case of a delta wing combat aircraft, the separation is limited to the wing at moderate angles of attack
(Fig. 12a), with well structured vortices (Fig. 12d), then with increased incidence these vortices tend to get disorganized
downstream (Fig. 18a) and this phenomenon J60], confirmed in flight (Fig. 16b), travels upstream up to a complete disorga
nizatlon over the wing (Fig. 12bb') with asymmetric vortices along the fuselage (Fig. 16c : we must then use a jet c' suffi
cient intensity, emitted along the vortex axis (Fig. 12c'), for re-establishing an organized vortex flow over the wing-fuselage
assembly 16446].

Lastly, on som aircraft configurations, we may detect the effects due to the functioning of the air intake, often close
to the wing apex where the upper surface vortices originate ; it is the seme with engine jet effects on wing vortices (Fig.
12 eff') 167].

Finally, even at low incidence, the highly deflected flaps of the wing of a transport aircraft are in the conditions of
high angle of attack ; they give rise to a whole series of vortices (Fig. 12 g) of which an exact image can be found in stag.
nation pressure probings concer,4ing the wake and picked up in the transverse plane by means of the Dr Crowder's process
(Fig. 16h) 133).

3.7 - Tests in unsteady conditions

Around a profile actuated by a motion of harmonic oscillations in pitch Fig 130af) or of flapping with cyclic module-
tion of angle of attack (Fig. 13g-k), the various types of tracers used (air bubbles, hydrogen bubbles emitted by a cathode
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either fixed upstream or placed on the profile, polystyrol beads, or tufts glued on the model) reveal the vortex sheddings
occuring at each cycle when the circulation around the profile varies 168]. It is known that such an oscillation motion simu-

lates the cycling pitch variation of a helicopter blade [69 -711. The time lag and the typical vortex character of the dynamic

stall at high angles of attack explain the favourable hysteresis effect on the maximum mean lift observed in unsteady regime

on the retreating blade of a helicopter rotor.

Similar phenomena characterize the three-dimensional flow around a delta wing aircraft model (Fig. 14 i-p). The cyclic

variations of vortex intensity observed make it possible to better interpret the measurements performed in dynamic conditions
during similar wind tunnel tests.

Another class of unsteady flows is that concerning models in uniform rotation : at low angle of attack (Fig. 14ad), this

rotation simulates a roll manoeuvre, and at high incidence (Fig. 14 e-h) a flat spin. In both cases, vortex phenomena develop
on the side of the descending half wing and vanish on the opposite side [721.

On model in uniform rotation, visualizations may also provide useful information on surface flow : it is the case with

fluorescent mini-tufts (Dr Crowder's process) glued on aircraft propellers in flight and which reveal not only the parietal
streamlines on the blades and hub (Fig. 15a) but also the trace of the shock near the wing tip at transonic regime (Fig. 15b).

Wall emissions of smoke (Fig. 15c), of dr. (Fig. 15d) and even of air bubbles (Fig. 15d') also bring to light the structure

of the flow transition along a cylinder rotating as a whole [73] or in part [36].

A last example in unsteady regime concerns tip vortices ; these are the vortices forming at the tip of a three bladed

of tilt rigid rotor-placed at an angle of attack of-45
° 

and rotating in an uniform flow [74]: the dye emitted at the blade tip

reveals the cycloidal shape of the vortices (Fig. 15s). It is the vortex developing at the free tip of a rectangular wing of
small aspect ratio placed at 30 angle of attack in a fluid started in uniform translation from rest (Fig. 15fg) (751: this vor-

tex is visualized by means of emission lines, which can be compared with those obtained by calculation (Fig. 15 h) which
also implies a start of the fluid motion from rest [761.

4. CONCLUSION

In both steady and unsteady regimes, the various tracers used in water tunnel and in wind tunnel bring to light the

phenomena characterizing the aerodynamics of models at high angles of attack [771 :

- on wings, separations expand from the leading or the trailing edge and their structure becomes vortex - like and organized

on highly swept wings, but with a limitation due to vortex breakdown ;

- on slender bodies the vortices, symmetrical at first, become asymmetrical, then unsteady with increasing angle of attack

- on complete models of missiles and aircraft comprizing combinations of these various basic elements, the coexistence of

these various phenomena does not fail to produce many interaction effects, whether favourable or not.

In these conditions, it has beer, possible to check the usefulness of various devices or processes aiming at reducing the

drawbacks and re-establishing an organized flow, such as slats, canard surfaces, strakes, spanwise blowing, etc.
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METHODES BE VISUALISATION DES ECOULEMENTS POUR L'ETUDE DEE L'ER3DYM4QT'E A HAUiTE INCIDENCE

par Henri WERLE

office National d'Etudes et de Recherches Arospatiales (OIIERA)
92320 Chftillon (France)

RESUMiE

Cet expo96 paase en revue lea principales* mfthodes de visualisationi I laide de traceurs solides,
liquides ou gazeux, utilisies en tunnel hydrodynamique et en soufflerie, plus particulibrement dens lea
installations d'eaaai de IONERA.

De telles visualisationa mettent en lumkre Ie schdma physique des dcoulements avec toutes sea singula-
rit~a paridtalea. et son dvolution en fonction des principaux paraln~tres :incidence, dirapage, nombre
de Reynolds, etc. Elles rdvnlent notainent lea phknos,8nes de ddcollement qui caractdrisent le doemaine
des angles d'attaque dlevdes, en prdcisant tous lea sapects tourbillonnaires, tranaitionnels et inats-
tionnaires.

Quelques eaemples("-) de rdsultats obtenus dans le ces de profila, ailes en flLche * corps fuselds, primes
dWeir, aviona, complete, etc... im~ntrent que lee procidds adoptis aont en meaure de couvrir un domaine
d'applications 46tendu.

I - INTRODUCTION -

Touts l'histoire de Ia micanique des fluides, et notinment celle de l'adrodynasique du domaine &troosa-
tial, a 6td marqude par le ddveloppement des techniques de visualisation e n effet, voir on phinom~ne,
c'eat gdndralement pouvoir l'analyser, c'est souvent l'expliquer, et c'est parfois faire un pan vera Ia
rdsolution des problIbms thdoriques ou expdrimentaux qui en ddcoulent.

11 eat inddniable que Ia visualisation, qui a pria son d~part en 1883 avet lea premi~rea exp~riences de
Reynolds, a contribud A faire progresser ld#tude des dcoulements autour des ss~dO!ea, et tout d'abord aux
incidences usuelles, c'eat-&--dire dans des conditions optimales correspondent des dcoulementa stables
avec ddcollements r~duita.

Maim cette visualisation deviant dvideinwnt encore plus nicessaire A notre Opoque ofO Vskrodynamique
a aventure dans 1. difficila domain. des grands angles d'attaque que caractdrisent des Acoulesents avec
ddcollemments Atendua,organisds ou non, stationnaires ou instationnairea.

Ainsi sont mis en lumilre lee problimses de stabilit4 et de contr6le que posent tea grands angles d'at-
toque qui eont disormais souvent imposds par lea conditions de vol actuelles

- manoeuvrobilitg des avions de combat effectuant des dvolutions serrdes,

- sdcuritd de vol des avions de transport au tours da leurs trajectoires prLs du sol destinies A riduire
leurs nuisances,

- contr8le des engine et missiles durant leur lancement en prkeence d'un fort vent lat~ral et leur vol
en manoeuvre, etc....

Si Ia visualization de l'dcoulement en vol reste souvent on fait exceptionnel, elle eat plus courainent
pratiqude en soufflerie, dont i& raison d'Otre reste cependant lea mesures, notinent celle des efforts
afrodynamques et des pressions.

Par contra, Ia visuelisation danm leau, gdndralement plus prdcise et plum facile h mettre en oeuvre que
dans lair, s'eat ddveloppde surtout dana des tunnels hydrodynamiques, souvent conius pour ce type
d'essai.

11 n'est pas possible de faire ici on tour d'horizon couplet our on aujet aussi vasts, aussi Is prdsent
expand se limiters cux seules mdthodes de visualization mettant en jeu des traceurs solids@, liquides ou
gazeux et cammencera par one description des principaux types de tunnels hydrodynawaiques existants.

La suite de l'expo@4 eat consacrte I l'examen d'une adrie de vioslisiona concernant l'srodynamique des
grands angles d'attaque et obtenues aussi bien avec des odbles simples (profile, miles, fuselages isolfs,
etc...) qu'avec des msquettes plus dlabordes (combinaisona fuselage-siles, avions couplets, etc...).

(11) Des films do visusiations waront priaenths au cours des Lecture, Series.

_0
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2 - TECHNIQUES EXPERIMENTALES-

2.1 - Tunnels hydrodynanmiguea

11 existe une grande varidtd d'installations hydrauliquea servant A Ia visualisation des Lscoulew~nts et
qui diffL~rent surtout par la disposition de leur veine deessai et leur Principe de fonctionnement. on

peut distinguer lea 3 principaux types suivants:

- lea tunnels verticaux en circuit ouvert et fonctionnant g~neralement par vidange sous l'effet de is

gravitd, cossim ceux de l'ONERA (fig.l) [I];

- lee tunnels & veine verticale ou horizontale et fonctionnant en circuit feriad A laide d'une posipe ou

d'une h6lice actionnde par on isoteur. Ce sont lea plus nombreux et l'on peut citer d'abord ceux du
NAE [21 (Ottawa), du AVRADCOM [31(US Army/ams) et de NORTHROP [4](Hawthorne) :voir figure 2&bc;,

- lea basinsh surface libre g~ndraiement sans circulation d'eau et dansa lequel se dkplace Is slaquette

entrainke par un chariot, conim celui de la DFVLR [5](Ciittingen) :voir fig. 2dd'.

Lea tunnels lea plus connus figurent dona le tableau ci-dessous avec leurs csract9 rist iques principales.
at le nombre de Reynolds moyen typique des visuslisations.

Etablissement Type de tunnel Vitesse max. observation
(pays) (section veine) (Nbre de Reynolds)

ONERA (Chaltillon) Vertical 0,25 m/s (0,5.10) 5 orfg a i.

FRANCE THl 0,22 x 0,22 ms 1,50 is/s (6,5.105) etc...
TH2 0,45 x 0,45 am 0,065 m/s (0,5.105)

TH3 0,80 x 0,80 is

NAE (Ottawa) Horizontal .3 rn/s (6.5.105) voir fig. 2a

CANADA 0,25 x 0,33 is

NASA Ames Horizontal 6 rn/s (2.104) presaurisable

Moffett Field 0,20 x 0,30 ms voir fig.2c et 1
3
a&'

USA

NORTHROP Vertical4
Hawthorne 0,4C x 0,61 is 0,076 ails (3.10 4 voir fig.2b et 1

6
c

USA

ARL Melbourne Horizontal4
AUSTRALIE 0,25 a 0,25 is 0,76 is/s (10 4 voir fig. 6efg

INSTITUTr AtROTECH- Horizontal 1,20 s/. (105) voir fig. 13&-kc
NIQUE St CYR 0,45 x 0,45 is

FRANCE

BRIT.AERO.DYN.GROUP Horizontal 3 ws/o 0.104) voir fig. 16e
WA~RON 0,45 a 0,45 is

ENGLAND

MB Ottobrun Vertical 1,4 is/s (O,6x1
0 4

) voir fig. 11 de,[61
ALLENAGNE 0,34 x 0,34 a

I.S.L. Saint Louis Vertical 0,20 m/s (10 4 voir fig. 10&
FRANCE 0,25 a 0,25 as

N.P.L Teddington Horizontal 2,4 rn/a (5.104

ENGLAND 0,25 x 0,33 is

OCEANICS INC. Horizontal6
Plainview 0,50 x 0,50 is 12 is/s (8.106

U.S.A.

V.K.I Rhode
St Genus. 0,15 x 0,15 mi 0,21 s/s (4.104)
BELGEQUE

BERTIN Plaisir Veine Horizontale 5 s/s (106)

FRANCE 0,40 a 0,40 m

LOCKHEED Horizontal 0,25 is/s (0,5.105) votf. b
Marietta 0,33 x 0,25 a iifi.1

U.S.A.
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DoVgR basi 65l~ voir fig. 2dd' et

MAT~RA Velizy bassin i's rn/a (106)
FRANCE 1,0 x 1,0 m

University bassin 0.30 u/a (1,5.10,5)
KYUSHU 0,5 x 0,5 m
JAPAN

DO)UGL.AS Aircraft bassin 2,45 m/s (0,8.106)
Huntington 0,60 x 0,35 m
BEACH U.S.A

2.2 - M4thodee de visualisation-

Lee procddds utilisant des traceurs pour Is visualisation aussi bjen dens l'sir que dana l'eau sont
aus si fort nombreux et varies. Le lecteur intgread conaulters avec fruit lea diffdrentes synthboes
[ 7 - III qui A pluajeure reprises ont fsit le point de I& question. Seuls lea proc#d69 lee plus utilisda
seront LEvoquda ci-deasous.

on notere ici que ccc iz~thodes, qui mettent en jeu des 6l6ments en suspension dans le fluide, Bout dens
certaina cas [12]limaitdea par suite des dcarts entre lee trajectoirca de particules et des 6l4ments
fluides qu'elles reproksentent. Ccci concerne aurtout lea particules n'ayant pas is ,a~ue densitd et viscositt
que le fluide et sousaises slors du fait de leur diarnbtre aux effets de mayenne, sux forces centrifuges
et A I& gravitd, cc dernier point Atant plus g~nant en veine d'esaai horizontale.

11 nWest peut Otre pa inutile de rappeler ici qua si Its trajectoires et lignes d'6mission de traceurs
corrects co'incident avec lea lignes de courant d'un dcoulement stationnaire, tout au momns en rdgime
laminaire, cc n'est plus vrai pour un Ecoulemcnt instationnaire et en rigime turbulent :cependant, come
on le verra ci-desous, tea traceurs peuvent~avyennsnt certaines prdcautions ,fournir de ,s~ue l'allure de
l'Acoulement inatantand ou isoyen avec lea dicollements qui *a produisent sux angles d'attaque dlevds.

Voici lea priocipaux traccurs utilieda dens Veaci

2.2.1 - Traceure solides -

Ils sout gdnkralement introduita par une ande en moynt du mod~le

- paillettes d'aluiainiu [11;

- perles de polystyrol, aphdriques et de densitd trbs voisine de celle de leau (fig. 13g-k (14])

- perle. de verre. poudre de plexiglas, etc .... voir [11]

2.2.2 - Traeufre ljS!!ides -

Ila soot dus A partir des maquettes ou d'une raspe aot

- lait dilui (milange de lait, d'alcool, de colorant et d'eau dont Is densiti et I& viscositd soot fgales
A celle de l'eau). utiliae dana lea tunnels OIIER jusqu'en 1979 (fig.17) 115]

- rhodorsil dilud (milange stable et blanc pouvant remplacer Ie lait) utiliad depuia 1979

- colorants fluorescents (161;

encre, teinture, solution de tdtracblorure do carbone et de benzine, permanganate de potasse, etc... ,

2.2.3 - Traceur.jaa -

- gindralitis concarnant l'utilisation des bulles :voir [17]

- bulles d'air obtenuss A I'aide d'un agent dwoulsionnant introduit au moment du remplisage du r~servoir
(procEdd MNRA) (151 :voir fig.3;

- bull** d'air injscties I partir de rampes ou trous d'doission & I& surface des modbles on ae fotuant
naturellesmot dana lea conditions des essais, par example anus l'effet e Ia cavitation [18];

- bulles dhydrovine obtenues jar Electrolyse, mithode cr~de par GELLER (19] at msintes fois reprisas
120-22]: fig 6 b-S

2.2.4 - Au odes

- brins de texilea --xfa I Is Parot des modbles (fig. 13g-k);

- flotteura (paillettas E'aluminiun, poudre d'hostaflon ou Butres traceurs Idgera rdpandus &Is surface
libre), dout l'emloi rests gindralesnt liaiti au courant plan
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- peintures et huiles recouvrsnt le mod~le ou e~thodes chimiquea limit~esasux dcoulements pari~tsux.

2.3 - MFckhodes utjljsdes en soufflerie -

Ces s~thodes [23] ont fait l'objet de wise@ A jour r~centes [24], parmi lesquelles on note plus particu-
librement celle de T.Mueller [25] qui I l'Universit6 de Notre Dame dispose d'installstions sp~cifiques
adsptdes A Is visualisation & Vaide de fumfe (souffieries A grsnd coefficient de contraction et foible
taux de turbulence, rsispes d'dmissions de fuefe, etc..):

2. 3. 1 -Smoke technjgs-

Ces fus~es g~ndralement blanches sont obtenues A 1 aide de gdngrateurs ou d4' smoke wire" & partir de
titaniuma tetrachloride (J.E HARVEY : fig. 6a), de kdros~ne (MUELLER [26] : fig. 4 abc), de vapeurs
d'huile ou d'esu condensfe par de l'azote liquide ([27,57] fig. 5 h et lOfgh).

2.3.2 -Surface liauid _f ow techni u a"-

ONERA et permettant d'op~rer A diiffrents Mach, incidences et d~rapages sans arrft de la soufflerie [28]J (fig. 7ab, fig.16g);
-enduits visqueux (fig. 7cde ), peintures plastiques (fig.5b, 9j), psintures the rmoluminescentes, huiles
(fig.lld), cristaux liquides ou sublimation d'acdnapht~ne [281, sutant de proc~d~se demandant mne misc
en place prfalable de l'enduit avant chaque essai

2.3.3 -"Tufts technigued"

- minuscules brins de lamne ou de nylon collda sur le modble (fig. 16 i) ou fixks sur une frille (fig.12d)
[29] ce procdd a z~me dtd appliquE avec succ~s au cas d'une h~lice en vol("mini tufts' fluorescents du
Dr. CROWIDER [30]: fig. 15 ab), ndtessitant des dclairs de lumibre UV de 5 millisecondesl

2.3.4 - Bulles d'hdlium -

Ces bulles de savon gonfldes d'hdlium et flottant dens l'air constituent des traceurs privildgids, mais
nicessitent un g6ndrateur cylindrique amont (Sage Action BFS 1035)[31 - 32] adaptd I Ia vitesse de Is
soufflerie ;ces bulles permettent d'obtenir des visualisations aussi fines que celles effectukes en tunnel
hydrodyninmique : fig. 11 fg.

2.3.5 - Autres-mfthodes -

line s~thode part icul i4resmnt originale, celle du Dr.CR0OJDER de BOEING [33], traduit en points lumineux
de diffdrentes couleurs un sondage de preasion totals effectud dans un plan transversal derritre le
mod~le et fait apparattre sinai sans traceurs le sillsge tourbillonnaire d'une aile munie de volets de
courbure (fig. 16 h).

3 - EXEMPLES DE RESULTATS -

Le cadre limitd de cet expose n'autoriae qu'une dvotation auccincte des nombreux exemples d'6tudes sux
incidences dlevkesa uxquela is visualisation a pu apporter une contribution. Ces exemples, clasos s ui-
vsnt le type de phdnombne ou d'okcoulement 6tudig, sont illustrds par 15 figures (nos 3 A 17).

3.1 - Profile - Prises d'sir bidimensionnelles -

L'dcouleinnt iaminaire is long d'une parol plane comportant un bard d'attaque aigu ddcolle anus leffet
d',une misc en incidence et ce ditcollement fixd le long de ce bord eat d'abord locslis6, puis se ddweloppe
rspidemnt dsamont en sval.

11 en eat sinai dana s lecao dune prise d'air I canal parallble fonctionnant avec un coefficient de dibit
F_ voisin de 1 :en effet, A (X - 20%* on diatingue un bulbs ddcollk interns fixg I Is ltvre infdrieuve et
ce d~collemnt s'dtend h l'ensemble du canal A 0( - 40'. Dana cet example, lea bulls d'sir prdcisent
l'allure de l'Ecoulement moyen (fig. 3ab), tandis que le colorant Emis sous forum de nappe rfv~le la
formation de rouleaux tourbillonnaires A Is fronti~re des d~collements. phdnombne qui assure Is transition
laminaire-turbulent it lint~rieur de la prise (fig. 3s'b') [34].

Sur une plaque mince placde A 20* dincidence (fig. 30) l'effet*~canal~forable n'existe pan et Ia zone
d~collde affecte tout lsxtrados et ns se referme qu'en oval du bord de fuite.Un jet transversal 135 l6mis
pr"s du bard d'attaque dos cette zone ddcoll~e permet de r~duirs ce d~colleient I un petit bulbs, mime
I incidence tree dlevde (fig. 3 de).

Sur un profil cosiportant un bard d'attsque srrondi le dicollsment d'extrados rests libre et eat de ce
fait plus sensible aux effets du nombre de Reynolds ;cependant aux incidences Alevtesa,la variation de
ce parametre n'entrstne pas de modification de structure de Is zone d~coll~e (fig. 3hi).

Notons ici que les filets colorfs paridtsux dmis dana Is zone dicollde prdcisent Is direction et le corac-
tbre du courant de retour (fig. 3g), tandia que Ia nappe de colorant dmise au bord d'attaqus du am profil
A foible incidence viosliss Is transition naturelle de Is couche limits dsextrados (fig.3f)[36]
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las visualisations par filets de fumds rialiskes par T.HUELLER 137] (fig.4abc) recoupent lee r~sultats
our lea profils obtenus dans l'eau:

- d~collement g~ndraliad pour X~ = l4* - 15* (fig. 4 aa'),

- mince bulbe de decollement avec recollement turbulent puis d~collement arri~re pour C( - 10' - 12'
(fig. 4bb'),

-bulbe decolld plus dtendu loraque diminue le notnbre de Reynolds (comparer fig. 4 b et c).

La m~thode du bord d'attaque agrandi utilis6 A l'ONERA C38] permat d'obteriir des images plus dttailldses de

ces phdnom6nea

- bulbe de ddcolleent aasurant la tranaition (fig. 4c'c'),

- ddcollement gdndralis6 (fig.4 d),

- recollement sous l'effet d'un soufflage tangentiel (fig.4 e),

- recolleimnt obtenu par un bec a fente (soufflage naturel) :fig.4f.

3.2 - Ailes delta minces-

line exemple clasaique d'6tude a~rodynamique A grande incidence est celui Ju de collemnt tourbillonnaire qui
se forms sur l'extrados d'une mile delta mince A fl, che accentod4e. On sait 90C e r -gime assure au ood~ie
un suppILdmet de portance, qui croft avec lincidence et que limite lapparition du ph,6nomtne d~'clat-mnt
des tourbillons.

Les visualisations obtenuesaus tunnel hydrodynamique ont nis en 6v~dencc lorganisation et la structure
des tourbillona issus de l'apex et r~sultant de l'encoul ement en "cornet" 39-401 de la nappe qoi me
detache le long du bard d'attaque aigu de chaque c8t6 de l'aile (fig. 5acd). Elles pere ttent de dilgager
le schde.a physique de l'6coulement (fig.5g) [41].

Ces recherches ont 6d 6tendues so ph~nomene d'6clatement [42]qui desorganise ces tourbillons sue incidences
dlev~es (fig. 5 efh).

Des visualisations en soofflerie (ONERA S3Ch) par fum~e 6clair~se par un mince faiseso laser plan (fig.5h
ont confirm6 la structure spirals du noyau tourbillonnairs dclat6.

Ces visualisations ont en outre prdcis6 le 36placement du point d'6clatement en fonction des paramttres,
soit par example en fonction de l'incidence (fig.5i). Grice h des dmissions de colorant intermittentes,
il a 6td possible de ddterminer l'Ovolutiun de la vitesse Is long de l'axe do tourbillon jusqu'so point
d'dclatement et pour diff6rentes incidences (fig.5j).

Enfin, lea expdriences ont mntrE4 qua l'orgsnisation et Ia structure de ces tourbillons subsistent en
supersonique[43l (fig. Sb).

Pour mttre en dvidence Ia nappe enroulke en "cornet", et seulesmn cette nappe, il a fallo fairs appel
a one visualisation en tunnel hydrodynamiqos par bulles d'hydrog~ns, obtenuss par Oiectrolyse au moyen
d'une cathode disposdE au bord d'attsque de Vlle (fig.6b). Carte image de la nappa est tout & fait
comparable I cells obtanue par fusa~e an souffleria par J.K HAMVY (fig.6a). Catte nappe peut Etre vise en
coupe I laide d'un Eclairaga par plan de lumiibre. Ainsi le Dr. D.THO4SON (441a vm en Evidence l'Evolo-
tion de catte nappe en fonction de l'abscisse, de l'incidence et de Is fl~tche de l'aile (fig.5 efg). De
mime, la trace de Ia nappe obtenue au tunnel hydrodynamique de lONERA, done on plan situk A Ia mi-cords
en au bord de fuita d'une ails delta a dt4 compar~e aver lsa rioultats d'un calcol nmasrique repr~sentant
la nappa par on rdseau de tourbillons concentrde (fig. 6cd) 1451.

3.3 - Ailes dpaisses -

tin ler exemple st celui de laile cylindrique en fltche accentu~es 60*) Equipge d'un profil
symdcrique ONERA "D" (Epaisseur 'b-0,105), dont 1'6coolement tridimensionnal a fait l'objet A
1'ONERA d'une Etude aystdmatique allant juaqo' aux vitesses tranasoniqus 1461.

Les diff~rentes visualisations groupdss our la Figure 7 pricisent l'dvolution en fonction du nowbre de
Mach, de 1'dcoulsment paridtal otr lextrsdos do asd~le placE a 24* d'incidence.

On distingue notmmnt la position des ondes de thoc en tranasonique (fig. 7ab), et aurtout Isa zones
directement balsydas par lea tourbillons prinripsux at secondaires (fig. 7c).

Las Emissions de colorant au tonnel hydrodynamique (fig.7f) fournissent one visualisation spatiale de
Is structure tourbillonnaire d'extradoo qui rejoint calls fournie par on calcul des Ii gnes d'smission bass
sur Ia m~thods des singularitds [47]( fig. 7g)

tine analyse plus fine de l'Acoulement a dIE effectute a laide de sondagas at de visusliastin 1481, an
particulier daa la zone de lapex de cetne demi-aila fixke or on psnneao. C'est au voisinage de l'apex
(fig.7 de at fig. 17 abc) qua me situe lorigina de cam tourbillons aix incidences oElevdes at qua V'on
d~ctle des d~scollesants ds la couche limits qui se form our le panneao.

tin dasci~m exemple d'aile en flLcha Opaise e st h nouveau celui da l'aile delta enti~re [49]. Sur l'extra-
dos de catte mile (%.60*), des #missions de colorant paridtale. rdv~Lent le. singolarirE.@ caract~ritant
I'dcoulement & moyenna incidence (fig. 8cc' at sch~ma 8d), puia I incidence Elev,6e (fig. 8ab).
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Dane lea deux cas as ddveloppe sur Is partie avant de l'extrados one couche de courant cisaill~e trans-
versalement, c 'est-&i-dire caractoirisde per une d~rapage vers le bard d'attaque des lignes de courant deve-
nant paridiales. Quand cette couche ddcolle, elle constitue I* nappe qui s~enroule pour former le tourbil-
Ion d'extrados. Mgm 1 20* d'incidence, lorigine des tourbillona se aitue encore I une certaine distance
de Ilaex tandis que leur dclatement se produit d!jA en amnt du bard de fuite.

Lee tourbillons principaux restent ainsi *6par~s, coe h l0* dincidence, par one zone mfdiane non tour-
billonnaire sur cette aile 1 60c de flA~che.

Un exemple de d~collesmnt de structure tout h fait difftrente eat celui qui affecte l'extrados d'une sile
trap~zolidale de foible flbche. 10me ai h faible nomrbre de Reynolds, lea dMcollements d'extrados apparais-
sent d~s lea petites incidences et se ddveloppent plus rapidement qoand Oc croft, ce. visualisations met-
tent en dvidence Is form des lignes de courant pariftales que I'on finita par retrouver aux incidences
dlevdes lors d'essais effectude I grand nosibre de Reynolds (fig. 16 g) [50].

Sur un md~le A bard da4ttaque arrondi, le ddcollement apparatt gdnkralestnt pres du bard de fuite I
foible incidence Ciig.8e) et finit par s'dtendre i i& totalitd de lextradoa i incidence klev~e (fig.Ofg)

[511.Sur on mod~le A bard d'attaque aigu au mains bien profil6, on bulbe tridimensionnel se forme d'abord
au bard d'attaque (fig.8h) et se g~noralise brutsleamnt h l'extrados quand CK croft (fig. 8 ij).

3.4 - Corps fuselds -

L'dtude fondamentale coiimencte ci-dessua avec des voilures isolkes a Atd poursoivie avec une deuxime
ciasse de maquettes de base, celle des corps fuselks dont le camportesmnt sos incidences 6lev~ses int'resse
directement lea lanceorsmissiles et fuselages d'avion.

tine presai~re sdrie de visualisations concerne lea ogives de rdvolution (fig.9) et pervet de distingoer
comme sur lea voilures diffdrents types de ddcollement [52S53]:

- our one ogive A nez relativesmnt plat (fig.9ab), le d~collement d'extrados roulte d'une jonction entre
le bulbe uddian qui affecte le nez h faible incidence et le dicolleminnt tourbillonnaire qui se d44veloppe
de chaqoc c~td do mad~le;

- sur one ogive profilie A nez arrondi (fig. 9cde , schdes 9f). on retrouve, come sot one aihe delta 6paisse

A incidence nmoyenne, 2 plages dicollies s~paries par on couloir m~dian sain
- sur une ogive profil~e aL nez polntu (fig. 9g), one structure toorblllonnaire organis~e se diveloppe jusqu'

proximitf de ispex et finit par s'y rattacher aux incidences tree flev~es (fig. lob);
- sur one ogive A profil courbe et ne comportant pas de discontinuitt 00 de variation trop importante de

courbure (ogive conique h nec arrondi raccordd par one clothoide), on observe 1& jonction so sosaint do
nez des 2 tourbillons principaux qui forment alots lea deux branches doune sorte de toorbillon en fer
h cheval (fig.9 hi). Ces phdnombnes tourbillonnaires subsistent soc vitesses dlevies :en effet, mSmw
en hypersonique (fig. 9j), on peut observer sur one visualisation par endoit visqueoX I& 7one balaye
par les tourbillons qui se forment dana Is zone d~collde our l'extrados do ,wd~le A 20* d'incidence4#33.

Lee exemples suivants groupds our Is Fig. 10 concernent lea fuselages cylindriques longs et les maquettes
d'engins.

tin fuselage cylindrique placd A incidence gl~eve devient le siige de taurbillons assyis'triques et c'est
& M. FIECHTER [54] que lon doit loune des premiltres visualisations de cc phdnomLne en 1966 (fig. l0s).
Cette configuration de d~collement stationnaire s'dtablit entre 35* et 60* d'incidence our les corps
liases (fig. 10 cdeh) [55 - 56] et se traduit par des forces lattrales our le svdlle.

Pr~s de l& Pointe avant (fig. lob), cette structure tourbillonnaire conserve d'abord s sym~trie, come
elie lest normalement toot le long do ,wdlle soc incidence. plus foibles [57-58] (fig. 16 ef). Aux
incidences supdrieures it 60*, ls structure d~collde deviant instationnaire svec formation de tourbillons
alternds do type Bdnard-itarman.

tin moyen efficace de stabilisation destind I Eviter lapparition des forces latfrales conaiste I
disposer latdralement de chaquc cftA6 do corps de rdvolution des ailettes minces de foible allongement
appeigesnageoires(fig. l0g, ij). Le d~collesmcnt se fixe &lots le long do bord aigo des nageoires
et assure, I d rapage nul, Is formation de tourbilions sym~triques et stables, qui doivent assurer au
,zodale le supplsmnt de portance torbillon,,aire dont b~ndficient lea axles de faible allongement 140O, 59].

Dane le caa doun ddrapage (fig. 10 kI), l'tcoulement cease d'ftre symotrique et les tourbillons de
nsgeoires s'dioignent latdralesant do fuselage, en franchiasant le plan de symtrie do modcle. Pour on
angle de ddrapage critique, on des deux tourbillons peut donc trouver sur so trajectoire lempennage
vertical de lengin et Itre sinai h lorigine d'effets d'interaction n~fastes 1601.

3.5 - Configurations de maoutte donnant lieu I des effets d'interaction -

Dena de nombreux cas, de telles interactions peuvent *e produire entre les ddcollements tourbillonnaires
se foruant I l'avant et les parties arrilre de maqoettes plus complexes et part icul i~rement a05 incidences
dlevfes.

11 en eat ainsi avec lea tourbillons de fuselage qui, suivant lincidence du o Me et I& disposition
en hauteur de lempennage horizontal, peuvent riduire l'efficacitd de ce dernier (fig. 11 ab).

Quelques exemples mettent en jeu des surfaces auxiliaires do type "canard!'" I lavant de I& voilore
principale doun avion.

Dans on premier cas (fig.ll c), ii s'agit dewvoust ache s monties hI lavant doune maquettc de
l'avion Concorde et dont 1lefficacit6 est assurie par I& position et le dildre n~gatif adapt#@ soc inciden-

40.d.5proche et d'atterrissage. Leur but eat de participer AI lqiirg lniois d apri
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Dane wi deuxiame exesmple, ce plan canard en fl~che ocrc4,e une position plus procha de Ia voilure princi-
pale elle-m~me en fl~che[61](fig. 11 de) :lea tourbillona du plan canard sont *lore cspt~s par ceux de la
voilure principale qui rdcupbrent ainsi lour dnergie: l'~catement du tourbillon principal peut ainsi istre
retardt ayx grandes incidences.

lhie 34at forasile consiste en on plan canard disposO directement au-dessue de l'apex de Is voilure princi-
pale. Son action eat similaire, mais elle produit en outre un effetcanal" favorable qui provoque en
particulier le recul du ph~snombne d'dclatement du tourbillon de voilure (fig. 11 fg et fig. 17 def) (32,
62]

Un dernier execmple met en jeu one voilore A flche avant, forwule nouve lle du type de rellc Etudide
pour 1' USAF (DARPA ) [631 . Cette voilure bUngficie d'un r~gime tourb~llonnaire bien structurE et

a ccrochO A Ia pointe avant en dipit d'une flbche de bord d'attaque relativexent foible( vo -9* ir
fig. 11h.

Le plan canard jooc le r8le d'un strake dana Ie cas d'une tells Bile, c'est-A-dire engendre on aillage

foprbillo~naire qui agit aur Ia partie mome bien organis~se c~t44 emplanture de Ia v'oilure principale

Les strakes A fl~rhe klevide sont g~ndralement diaposda devant des ailes de foible fl~che, et parfois
constituent le prolongement de ces derni~res vera lavant formant ainaj une voilure en double delta [401
(fig. 16 ci et fig. 17 g). L'effet favorable du d~collement tourbillonnaire intenae du strake se prolonge
dana cea conditiona Bur one parrie de l'aile principale qui lui fait suite. Aux incidenesa 6lev~es
(fig. 17 h), le tourbillon drlate er on aoufflage tranoscrsal (-st alors n~cessaire( fig. 17i)pour r~tablir
one atructure toorbillonnaire organis~e aur be mod~le [62].

3.6 - Maguettea d'aviona

Afin de prordder A one 6tude de l'6coolement auaai comspute que poaaible, de nombreox eaaaia mettent en
jco des ,aquettea enti~res (effet de ddrapage) aver dea voilures complbtea (munica par exemple de leora
voleta) et plua o avina motoriadea (simulation dea priaea d'air et dea jeta de rdacteor).

Ainai dana le caa d'on avion de combat 6quipE! d'une voilure en delta, le ddcollemnt ae lindre A Is
voilore aux incidencas mwyennea (fig. 12 a) avec dea toorbillona bien atructorda (fig. 12d), puia quand
linridence aogmnte ca tourbillona tendent A seddaorganiaer c8t6 aval (fig. 16 a) et cc phMnom~ne (601,
confirm6 en vol (fig. 16 b), relnonte d'aval en amont jusquoA ddaorganisation complete aur l'aile (fi2.l2bb')
et tourbillons assymgrriques sot le fuselage (fig. 1

6
c) :il faut alors utiliser on jet d'intensit6 soffisante

6mis solvant 1 'axe do tourbIllon (fig. 12cr') poor ritabl ir un 6coulneent tourbillonnaire organis6 sor I 'en-
aemble fonelage-voilure 164-661.
Enfin, aor crtains modLea daovionon peut d~celer lea effets dua ao fonctionnement de Is pris, d'air
aovent prorhe de l'apex de la voilore o6 as aitue l'origine des tourbillons d'extrados ;il en eat de
ma8,e aver lea effeta des jets de rdacteors or lea tourbillons de voilore (fig. 12 eff') 167].

Finaleisent lalaS A foible incidence, lea voleta de courbure forteisent braquds d'une aile d'avion de trans-
port se troovent plac~s dana one situation de grands angles d'attaque ;ila donnent naissance A toute one
sdrie de tourbillons (fig. 12g) dont on retrouve lexacte image dana Lea sondages de pression totele intE4-
reasant le sillage et effectuds dane Is plan transversal A laide du proc~dE do Dr.CROWDERt [33] (fig.16h).

3.7 - Eassis en inatationnaire -

Autour d'un profil animd d'on to~uvaeaent d'oscillationa harsvniques en tangage (fig. 13 a-f) 00 d'un mouve-
went de battement avec modulation cyclique de l'incidence (fig. 13 g-k), las diffdrents types de traceurs
utiliods (bulles d'air, bulles d'hydrogbne Emises par one cathode fixe asont ou placole sur Is profil,
perles de polystyrol ou fila disposds sur le modble) rdv~lent les dchappements tourbillonnaires qui se
prodoisent A chaque cycle loraque varie I& circulation autour du profil E68) . on Bait qo'un tel mouvement
d'oacillations en tangage simule la variation cyrlique du pas des pales d'un hdlicoptOre 169 - 71]. Le
retard et Ie caractbre tourbillonnaires accentud du d~crochement dynamique aol incidences dlevses
expliquent leffet d'hystdrdsis favorable our Ia porranre, mnyanne maximale qua V'on enregistre en inats-
tionnairesor Ia pale reculante d'un rotor d'hdlicoptbre.

Des phdnombnes similaires caractorisent l'dcouleamnt tridimrsnsionnel autour d'one maquette d'avion aver
voilure en delta (fig. 14 i-p). Les variations cycliques d'intensitf des tourbillons observ~s permettent
de mieux interpreter Lea r~soltats des mesores effertudes en dynasmiqoe so coors deassais similairea en
soufflerie.

One Butte classe d'#coulements instationnaires eat relle qoi conrerne lea maqoettes anfm~esd'un ouvement
de rotation unifors:

A faible incidence (fig. 14a-d), cette rotation aimule on mouveamt de tonneauo A incidence 6levfe
(fig. 14e-h),une vrille "A plat" . Dana lea deux cas, lea phknomL~nes toorbillonnaires as diveloppent do
rfitE de Ia demi-aile desrendante at Be rdsox-bent do c~t6 opposE [72].

Sur lee modles en ouvement de rotation uniforme, Is visualisation pout sossi apporter de pr~cieuses
indications aur l'6coulemnt parittal :il en eat sinai aver lea mini-tufts fluorescents (proc~d# do
Dr CROWDER) collds sur des h~lices d'svions en vol at qui rsvblent non seulaaaent l'albure des lignes e
coourant parifcales Bur lea pales et le moyeo (fig. 15 a), mais assi Ia trace do rhor prbs de l'extr~mits
de Is pale en cranasonique (fig. 15b);

-lea emissions paridtales de fos~e (fig. 15c), de colorant (fig.15d) at mtme lea bolles d'air (fig.lld')
mettent aussi en luni~re Is structure de Is transition de l'droulenent Ie long doun cylindre dont La
totalitE 173]ou one partie [361 et en rotation.
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Un dernier exemple en rdgime instationnaire concerne lea tourbillons marginaux ce sont let tourbillons
qui se formnt A l'extrdmitd des 3 pales d'un rotor rigide placd I une incidence de -45Y et en rotation
dane un dcoulement uniforte [74]. Ie colorant dmis en bout de pale r#vale lallure cyclofdale des tourbil-
Ions (fig. 15e) ;C'est le tourbillon qui se ddveloppe A 1'extrdsitt libre d'une ajle rectangulaire de
faible allongesment placke A 30* d'incidence dan& ujn fluids mis en translation uniforme & partir du repo*
(fig. 15 fg) [71] ce tourbillon eat visualisd h laide de lignea d'dmiasion que Von pout couparer evec:
celles obtenues par le calcul (fig. 15 h) qui lui sasi implique mne raise en muvemeni du fluide I partir
du repos [761.

4 - CONCLUSION -

En rdgime atationnaire comme en ragim instationnaire, lea diffdrenta traCeurs utilieds en tunnel hydrody-
nsmique et en soufflerie mttent en lumi~re les phdnotgnea caractirisant l'a~rodynamique des mod~les aux
grands angles d'attaque [771:

- aur lea voilurea, lea ddcollements ae gdralisent A partir des bords d'attque ou de fuite et lour
structure devient tourbillonnaire et organiade aur lea miles en flbche accentude ,mais avec: Is limitation
due A 1'dclatcsaent des tourbillons;

- aur les corps fuselds, les tourbillona d'abord syniftriquea deviennent assyistriques, puis instationnraires
quand croft lincidence;

- our lea mssquettes complbtes d'engins et d'avions cosmortant dea combinsions de cei diffdrents 616ments
de base, Is coexistence de cea diffdrents phdnomanes nest psi sans provoquer de nombreux effete
d'interaction, nkfastes ou favorablea.

Dana cea conditions a Pu acre vArifidte I'efficacit6 de diffdrents dispositifs ou procddi destinds h
rdduire les inconvdnients et rdtablir un dcoulement organisd tels que bets, canards, nageoirei, soufflage
transversal, etc...
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SUMMARY

The design of a fighter aircraft for unrestricted maneuvering to post-stall angles of attack (AOA) can
be successfully accomplished if three fundamental areas of design are emphasized:

1. Strict stability criteria for the airframe by careful control of flow
breakdown in the leeside of the wing and the fuselage, especially
where interactions between the forebody and wings are present

2. Adequate controllability up to amax and down to Vmi n by careful
placement and sizing of control surfaces

3. Trouble-free transient operation of the power plant up to amax by

careful integration of the propulsion system to preclude engine stall/
flameout throughout the flight envelope.

Design methodologies for fighter aircraft that operate at high AOA are discussed. Basic wing design
features and the effects of high-lift devices on high-AOA characteristics are presented. Forebody design
considerations for high-AOA stability are developed. as are the effects of forebody shape on radar per-
formance. The interaction of the vortex system emanating from the forebody with other vortex systems
downstream, such as from a leading-edge extension (LEX) or canard or from a highly swept main wing
panel, are shown to be significant.

Control surface placement relative to the wing flowfield and to the vortex flowfield downstream of a
highly swept LEX is shown to be important for both stability and controllability. A criterion for high-
AOA pitch controllability including the effects of kinematic and inertial coupling is presented.

Inlet design considerations regarding placement relative to the body and wing and the effects of duct
geometry on engine compressor face distortion at high AOA are discussed.

1.0 INTRODUCTION

For modern fighter aircraft, flight at high angles of attack (AOA) is an inherent part of both
offensive and defensive maneuvering. Even in the early days of air combat, when aircraft had two or
more wings and maneuvered at speeds well below 100 knots, the pilots operated their machines to the
very edge of their capabilities and to their limits of controllability. The fighter aircraft designer's job
in years gone by was relatively straightforward: keep the flow attached. Flow separation meant loss of
lift and, usually. loss of control. Pilots today still operate their aircraft at the limits of controllabilityI in serious air combat maneuvering (ACM). The main difference between the fighter aircraft of 1917 and
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those of 1992 is that today's designers have significantly extended the speeds ait which the maximum
manieuver ciipaoility is achieved and have significantly increased the AOA to which the aircraft call) he
cont rolled.

Typical modern fighter aircraft achieve maximum lift at NOA ftrim approximately -25 to 35 degrees.
Aggressive maneuvering can cause pitch overshoots find AOA transients to 60 defgrees ir more. Assuring
cideq uate Co ttrollaliility of an aircraft flown to AOA As high As 60 degrees is difficult at best . and sorn
designiers have been nmore successful than others.

Sice some broakdowti of the flow structure around ail aircraft operating at a 61) degree AO.A is
im possibile to prevent . the key in greidiet allowing somec recent aircra ft designis to greatly exp~and the
contriolla ble At)A range is thle utilization of' vortex flows to givi, some semlilance, tif order to the chaos ofI ~ spalraitedi flow wb ict would othbermwise result.

Th is paiiper will . therefore, lie dominated by' discussioiis of vortex flows a round aircraft at igh A) \.
I he wing geometries ciinsidered tire thin with sharp edges. tow- to-moderate aspect ratios, and nmodeiate
to high leading edge sweep. The forebodies are slenider. appropriate to idesigns required to operate with
lim wav e dirag at supersonic Mach numttbers.

2.01 %IN(', DESIGN

Aerodynamic shapes with salient edges often have a fixed line of flow separation at the edge. lbt(
flow up to the edlge is accelerating, but the flow around it inv'olves retardations that would sepalrite ainy
boiundary liiyer. On thin, sharp-edged wings. the boutldarv laver onl the lower surface catniot tehsitiutev
the very large pressure gradients at the leading edge and. consequently. at fixed line of separatiotn exist,
ianid ii sheet of distributed vorticity is shed at thle leading edge. For slender winigs. the vortex sl lets

1 0ll Up into thle Classical letidin g-ed ge spi rat vortices wit h conceitIra ted cores. Ois shoiwni in irugre 1.

rTiree -dimensional regions of separation exist in manv d'iv erse fash inns onl lifting aerodi11mic
configurations imniersed in flows from subisonic to hypersonic speeds. A Common characteristic ini dl
.speed regimies ( provided the leading edge is subsonic)I. however, is that thle three dimnisiotial I niindari'
layer detiichies from the surface along a swept separation hine and . in manny cases . rotlIs til iinto tile

vortical imot ion described above. T he scatle of thle vorticil flow relative to tie in dist iirued liiuutdat
layer thickness depends on the con fi guratiiin. its it ltitde to the free -si reai. and con.pressihi lily Of1
primie interest is the incompressible flow about sletider liftitng surfaces at 'IDA for which thle vortex flow
is many times greater than the undisturbed boundary -layer thickness. as shown in Figure 2. At high
ADA . the flow pat ternt on slender wings Cal lie domintat ed liv thle leadting iedge separations. Thei I ico
retical results presented in Figure 3 (from Reference 1i. teveal significant increases in lift iliove thti
potentiiat. or attached, flow estimates at high AOA associateid with controlled leading edge separtion.

FIGURE 1. LEADING-EDGE VORTEX FLOW ON A SLENDER WING: a= 20 DEGREES

I1 '',

2 ~ L

C, 4 - . . OA. . 1. .

-t , -~C CL ipi

%iCO)StARY VORTEX cuAE Alait Of ATTAIN DIG

FIGURE 2. VORTEX- DOMINATED FLOW ABOUT A FIGURE 3. THEORETICAL LIFT CHARACTERISTICS
SLENDER WING ON A SLENDER WING (REFERENCE 1)



4.

Historically, considerable effort has been expended to avoid, or at least minimize, flow separation.
Dissipation of the powerful wing-tip vortices on commercial transport aircraft. for example. has become
critically important to drag reduction and terminal-area air traffic safety. The application of leading
edge vortex-induced lift on commercial and military aircraft became significant as wing aspect ratio
decreased. With the advent of commercial supersonic transports (SST). highly maneuverable subsonic
transonic fighter aircraft, and the Space Shuttle Orbiter. for example, controlled leading-edge separation
was recognized as an important design factor in takeoff, landing, and maneuver performance. Leading-
edge vortices shed from the thick, rounded-leading-edge. double-delta wing of the Space Shuttle Orbiter
are depicted in Figure 4 (from Reference 2). It is evident that thin sections and sharp leading edges
are not required for vortex development at high attitudes.

Wing design possibilities featuring vortex flows were suggested by D. Kiichemann many years ago
(Reference 3). Instead of maintaining a single flow type over a cranked wing (e.g.. attached flow)
throughout the entire flight range, it was suggested that two flow types be combined. The coexistence
of regions of controlled vortex motion and attached flow is the basis of the slender wing and "hybrid"
wing designs featured on the Anglo-French Concorde SST and the United States Air Force F-16 and
Navy F,'A IS military aircraft. Flow visualization photographs of these configurations are shown in
l iVures 5 through 7 (References 4 through 6 .

(a)l AND lb) 1/140-SCALEJ
CONCORDE AT 12
DEGREES AOA AND t-ERESDEI

ANGLE (RE -, 2 Xe Il

FIGURE 4. LEADING-EDGE VORTEX
ON A SPACE SHUTTLE ORBITER

MODEL: a 20 DEGREES

FIGURE 5. VORTEX FLOW DEVELOPMENT ON A CONCORDE SST MODEL
(FROM REFERENCE 4)

LEit VORTEX

VORTExONFEAKDOWN

FIGURE 6. LEADING-EDGE EXTENSION (LEX) VORTICES ON THE F-16
(FROM REFERENCE 5)
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FIGURE 7. LEADING-EDGE EXTENSION (LEX) VORTICES ON THE F/A-18
(FROM REFERENCE 6)

First-generation applications of vortex-flow concepts have led to more refined and sophisticated
use of these high-energy rotational flows. particulairly its they relate to the -cranked" or arrow wings
suitable for supersonic cruise fighter aircraft. Concurrent with the large increases in lift on thin.
sharp-edgred, slender wings ait a given AOA aire drag increases resulting from it loss of leading-edge suction
and, in addition, to tine Ingniy nonuniform downwastt distribution characteristic of slender wings with
vortex flows. Consequently, recent designs ( Reference 7) haive attempted to "tailor" the wing geometry by
suitable twist, camber, and sweep variations. Such designs allow for leading -edge flow separation but tilt
the vortex-lift vector forward to provide a thrust component. The 'vortex nlap" concept (References R and
9) is one example of wing design intended to achieve an acceptable compromise between the desired vortex
lift and acceptable drag characteristics.

The complexity of the flow about slender wings at high AOA is reflected in the difficulties en
countered in developing theoretical models of a leading-edge vortex (Reference 10)1. Interactions between
multiple leading-edge vortices and the inability of the vortex flows to traverse large adverse prfcssure
gradients in the wintg flowfield. precipitating vortex "burst.' introduce additional complexities. The
behavior of leading-edge vortices (vortex trajectory and stability) depenids on such parameters as O
andl sideslip; wsing sweep: wing leading- and trailing-edge flaps: leading-edge extension (LEX or straket
and cnard llnform, size, incidence, aind dihledral: wing fences and leading-edge discontinuities; and
the presence of downstream airframe components such as horizontal and vertical tails,

I Wirg_Swe~ep and Angle of Attack Effects on Vortex Core Trajectory

Figure 9 presents the effect of della winig leading-edge sweep angle on vortex core sweep angle.
the latter being measured over the linear region of the core prior to streamwise deflection near the wing

t1railing edge. Ani essentially linear relationship exists between the wing sweep and core sweepi angle'-
A.s far ats can be determined in the water tunnel, for the AOA considered (greater than 10 degri,'es).
vuortex cor'e sweep for a given wing sweep is relatively insensitive to AQA. The differer,2e buetween vor
tex coi'e anud wing sweep angles diminishes as wing sweep is increased. Also shown in Figure 8 aire
experimental results in water and air (from References 11 through 14) obtained at Reynolds tuumbuers
from, t0

4 
to 1016, which are consistent with the present results.

Vairiation of vortex core AOA with wing AOA is presented in Figure 9 for a 70-degree dela wintg.
A. linear relatiotnship exists between wing and vortex core AOA. the latter being measured over the region
where vortex core height above the wing varies linearly with distance downstream, as shown in Figure It0.
Fo~r comparisoln. wind tunnel measurements of vortex core position using a laser anemometer at at Reynolds
number of about 106 (from Reference 121 are also shown in Figure 9.

2.2 Siuteslup E~ffects on Vortex_ Core Traetor

The effect of sideslip on 74-degree delta wing windward and leeward vortex core sweep angles is
presented in Figure 10. These water tunnel data indicate that a S-degree increase in sideslip results unt
aippro'ximately i 1-utegree increase and decrease in windward and leeward vortex core sweep aingles respec
tively , Wintd tunntel resujlts obtauined at at Reynolds number of approximately 3 x 10~5. base,] on mean aero
dynta~mic chtord tund using water vapor (from Reference 15) are also shown in Figure 11, reve'uling similair
t rendus wsitht siuteslip.
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NORTHROP WATER TUNNEL
-WATER TUNNEL (REFE RENCE IllWINO TU14NEL (REFERENCE 121 01
WINO TUNNEL (REFERENC 131OTHO AERTNE
WATER TUNNEL (REFERENCE 14) 1101TO WERUNL

_______L _____ WIND TUINNEL (REFERENCE 12)
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o V-
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FIGURE 8, EFFECT OF DELTA WING LEADING- FIGURES9. EFFECT OF 70-DEGREE DELTA WYING AQA
EDGE SWEEP ANGLE ON VORTEX CORE ON VORTEX CORE ADA

SWEEP ANGLE: >a 10 DEGREES)

FIGURE 10. VORTEX CORE TRAJECTORY ON A SLENDER WING (NORTHROP WATER TUNNEL)

W NORTHROP WATER TUNNEL
82 RInS W TUNNEL (REFERENCE 1II

IS WINDWAR D

a72 LMNWNWR

I I Is Is in
SlEIP ANGE -3 0,RDE

FIGURE 11. EFFECT OF SIDESLIP ON 74-DEGREE DELTA WING
VORTEX CORE SWEEP ANGLES )a-20 DEGREES)
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FIGURE 12. EFFECT OF StOESLIP ON VORTEX CORE

TRAJECTORY: 80-DEGREE DELTA WING

I.) LEEWARO VORTEX CORE TRAJECTORY AT LARGE YAW

ANGLE (NORTHROP WATER TUNNEL)

FIGURE 13. DELTA WING VORTEX CHARACTERISTICS ATLARGE YAW ANGLE
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2. 3 Win.SweeR. Effects on Vortex Core Stability

Vortex breakdown is an impressive structural change along the axis of the vortex. and is tissoci
ated with an abrupt axial flow deceleration, expansion of the vortex about a stagnant core. and turbulent
flow thereafter. This vortex instability phenomenon, depicted in Figure 14. is influenced by wing sweep.
which in turn affects the wing pressure field. The external pressure gradient in the wing potential now-
field appears to be a dominant factor in vortex stability at high AOA. although there is ats yet no theo
retical verification. Because of the strong coupling between the appreciale vortex core axiat and swirl
velocity components. thle core is highly responsive to small perturbations in the external pressure,

gradient.

VORTEX CORE

WING SURFACE

FIGURE 14. LEX VORTEX CORE BREAKDOWN AT 20-DEGREE AOA: CLOSEUP VIEW

Figure 15. which presents data from studies made in the Northrop water tunnel, clearly shows the
forward progression of vortex burst point with increased AOA for delta planforms with leading-edge sweep
angles ranging from 60 to 80 degrees. Shown in Figure 16 are lift characteristics which indicate that as
wing sweep is increased maximum lift tends to coincide with the initial occurrence of vortex burst over
the wing surface. The forward progression of core breakdown is more rapid when the burst point is in
the region of the wing trailing edge. where external adverse pressure gradients are large, and less rapid
as bursting approaches the apex of the wing. Vortex breakdown reaches the trailing edge at a higher
AOA as leading-edge sweep angle is increased. This effect is also shown in Figure 17. which presents
many burst observations in water and air over a wide range of Reynolds numbers.

APE X

100 - 6

tWEEP ANGLE. DEG
00

065 12
.oi 70 4

474 6 REFERENC E 17

7 o 
7 8 0 8 0 0

AL3 OO18 TE =3

TRAILING
EDOGE1h

0 10 20 30 40 50 0 0 20 30 40
ANGLE OF ATTACK - o. DEG ANGLE OF ATTACK D 0EG

FIGURE 15. WING SWEEP AND AOA EFFECTS FIGURE 16. NONLINEAR VORTEX - INDUCED LIFT
ON VORTEX STABILITY EFFECTS ON DELTA WINGS



4- a;r iation l o t wingt 'We'ep Litll par distance can g~reatly ater the vortex breakdow n cha ric teri..tic'.
of delta shaped plan fiorm'. I igukre 18illust rates thle effect of plan form contouring oil vo rtex ho rtot- on

Inslltant aspect -ratio wiIlvg; a high degree of sensitivity is evident, It should he noted. however, that
hie isolated Convex giothlic) plan forte. which exlhitit the poorest vortex hutrst cha ract eristic- 'how s a

more gradual forwa:rd progressionl of burst location relaltive to the del and concave planforms when
illlieritl with a hig'her-spect ratio lail wing paniel.
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FIGURE 18. EFFECT OF PLANFORM GEOMETRY
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2.4 alitleslp_Effects on- Vortex. Core-Staill-ilitv,

R esult s depicting tile effect of sideslipt on leadin g lt gortoe x stahlil it r le presen ted in l-ilgtilec 19
for it 711 degree dellta wing. 'rho watter !unoel resul ts reveal vorteox h orst Its\ Tiet rv ihtoi. silt'ji
wh~ereby' the leewalrd vortex exh ib its great or sto hil it v (tie to thle "effective, lein i 1 g etl~ Te weepitir.
oil thle leowlrd paintel . The degree of ils metm ra t aI gle NoA increilses withI increiised sideslil- ~ii

V'ortex hurst asymmltetry . AIX c.1 . is doInil as the, Lifft'rc'.lte in horst lio'atiin over tile a Iiv
bletweeni the winldwatrd Ilod leeward sidies. lurst locatiln. x . .5 niosLureil trim the soitig trilliiig tige -Tot
is, normalized bty tile wing centerline chordt. co. IThis pa~rameeter correlaltes with laterl stiIillitN tirltt
dletermine(] in wind tulnnel test., of dJeli wings I Reference 171 at ii Reynlolds nulmber' iif appirixinitel% lilt,.
Is illust rabt in Figiure 20. In itil redulction in tile slope o~f thle lateoral stability pata meter. C,, . vers il

AOA curve corresponds reasonall well withI initial sortl bxIreiakodowni IsvTimlt I' 'osii IT roiluct Pin it
liateral slobtilit y level occurs tt alpproxtimttltely the AOA at w hichi vortex breatk down ai 55mitl I, liti'.
Bu Trst posiio~n asy mmet ry is reduoceid withI fiurt her incea se in %0A*~. Ii clirreondiii ngly fa virille- Incert'
menlo in C1 re observed.
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FIGURE 19. EFFECT OF SIDESLIP ON 70-DEGREE DELTA WING VORTEX CORE
STABILITY: a 25 DEGREES

0.010

.~0.005 *
UNSTABLE f- ,

0 10 -

STABLE
*0 0T0S I2
WIND TUNNEL=

Ip (- ±50)

(REFERENCE 17)-O

- WATER TUNNEl"
-. 01 .o .

4120 I -- lB

B B Is 24 22 48

ANGLE OF ATTACK - a. DEG
FIGURE 20. COMPARISON OF WATER TUNNEL

VORTEX BURST ASYMMETRY AND WIND TUNNEL
LATERAL STABILITY CHARACTERISTICS

(70-DEGREE DELTA WING)

2.5 Leading-Edge Extensions and Canards

Experimental studies and flight tests on a variety of aircraft have shown that significant increases
in maximum lift and reductions in drag at high lift can be obtained by careful generation and control of
concentrated vortices which favorably interact with the flow over a moderate -aspect-ratio main wing
surface. These vortices have been generated by such devices as close-coupled canards and wing lEXs.
These vortex flow-related improvements lead to an increase in maneuvering performance without large
cruise performance penalties. For example, vortex flows developed on canard-wing and LEX-wing geom-
etries have been successfully applied to the Swedish JAKT-VIGGEN, Israeli Kfir C-2, Northrop F-SE)FG and
YF- 17, Air Force/General Dynamics F-16

. 
and Navy/McDonnell Douglas/Northrop F/A- 18 fighter configurations.

A favorable flow interaction occurs between a close-coupled canard and main wing panel at high
AUA. The canard downwash reduces the local AOA at wing stations inboard of the canard tip. providing.
in essence, a positive camber effect. Because of canard downwash, the wing leading-edge vortex develop-
ment is of a progresnsive nature, commencing at wing stations outboard of the canard tip and procceding
inboard as AOA increases. This spanwise variation of the origin of the wing vortex was observed quite
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The flow interactions associated with canard- wing and LEX -wing arrangements differ and. conse-
quiently. a brief discussion i s warranted. At high AOA mixed regions of potential and vortex flow exist

;n the main wing panel. In the presence of a canard, the progressive wing vortex development and the
persistenice of the vortex ait high AOA are primarily the result of the canard dowowash field. lin the
presence of at highly swept LEX. a region of attached flow exists ait inboard wing stations duie to vortex
i nduced dowowash. Much of thle lift benefits on the wing, however. tire derived from the strong t.EX
vortex-induced upwash and sidewash ait wing stations outboard of the I.EX-witig junction. lIn terms of
exposed atrea, a wing l.lFX appears a somewhat more effective mecans of lift augmentation relative to at
canlard of similar size.

1 he ads-anicemient of forward -swepit wini ( Si I- S technologry hasl, posed interesting challenges to the
effective applicaltion of lift enhancement devices such ats caniards anil tEI:s. In thle calse Of anf lift -SWept
mairi wing. 'uchi devices are inleffective in) dela 'vilig thle onset of tip staill. Furthermore, the calls rd and1
IEX iliiiliiasii redu~ce, the local lift at inboard wing stations. It is evident, then. that the fall lifting

cnliililit% if the wing is still not utilized at high A0A . l-orwsird- swept wing stall olccurs initially ait the
wsing lol. ;- flown til Figure 27. whereas tile outbloard wing sections mahlintin atlicheit flow 11til Ill rl

hiC) %A . Itecautsi' of thle inc reased positive pressuore graidient s neCar the wing root, a1 lI- is ineffectivse
(liii. to, the ililiilitv of thle vortex to traverse this adverse flowfietd tLEN vortex hrellkdllsn is (SLIsiSti'll
11101, Fur~thlermore . the tEN vortex- illttcelt 011wash atnd sidewalsh are opposite to tha~t udesired i 11l ISt 

A iclise cuiiipleil clilllrdl. however, is ain appl~ealing con~cepit wheni integraltedl with an I-SW. Ithe canlardh down50
is-i s it ilihl~:ll 3,-in, sectiolns . together with the oultbloardl attached flow chlaracteristic of ;lit E:SII. oiffers thle
Ilossihility of mlairltallillnt Ittlachel flow on1 thle wing over a large portion1 of' the flight reziiie.

T1 Ic generat iol of' votexC indu Icedl lift results in ain extension of tile maneiuver'inIlg .- ( A ranlge olf
ile( iiircriit . whiich ill tuirn requires thlat lonlgitudild- and laterild iirection~al stabilitv ;ind lontrl he

* ~~~iiniiitailied il) t his extendieid .\hA ranlge . Several factors dji limit the maneuver plerfolrmanllce implrovemelnt
tlliil vCil IC othitiilel withI a I.EN wing combination. Such factors ats ain abrupt loss oIf lonlgituldinail or
Itiledtilillal stiilility at hlighi A0A or a loss (If lateral stability ill high sideslil anle, canl limit mallelvel'
li'r fh,-Im alice . I-iol willg goomet r is thait de velop lIarge amounts (If vortex lift . the callse of thlese problems
in tlight mhecha~nics can often hie attribiuteid til large part to the slime fluid mechanics plieliiflelliil it
bre'akdiowni of thle tEN vortex svsteli This breakdownll im~its tile maximum lift andi can1 occur1 in it svll
Ihitric orl isV mmnet fl iallnlel d iependling 111 tile sidestp) atngle. Asymmetric ILEX. vortex hreahudowll (11 M
I;iIvallclii fighter modl is depicted lin thle flow visualization photographl ill Figure 28.

Inl :, iI id ih (11111it onl. 1.1-; voirtex break down1 becomes lisymmetric dute to tin effective inlierease ill
fil i vcl si eialigle s if tile li-ei d 1.I- laid wing and a reduction in the wind ward I.E andi wing sweep
"iligI. I lli I, shownsl schlematically ill Figure 29 for ai fighter configuration . Asymimetric vortex buorstilig
ove~r the a hg~ 1.11015 ihilielrs lii he it strong contribuotor to tile highly nonlinear lateral -direct ilitll staibility
0MI Ic t itlis i - ersell at ighl -\()A il wind tunnIel tests of fighter con figurations ( Reference 19) . Thle

lli ssi Il te x t,111',t p romoilt es c-hanlges in Itle flowfiel d ait the vertical tals alld causes idifference s in
vi rt ix lift Iliet w CI Isi litw.ir litnd1( leeward wing planels . If this flow asymmetry is soufficiently strong. a

reduct ionI. or lo-,ii I ti- trat 111i1 directional stability can occ ur . The violent na tore of asymmetric vortex
)ii tillg Ii ilell iolierved llt low -speed winld tunnlel tests ( Reference 201. where a sting-mounted model

istillilted iiliot tile Ilidy ixis. In addition, vortex bursting hils been detected liy fighter pilots, h\y a
.iiiliei ilicrease il noiise level outside the cockpit. Examples oif the effects of asymlmetric I.EX volrtex
bu~rstin~g irle depoiteil ill Figures 30 to 32. Data shown in Figures 31 and 32 indicate significanlt differ-
elitI'S ill itiilidw~lrdil 11 leewaird LEX vortex burst positions at high AOA and correspondinig uInstable

avitls if rollling mioment withl AJA respectively. Examples of directional sensitivity associated with
vortex ilehior i-l figtiter aircraft with small and large I.EXs is provided in Figure, 33 and 34. Although
the develoipmlent ut powerful vo! tices is desirable in terms of maximum lift, the LEX vortices can be a source
of large Iiitable variations ir. lateral characteristics. This is shown quite dramatically in Figure 35. Conse-
tqllentlv . a comlpromlise must5 ue madte durinlg the design of a slender wing between maximum lift, which varies
direetlx wth lEX area. an~d lateral stability, which necessitates a limit !o LEX size.
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FIGURE 27. FLOW CHARACTERISTICS ON A FORWARD FIGURE 27. FLOW CHARACTERISTICS ON A FORWARD
SWEPT WING (NORTHROP WATER TUNNEL) SWEPT WING (NORTHROP WATER TUNNEL)
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some cases, promote the development of multiple vortices. In the extreme, a double delta wing is an
example of an abrupt discontinuity in the vortex-feeding mechanism, causing more than one vortex to be
shed along the span. The presence of LEX boundary layer bleed slots, which are intended to prevent
ingestion of low-energy boundary-layer fluid into side-mounted, under-wing engine inlets, can also
result in multiple-vortex shedding. even on a LEX planform of continuous sweep variation. Slot flow
entrainment effects can be of such a magnitude that available lower surface fluid, which separates at the
leading-edge to "feed" into the LEX vortex, is severely restricted. The local reduction in vorlicity
shedding is similar to the effects associated with a planform with leading-edge sweep discontinuities.
LEX vortex behavior can also be influenced by IEX thickness and camber and leading-edge radius which.
when increased, delay flow separation and hence reduce vortex strength at a given AOA. LEX dihedral
anhedral and LEX incidence angle relative to the wing plane are all means by which vortex behavior can
be affected.

Comparison of vortex breakdown characteristics determined in a water tunnel with subsonic wind
tunnel data indicates that a highly swept planform integrated with a higher-aspect -ratio mare wing surface
develops maximum lift at an AOA at which breakdown of the forward pancl (or LEX) vortex occurs nar
the LEX-wing junction or LEX apex, depending on LEX area. On F-18-type LEXs the former applies.
whereas the latter appears applicable to F-5-type [.EXs. Figures 39 through 41 present measured lift
and pitching moment characteristics along with vortex breakdown progression for double-delta: general.
reflective LEX-wing combinations: and a specific fighter configuration.
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tie reduction in vorticity available for feeding into the primarv apex vortex pair. hiter tunill! ii -,l P ',
tions reveal the presence of a primary vortex flow commencing at low \OA within the con fine, of Tih fi,
arrangement. The "trapped vortex" tends to remain within this leading -edge channel for it Iuinted di,
tance downstream. The downwash induced by this vortex prevents flow separati o from ioc'lrlz'i 'v
flap hingeline. The resultant flow situation is similar to the flow ahouit a wing with1 I Iiir IC:iliii ,lt i

radius. As the vortex grows in size. however, tile core trajectory ii ruptlv turn. strennil,1".. .p', tnz
the channlel. A corresponding increase in drag would he expected due to this vortex "iik. ai\

phenomenon.
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Severatl vortex flap airrangements halve also been assessed (Reference 8). It was found during
low speed wind tunnel tests that the most favorable flap geometries produced total leadling edgie uction
vd ocx a pp roachinog thle optim umn level predicted by t heorN ( Reference2)

A variation of thle vortex (lii p concept feat ures an ex tension of thle leading -edge flap :hove the
wing kilrface . Tbis inverted leaidin g edge flap arrangement has been investigated Ii References 23 aindi
24 fur)Y example . 'ilhe purpose of invert ed flaps is to genorate vortex -in ti ced lift incremets tit low A I A
for, takeoff and approach condlitions . The problem associated with this concept. h owever . is t (tat thle
increacsedi vortex sI rert gtl itt low A OA is cotmp romised to a rtIaint extent b3\ a dfisplacemetl of th It,' vx .
;,way from Ithe wiitg surface.- This effect is more p~rottounced ait higher AOA antd. itt addition. litemit tt-c

a-tben shown I Re ferentce 25).- howevye r, to getnera te very biarge vortex- intducwed lift ittcremten ts oiver :
wihi- range of .\AA. Itt tat-I the combination of inverted leading aind lilittg-ed, v flaps witlIt spiittiise
blowtn g prot'eii Ithe formtation of a dfual --vortex system withtin thle upper sutface ihannel. :is shownt ttt
the 11ItelIT hittliile phlotograpih iii Figure -46 (Referentce *26). Compar-isont of eshieriateltta lift chtaracrti
xists wsithI thItoretirnIl ,-tirtates of a very thick.- highly canmbered wing sectiont l-igutc 41 uigvsts that

the bo1i vortex svsti'm inidtces an 'effective'' thickntess ;itt, camilber. ;is mtightt lhe infet'tr'd ftrom thei flow
vi tialiratiott Iphlotograph -
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THEORY JINVISCIG. INCOMPRESSIBLE)I

(REFERENCE 2W1
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FIGURE 46. STREAKIINES ABOUT "LOCKED VORTEX" FIGURE 47. "LOCKED VORTEX' WING IUNSWEPTI LIFT
WING USING HELIUM BUBBLE FLOW VISUALIZATION CHARACTERISTICS AND THEORETICAL LIFT
TECHNIQUE: "20 DEGREES (FROM REFERENCE 26) ESTIMATES FOR A THICK. HIGHLY

CAMBERED WING SECTION

Vo',rtex core triljectlirY tund sttility tire iflso affec-tedl h% downward ideflectiont of ., liin railingl
edlge flilp. At tow AO. where the wing positive presstire gradiients tire not large, t railing e,'fi flip
(il' feetjolt in,'re,,ses vortex st rengthI without p romnot ing voirtex btrea kdown and if ittdd1it itt, the xiirt is
core tentis Ito fotlow tite curvature of the wing.
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the tatter effect is vividly illustrated i the wind tunnel smoike fnow %isiatiton pihotographi iii

Figure 48 (Reference 20) . At high AO.-A. however. trailing-edge flap dleflection i sfficientl% .Increases
thle adverse pressure graidient a nealr the winrg t railinrg edge to ca use at rediuc tio Inii vortex at atrilitNv
The maximium vortex -induced lift increment is reduced since the vortwie, ii .irt it ir lower \0A\. inreasi
trailing-edge fltp deflection angle results fi aI further reduction in vortex tilitv it ,i given \()\. as,

illustrarted in Figure 49. This flap, effect is evident. iii general. throrighut thle high -AlA raingti.011ci
is indicative of the effective inc rea se in AO0A diue it, piosit ive lt ca iiter . \thtough tile W ite r t ltI ne
observationsa in Figure 49 uirderpreilict indri t utinel result, duei to' ticsiii veet (Reterefncr It). theii
t reri tire rep resenitat ive.

tt is riot intended to leaive tire impression that at trailinrg edge flip rietlectronIr unitrirhle.
diflct e(I trailirng edge fblut irirreises tilie iotetiai flow lift '0 thatt. fur it Coinstantt lift Ciieff'icient. it

votxlift rand less A-OA ire'1 reilluireii

Ilie premrture vortex biurstinig itl high A0A ciii promtote lift inrearse ini literal"tiiltv. hirr

ill t igirre 50l fur it twiin jet figirter curl ii rirtirti. itI siideslipi ciiiriitiiins . itrter trii ioil,crtv t ran- id
",t"tlL i dflctdrriiilirig eidge ilt, toiiis to redurce virtex brurst ris\llr\u t'it rigir I Ilthe liii

FIGURE 48. NORTHROP WIND TUNNEL SMOKE FLOW VISUALIZATION OF A LEX VORTEX CORE AT
LOW AOA:FROM REFERENCE 20)

00 TE FLAPS UP

40 o 0--TE FLIAPS DOWN

26

V __C I

III

6 11.211 6.00 6.00 0.0 I'mco
VORTEX 6REAKOOW% LOCATION. CC

FIUE49 FEC FDELCEDTALIGEG FIGURE 50. EFFECT OF DEFLECTED TRAILING-EDGE
FIGUE 4. EFECTOF DFLETED RAIING-DGEFLAPS ON LATERAL STABILITY TRENDS

FLAP ON VOR rEX BREAKDOWN CHARACTERISTICS OF A FIGHTER AIRCRAFT.
OF 66-DEGREE DELTA WING.



It is nioted t hit the beneficial effects on vortex itnhiliy du (e to deflected leading -edge flaps call
he ut fsetI at high A0A liv the early' voirtex breakdown p romolted byit siinuttinously deflected trailing-

edl.e flap. This effect is illuost rated in F iguire 7,1 for at craniked wing plan fiirm.

2.7 tile-erSufce tences iitd I .eiGL__Ldge_ D~isconft inuities

Imnp rov ement.s in lift ;it high A OA an d or Ion gituodinal and liaterail direct ionial stahilityv may hle
achiieved biy inicorpiorat in g certaiti feiituores into the winrg design w g. inig tippet- suirface fenices and
Icaiiiiig eidge dlisciintinuoities. iir "snags").

tIn at slender wing tit high AOA . a witig snag piromo~tes an earlier brreakdown of thc pirimryir wing
lcailiing- edge vortex . shiown iii Fi gure 52, due to the allrupt itiscont inu ity oif thle sort icity v ied iiig
miechanism alonrg the teaidin g edge. Thle snap) creat es two sort ices thlit rotate iii opiposit e senlse . Tilie
vortex that forms at Thre notch ihis ai sense of rotaitioti that tends to inlhiblit outbloardt saniwise flow.
cauosin g a p renritlre bireakdown irf the wing lead inig edge vorrtex. iscn d primary vorte emantl ia te,
from thle slng teantiig edlge and Iis of thle si rite rotat ioniat senise ats the w inig voirtex shed Inbioard if the
leiiditig ediige discorinurityv. 'This outbIoarid voirt ex imp roves the flow o~ver th ou' lltboalrd winrg 1)11irel and
cin proivide ain im prolvemnitt to the induced lift anid tlie Ion gilodinW aniid lateral st abilityv due to delayed
wing tip stall . Figurie 53. from R1efe reince 27. illustraites the effect iif ii sting on a fi ghter morrdel withI
tLX-wig geometry.

50OI

20/20

20 

C

VOTXBURST LOCATION XIC, VORTEX BURST LOCATION4. SIC.

FIGURE 51. EFFECT OF SIMULTANEOUS FIGURE 52. EFFECT OF LEADING-EDGE SAWTOOTH ON
DEFLECTION OF LEADING- AND VORTEX BREAKDOWN CHARACTERISTICS

TRAILING-EDGE FLAPS ON VORTEX OF 70-DEGREE DELTA WING
BREAKDOWN ON A SLENDER WING

2

24

12 C 1 - -

FIGURE 53. EFFECT OF SNAG ON LATERAL -DO RECTIONA,
STABILITY CHARACTERISTICS (FROM REFERENCE 27l
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The development of spanwise-distributed vortices stied from several snags on a highly swept wing
is, in theory, one means of providing a more uniform downwash distribution and. hence. improved drig
characteristics. In practice. however, it is difficult to generate such a flowfield without adverse mutual
interaction between the multiple shed vortices. A "scalloped" wing (Reference 22) may avoid uch inter
action but, in general, the development of several vortices shed from surfaces of short generating length
appears less practicable than a single vortex emanating from a surface of long generating length. It is
interesting to note. however, that upon microscopic examination of an owl's wing (Reference 29). much of
its efficiency appears to be derived from a multiple vortex system shed from the leading-edge "hoosked
comb." which consists of a complex spanwise distribution of twisted and cambered leading edge "barbs.'

The pylon vortex-generator devices developed in Reference 30 operate on it principle similar to
the wing snags described above. A vortex shed from the upper edge of the lower surface pylon has
been shown in water tunnel and wind tunnel tests (Reference 30) to pass over the wing at AOA and to
induce strong downwash at outboard wing stations. thereby delaying tip stall.

Wing upper surface fences provide an) aerodynamic effect very similar to wing snags (tie snag
notch vortex acting as a "fluid fence"). Like the notch vortex, the fence inhibits outboard spanwise
flow and the corresponding boundary-layer buildup. and also promotes an early breakdown of the leading
edge vortex. This effect is illustrated for a slender wing in Figure 54. The fence also promotes a les,
asymmetric vortex breakdown in sideslip, thereby improving lateral stability, as shown in Figure 55.
Above stall AOA. tie effect of the fence diminishes as it is immersed in the separated flow over the wing.

4-
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VORTEX BREAKDOWN LOCATION, X/C,

FIGURE 54. EFFECTOFWING FENCE ONVORTEX BURST FIGURE 55. EFFECT OF FENCE ON LATERAL -DIRECTIONAL
STABILITY CHARACTERISTICS

2.8 Horizontal and Vertical Tail Effects

As shown in Figure 48. at low AOA a discrete LEX vortex core can be tracked aft of the wing
trailing edge to interact with downstream airframe components such Ps horizontal and vertical tails. The
change in LEX vortex trajectory due to wing flap deflection can cause the vortex to pass on either the
upper or lower surface of the horizontal tail, depending on wing flap angle, tail location relative to the
wing, and tail incidence angle. In addition, the pressure field imposed by the tail may promote vortex
breakdown. It is evident, then, that lift characteristics and longitudinal stability can be affected by
vortex interaction with the tail surfaces.

At high AOA. however, the horizontal tails appear to have a lower-order effect on vortex behavior
due to the dominating effect of the wing pressure field. For example. the wind tunnel data in Figure 56.
obtained on a twin-jet fighter configuration, reveal uegligible effect at high AOA on rolling moment varia
tion with AOA due to horizontal tail incidence angle or even removal of the tail surfaces.

Several current fighter aircraft feature twin vertical tail arrangements in order to maintain directional
stability in the extended AOA range attainable with LEX- wing geometries. Twin vertical tail placement can
influence LEX vortex stability in a manner similar to that observed with downstream obstacles placed in the
path of the vortex core. Improper placement of the vertical tails can promote premature vortex bursting and.
consequently. limit the attainable CLtmax and influence longitudinal- and lateral-directional stability levels.

LEX vortex behavior can be very sensitive to tail location, incidence, and cant n:,gi f-' examplv, particu
larly in a sideslip condition where the windward vortex can pass on either s;e of the windward tail surface
andhor breakdown in the presence of the tail. To illustrate, the unstable "break" in the yawing moment data
in Figure 57 is associated with the appearance of vortex hreakdown at the windward vertical tail.

- -b
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FIGURE 56, EFFECTS OF HORIZONTAL TAIL DEFLECTION FIGURE 57. VARIATION OF YAWING MOMENT
ON ROLLING MOMENT VARIATIONS WITH AOA WITH AOA ON A LEX-WING FIGHTER

ON A LEX-WING FIGHTER WITH TWIN VERTICAL TAILS

A lotsic exam ple of the effect or twin-I Sit location or- vortex Nalb itit ' v'i presented III I Igore .51 fora
slendler wing in sideslip. Tip-mounited tails have essentially no effect on vortex stability. where,'s the
inboa rd moun ted tails a re seen to have i a I o luec ncre uehh irSproi r efgtr
designis featuring "ermirked" or arrow wing planforms with outboard wn-mounted vertivnl tajls wvill rerquire
careful con siderat ion of vortex - indu(lced effects, part icitarl y when more than one leading ed gn' cvortecx is slied
along the span.

7'V .

8HRST

'j r

lal TAILS OFF

FIGURE 58. EFFECT OF VERTICAL TAIL LOCATION ON VORTEX STABILITY AT 20-DEGREE
ADA AND 10-DEGREE SIDESLIP ANGLE (NORTHROP WATER TUNNEL)
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) VORTEX

A / BURST
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FIGURE 58. EFFECT OF VERTICAL TAIL LOCATION ON VORTEX STABILITY AT 20-DEGREE
ADA AND 10-DEGREE SIDESLIP ANGLE (NORTHROP WATER TUNNEL) (CONTINUED)

3.1 Vortex Flos in the [resid of _Fortbdx

In the post stall A OA region. aircraft mtability YcIn be strongly influenced by the forces evelopedl on
the fuseLigo forebody (Reference 27). In addition to the well- understood negative effect of foreltody s ide
:1-; rca o directional st ability . at more complex an0( dominant effect is produced by the sy stem of vurl ices sliri
from the forebod Y at high inioence. This vortex system c..n generate very strong yawing moments troth
throutgh ditrect actiotn of forcs on tile forebody and through interaction with other aircraft componuents. Thle
fore holy vortices are she) in elfther at symmetric or asymmetric maniner. For sufficiently slender forelodies.
ti-N . can al i gn in io asy miletric orientation to the sense that the core of the vortex from one is locat ed aboav e
tile core of the othet. Tbis results in asymmetric yawing moments in a symmetric flight condition ( zero sidle
slhp l

A\, Sm xi'le. Iigiie 59 schematically illustrattes typical forebody vortex shedding patterns at ttt I
foe, an d i gh At) . I i gu re 60 shows d ye palttterns of forebody vortices at high ADA . recorded in at Iidro

Iyii~cresearch f uujlitv. \n siymmetrnc vurltex pattern is clearly Ahowii. Chiacucterstically . the forettoly
\lt\ 1\ 111s11 iieluI'lolo ' i of llilllrt apex vortices nmanating from the Itp of the nose, which tear atway\
f*ru tilie I-d\ ((lls ;' seod. wseker vortex patir irising from. the sepairated flow along tile fuselage side.
I iguir (;I '11M- all extpeof this vortex arrangenleot
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HIGH ANGLE OF ATTACK LOW ANGLE OF ATTACK
(ASYMMETRIC) iSYMMETRIC)

FIGURE 50. FOREBODY VORTEX PATTERNS

FIGURE 60. ASYMMETRIC FOREBODY VORTEX SHEDDING AT ZERO SIDESLIP

FIGURE 61. CONCENTRATED VORTEX CORES ON A SLENDER BODY
(NORTHROP WATER TUNNEL)



Asymmetric forces and moments generated by asymmetric vortex shedding can greatly impact the
departure and spin resistance of fighter aircraft. Aerodynamic asymmetries tend to reduce airoraft depar
ture resistance and promote spin entry. and can determine the direction and rate at which an areraift %%ill
spin. It is extremely important to include these asymmetries in the computer simulat ions used to ases the
predicted departure and spin characteristics of aircraft with long. slender forehodies. Fig gre 62 illustrates
the magnitude of the effect aerodynamic asymmetries can have on the critical y%.a rates. which lead to a spin
entry .

so SPIN ENTRY'° / \ > BOUNDARY
60 I,

FLIGHT TEST
40 SPINS

20 + ,

o -SYMMETRIC LA-RAL

DIRECTIONAL AERODYNAMICS
ASYMMETRIC LATERAL

S20 DIRECTIONAL AERODYNAMICS

80

10

0 10 20 30 40 50 60 70 80 90

ANGLEOF ATTACK DEG

FIGURE 62. EFFECT OF AERODYNAMIC ASYMMETRIES

When these asymmetries are not included in the aerodynamic model. the calculated spin bolundary is
symmetric and indicates a false level of spin resistatnee; when the asymmetries are intcluded. a strong hias
is evidenced. Flight test results of two measured spin entry conditions are also shown (see Reference 1).
underscoring the importance of including aerodynamic asymmetries in an analytical sinlulat in of high AOA
characteristics.

Proper forebody design can significantly reduce the magnitude of aerodynamic asymmetries. Itt adi
tion. forebodies can be designed so that they also provide a favorable contribution to aircraft directional
stability at high AOA. This second fact was first cltarly evidenced by work conducted by researchers at
NASA Langley Research Center on an F-5A nose shape (Reference 32). The results, shown in Figure 63.
indicate the forebody to be the major contributor to the directional stability of the test aircraft at post-stall
AOA. The primary cause of this stability was found to he the unique orientation that the forebody vortex
system assumes in sideslip, which is caused by the forebody's elliptical cross section. An example of the
development of this vortex system on a water tunnel model of the F-SF is shown in Figure 64.

One goal of the aircraft designer should be to generate a functional forebody shape with good aero-
dytamic performance, including acceptable lateral-directional characteristics at high AOA. without adverse
impact on the performance of major aircraft systems (e.g.. radar). More detailed discussion of the effects
of forehody shape on radar performance will follow. Several geometric parameters related to the forebody
shape have been identified as being important in determining the aerodynamic characteristics of forebodies.
These geometric parameters will be discussed in the following sections and can be used as general design
guidelines.

3.2 Forebo(dy F!neness Ratio Effects

One of the primary geometric parameters that influences forebody aerodynamics is the forebody fine-
ness ratio. which is defined as the forebody length divided by its maximum diameter. The forebody length
used in determining the ratio depends on the aircraft planform geometry. For aircraft with long forebodies.
the convention is to draw a reference line four body diameters forward of the wing trailing edge. The fore-
body length is the length forward of the reference line. This convention (from Reference 33) is illustrated
in Figure 65 (a), For aircraft with shorter forebodies or with large wing-body strakes (lEXs) or large
inlets that extend fairly far forward, a modified definition of forebody length is used. as shown in Fig-
ure 65 (b).

-I__ ___
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FIGURE 63. NOSE EFFECT ON STABILITY

FIGURE 84. F-BE FOREBODY VORTEX ORIENTATION IN SIDESLIP
(NORTHROP WATER TUNNEL)
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(a) (b)

FIGURE 65. DEFINITION OF FINENESS RATIO

Figure 66 slhows thle vatriaition lin \awing moment coefficient lit zero, sid,hlp a, a1 flnction l i iettess
ntio . (hle trend showni wits developed fronm a, tittly sis of data representting several aircraftt i h,,se tittetess
rati, vaijeti ;ijtroximatelx- front 3. 5 to 6. 0. Also ShownI in Figure 66 is tile variationi of onset \(iA f rom
Rteference :1. Intcreasing tile fotreh~odvN fineness ratio produces larger lisvnimetrnc Yiwirig Moisictt111

lowers thet onset aingle at which they )(Cili.

0.12 160 1_
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/ 0
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FIGURE 68. EFFECT OF FINENESS RATIO (FROM REFERENCE 33)

F r tinty fiorehbot shiape of gtvent fineness rtttio . it is desirable to havey zero, yawitng, flielitt at itINS
sideslip tlhritghoot thil prti AIIA ranoge. Reatlistical~ly . for foretbodies havintg large finleness ratio'.

* ~ ~ ~ ~ i een optmil 'tlNvdesignedt fioret,,iies wilt problht (hive some asy mmetricaattrodyvtai echitriter i st its
* ~~~~therefo~re'. it is important for the( (ilesiglier to deitermine the level oif asymmetry thtat call, he b\ieiiti t

iier-taan icontto.

* 3.3 Forelioil Cross Sectional Shtape Fffects

Fuseltige cross sectiii shap~e. from the atpex aft two to th(ree diameters. hils tI sigtnifiecant effect il
directional stahility% at high 513 , Figure 67 ( from Rleference 19) illustrates this effect. '[e ltit ].it pilsiit-!
were obtained front ;i niumbler (if fighter aircraft con figurations wit)h vert ictal tatil reamed for ;it A(I\ ritige
up ttt 601 degrees. Iteset, toitfigurittittit repiresenit ti fill range of, cross sectional, shaples . inciltting ellip-s
ii verticail titI hori-zoital ireittiotn. -\ll configurattions are unstable tit low AOA anid remttin unistaleup tit)
an AOA of tapproxitliatttl 257 Abore .Sltve 25 ilegrees . cross sectioinal effects are evitleit the hitrizittitil
ellipse cross -setitonitt shaupe becoimes st able while tlte verticail ellipise shatpe becime, evens mottte Ft1ttible.

F igure fim. also from Referenee 1tt. futrther Illustrates tte effect of croiss-secltinil hattpeo it ilirec tont
stalitv att potst still %0A . Direclintl stahlility for several aircraft at it 35 degree .-\(A is showti is , fire
that of ritise elliptticit% ratttio . lhituti sotme sculler is piresenit in the &Itttit le trenid cionforms to, the previtous
cotnclusionr that a flatt. elliptiteal tiose. setion is reiquired to produce positive directiontal stttlilitV at highI AOlS

lireltitital stnIt\ attibu ted to p roperly shIaped forebudies ait low spIeed ("it, lie sttN ing gIinft unCtci
bt oq citiressililit i, effect, at trnisonic Mucti inumbers (Figure 691. As shiownt. directitnal sttltiY I s nitlitet
its tilt Mlach F tattier iipproai ties trhltisoriti values.

taut-a nthanges ti t hi shiape of t he aircraft forehuody that affect latterail directionatl sItililitv hn~ve
"l-stle, fottndi to .ffvit the, aircraft lontgituinaiil statbility uinder nonzero sideslip conitioitns F~IsI effect is

showtwit I Iigtre 70i for twit ifferenit typesi if elliptical nose slitpes . The results indticate thast notse slatttie
with It tI salitizitg itirectinil stliit otmptirtent Also have ait unstable, nose Upil pitching mOTF7en tit tuot
in] siteslip . W I I . T he itiiverse is true of fitrehiodies with Ri destabili zin g directional fiorce coimpoanent.
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FIGURE 67. EFFECT OF NOSE SHAPE ON STABILITY iFROM RFFERENCE 19
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FIGURE 70. PITCHING MOMENT DUE TO SIDESLIP

3.4 ForchodEBiiuntness Fffects

F-uselage apex raidiu s is another geoimetric parameter thalt has an effect on akeroi nitmic ti vrinnt ries
tat high .XOA. The results of research conducted by NASA (Reference 34) are prverelted in Figures -.1 mnd
72. T he dat a show that bluntness aiffects bot h the ovlerall magnitude and the onset A OA ait whIichi iiret iinal
asy mmet ries occur tit zero sideslip. .\s the apex filitness is increased . the onset AOA is delitycit tu higher
an gles and itIle aerody namhic isv me) r is redIuced . Northro~p resultIs on the I' 5F. which aigree well with the
NASAM dant a. tire presented in FiIgure s 73 n i 74. rThe daitai support the trends that nose ltnitiess rinises the
on set AO(A and at so hats an im portantI effect oil the pieak asymmetric yawing moment tit zerol sideslip.
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3.5 Iorehody Strake Effects

A common nmeans of ensuring that the forehody vortices wilt shed symmetrically at zero sideslip Ias
been the use of thin stratkes placed on the sides of the forehody . Vnfortutnately, in many cases. while
effectively reduicing asymmietries at zero sideslip. thle strakes can aidverseiy affect the directional stahbilit%
cont ribution of the forehody. They' can also prevent the formation of the unique forehody vortex orientation
in sideslip that is respowisih Ic for thle positive di rcctionmd stability at high AOA . This effect is illust rated on
thle IF- 5E!F configurations in Figure 75 and 76. As with most aerodynamic phenomena. the effect or forelaalv
strakes is not always consistent. Ani example of ain aircraft on which directional stahility was improved hv the
addition of nose strakes is thle YF- 17. The addition of the flight lest nose boom destabilized the hasic coni
figuration in yaw. Nose str-akes were added, and directional stability was improved, its shown in Figure 77
( Reference 20).
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FIGURE 75. STRAKE EFFECT ON AERODYNAMIC ASYMMETRIES
AT ZERO SIDESLIP
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FIGURE 76. STRAKE EFFECT AT NONZERO SIDESLIP

Nose st rakes can also st roniglv affect lateral st ability through interaction with downst rcaml comp ltnt
such ats the wing and vertical til The effect on la teral stabilit v can be so positive ats to overcome the ne 415t
dnt ion in di rectionial stability3. This point will be expanded in Section 4.0 of thi paplr

3.6 Flight Test Nose IBom Effects

Fl ight test req1 uirement s oftetn result in the add it ion of at large instrumentation boiom to The nI if I! I
airc-raft . T his boom is usually equipped with at pilot- static sy stemn and vanes to meatsure A OX md vtcsl ip.
T'he nose boom modlifies the nose shape and alters the forebody vortex si-stem, which can sigiicanitls nffue-t
thle lateral directional stability of the configuration and alter the depart ure characte ri sti and t rilt-r%
capability from those wit hout the boom.
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lhog nose Sal~m attached to a short forebody incperl"e; the effective finene-s ratio. a.hich resilt inl
a lower onset .\0 \ for vortex itynlnlet iw. Studies condluced in the Norttop witicr tunnel oil .i tatlntnt
oiv of fillen 1n1t llO :3 sth(sedl that the onset AOA was re(tlce(d from 30 to 23 degrees hy the- uldition of
long tiperd nose boomi. Moreover. tile vorte\ asymimetry was ignificl1thy amlplified h\ the nose hom.
shodn in IFigure 78. To further substantiate lhis trend. Figure 79 (from Reference 35) hows the eff--l efec
; nse booiii mded to in V 15 model. The F-IS 'onfigurationi h, a relitively short forhody of finenes-
ratio 4.3. '1 lie data show, that adding the nose boom reduced tile onset of the vortex .,s ymiiit 1."" dIe

rees ill 10A.

(N) CLEAN FOREBODY (bI TAPEREO NOSE BOOM

FIGURE 78. EFFECT OF NOSE BOOM ON AN i/d = 3.0 TANGENT OGIVE WITH '/d = 4.5 AFTERBODY:
0 = 40 DEGREES, ,= 0 DEGREES

The effect of adding a flight test nose boom to the F 5F configuration is presented in Figure 80. The
F-SF has a tong, slender forebody of fineness ratio 6. The (tata show that the onset AOA was essentiallv
unaffected; however. asymmetric yawing moments became oscillatory rather than biased in one direction.
Tile oscillatory nature of the yawing moment data suggests switching in the forebody vortex system orienta-
tion induced by the wake from the nose boom. Another example of adding a nose Ilom to a long forebody is
shown in Figure 81. These data (from Reference 35) are for a research model based on ci F 15 configured
with a long forebody. iike the F-5F. no effect is seen in onset AOA while tile peak yawing moment is reduced
by a factor of 2.
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FIGURE 79. EFFECT OF NOSE BOOM ON PRODUCTION
FOREBODY (FROM REFERENCE 35)

0

S m

GAS.

a: --- (- - _--

1 0 PRO NOS 41 s

FIGURE 8. EFFECT OFFLGES NOSE BOOM OGFRBD



4-3-

III-, clop i f tlhI- No'rthrop
1 

Si.-rk Nose- is all evipl f11 it(ll, til, III llj5 lite~i -pfll'c

'.IIII pi1 1 iVd. Ihoe Shark Nol-I i a nop~ti- '11 1 5 fo,-ei 5odv 2,-ome Irk 11 duilp'i .11 , 1 p I'

-- - -I~~NCRASED ODF

1"ARO INCA

FIGURE 82. SHARK NOSE GEOMETRY

I he Shark Nowe is sho~wn :ilolgslide the 110.12 llmlodif~ cniotlI- In I git. A. j j
effect of the shlir1k Ni on :e, 1 nIssnlmetrj Suwing mlomet: ant order o rrgl III,! l i.- - -

Iigilpe R5 show, till e.ffect lof ile Sihark Nose onl diiPetionlllltaihiilSt It oTf.11 1I.- AI

-ilss the improovedi directiolti sttliitv ;e, ;I functiont o~f AOA.

FIGURE 83. COMPARISON OF SHARK NOSE AND BASELINE NOSE

'he Shar1k NIosI wa~s l-l~equotly evalualtedl in it nlight test p1rogrIl . Fie test conlfigili 11. 4111551
oII lgore A7, i . sI found to, have5 i'll~jprlvell handlling qlualilties lat ighl AOA its compilreli to tile unoifiedlfl~

IIotfigrlir;ltiont I Flteretlec 36) . Reiistlltce lof the Sharpk Nose clfjgilrltjo to depatulre 31111 spltl wsl-
It3ml~3imp3111roved21. \ Iierts3ItiSe (if tihe Sihark Nose. opt imlized for acoherent raldalr. is itdesignt fealture

oif ile( iltqust numberI12 of thle F' 5 rwfili of fighter Ilircrllft. -ilI- 5(; igerslllrk I ligure, RS).

3. A S e\ lill Numbeillr .ffcets ot Iigh Attgl If- Attsc-k __S ide Forces

Ile,-.-Itells II t He% nld. n1um11ber 1o11 tile Ilevelojpmeti t of foreiiody side forces lat higil At) . iISe lienI
til 1i115tIfIlllel lciI3te51112 li~llt1970. Man 'lv previouls explerimentter:; m~easuredi large side folrces 1111

'l le irer.,Itt an1d missile toie is atl zero sidleslipI itt sublcale witnd tuntntel testinlg It low Reytnoldis tnlutlblr
Ill tihe .IAl-tll-l (If Itlk olu~lsive evidence o~f tile existetnce o~f tihese forces It flightt tex-tiolcis itimlers on1 I
full -;I1 le -v thle tottlltcy wits5 to bliieve that the side forces meaIsuredl in witnd Itnnels were ;il aritll\

IsmAIlt-iI thi tile 11211t teellIillilie - iO . that the effects Itf mtinIute geomnetric imp1e12rfect ion s wen ein111g 31211111
fili II irgI- proplortion,- h% tite turbullence in tile tunnel free -stream nd 11( the lo1w Reynldls mlomlier.
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FIGURE 86. EFFECT OF SHARK NOSE ON STABILITY

'P FIGURE 87. FLIGHT TEST VEHICLE WITH SHARK NOSE AND W6 LEX INSTALLED

111 19 '%ow and Tit -ig. (Reference 37) presenteo data showitlg that thyt a-.v mlt r.. SI'...elit,
generated hv\ ! t orchody sidt- force at hij~h AfIA aind zero sideslip do cevist onl : fightcr tiroert I il
settle Ilcitolds niumbier. Byv min~lyzing the Pesult of tint hrttpt symeltric pitch rmiicc t ci ducli iimig
pini tests if thle F-51'. it was shown that thet asymmetric vawing motilcilt on t1Jis m-crtrift twiii i slil

tilt, stili *\0A and developi the sarme jicit ma.gnitude in flight aIt aI Rcvills liulitteif 7 \i 10, ld~ ill 11.'c

wind tunnel ait it Re~'nolds number of 1 .5 x 10~ I lriuic 89 presents thc results of tis iial\vis. I he~v it .1~
indicated that the forces generated~f b\ the forehod5 tortex systeml might tie irtde pemlent of lvtitltk numbel1r
or at least 'int dominiatedl hy Reynolds tIitanter effects and Ithat the asymmctric natuore of the vortiec might
lie- tIIIte to tt ittstititiltv in thec watke Asymmetric vortex ptternls tin the levsid it of ;lighilx swiept 01111 lilt;'
itig 8041 degrees 1 ol,s'-rvedtlit wind tunnilel and wteor tuittiel tests lie .Ice IT lent I nithter toIcli I
fentatjve coititusioti that Reynoldls number was not at driver. The main cffeect of te~titZ ;it lot, tteN Ills
ttumber nppttretl o lie confitied to thle difficulty of obtaining repentalile results.

lIn 1980 ItimotI References 38 anid 39) . presenited dat ftroim a setics it capemo tl ttctoktitted (ili
strittgeittly cont rolled conditiotis to study thle developmet if foretiatly idvi fottccs in 50th dIetIl vetr . , i

spetruml oif Icyjiolts tiumieors. I'liese dtata show that over the AO .\ ritntig ftstl airotxirlitul\ 40. t,, 711 (le
grees . large side forces tire developed hloth lit lows Itevtils iltltier, with Limir .cpmn~tiont oi, th oX
IIIid itt hight Re 'ynolds tnimbers where tilt seliritioti is full\ t lirtivtletit . Ille il 'ai ~ thuslit stI tha th.l
(list rihiutioti of side force duong the hotly was %%-lt stros 1 ired ~t i i tile litinir tand tite tulrillent li-t-
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FIGURE 88. NORTHROP F-5G WITH MODIFIED SHARK NOSE

- WINOTUNNEL DATA
III = 2.0 10s

)

/ FLIGHT TEST DATA
(Re •617 x 10

i
6)

YAWIUN MOMENT OCEFFICIENT

FIGURE 89. WIND TUNNEL/FLIGHT TEST CORRELATION

The laminar and the turbulent side forces were found to have similar magnitudes and distributions
but were produced by altogether different pressure distributions along the body. Figure 90 illustrates the
variation of side forces with Reynolds number at a constant AOA. It is possible that the reduction in side
force seen in these data at an AOA of 55 degrees in the intermediate Reynolds number range may occur at
a different Reynolds number at a lower AOA. although this possibility is arguable. Lamont's data (Refer-
ence 38) suggest that the onset of transitional behavior is largely independent of AOA but that the upper
limit. where fully turbulent separation occurs, increases with the AOA. At transitional Reynolds numbers
the side forces were significantly reduced, with a minimum near zero. and their distributions were poorly
structured.
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1-11 i e il;.iih1 Ill l the 1:1nhitlr ulil the turlbulenit regihil but timi olly n odemovate ~pe iitilt exli-, Io

1i,"n-t i u-. lete ;I v idlic n ht Iw iiguri 9t 1hich s)hsthe :S ijutium in Idi, f irt- it i/gb it

th i ti llo iel b% rolling oftihe siintii nititel
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FULLYI
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FIGURE 00. EFFECT OF REYNOLDS NUMBER ON MAXIMUM
FORCE: a 55 DEGREES
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ROLL ANGLE, 0 , DEG

FIGURE 91. VARIATION OF OVERALL FORCE COEFFICIENTS
WITH ROLL ANGLE

lIn cont rast ii) Lamiort's results. E riessot std R edintg ( Reference 40) clai t hat tI latr gest sidie forces

cani be deve loped ifi Itle t ran sitijonal reginie de tioi the possibility of different bouiidairy laver states antd.

lie refoure . different sepa ratijolt characteristics, ott thewo si des of the body T Ihey fitrt her suggest that is

dlifference iln separniliou tines can be aggravated by tie dynamics of the body miot ion ( e. g .. by symmetric

pitinitg or by rolling the body)I . If t his postulate were correct , a met hod of ensuring turhbulent flow ove

most of the foretnal y I li a rtificiall means) wouldi a ppea~r to be useful for oblaini iig data ait low Revrioldis

iiumlier thlit would ie rep resen tative of high -Reynolds ntumbler coniidit ions. Very little dotsl exists tii gulide

tilt Cx perimentiir in thiis area and i whamt data does exist suggest I hot traditional meaiiis of causntg a I touniiit i

Invyer to transit ion oit atu rbuleint profile ( such as grit) mtay actuoally cause the foretiody fliw field tio bi-

exteiisively altereid.

The folloiwiing cori(ietsjons /recommenilalions cati be offered:

I.F t retie caiut ionl should he used whlen coOntuctirog tests it highi .\tA iii thle Iraniisitijoniil Ite itoldis

niumbier range (0. 2 x 101 R'fe 1) 4 x I106).

2. Test indi flight Reynolds numbers should be miatched as closely its piossib le ( difficuilt in plract ice).

3. Nolte : Thle vatlidity of using grit or 01ther o rI ificial means to sitiulatIC high Ileviiolds inuber

conidiltins tot slender itodies hats not been establlishlei.

3. 9 Effect of Forebody Shajjeo(n _!LdrPerformaince

When dtesigining i forebody for it righter tttat will engaige in mnaneuvering tit high AIDA. it is importanit

list there lie it close intleractijolt bet ween aerodynamic requirements for Vcod stohtilitv anjd low idraig. elet riI-

magnetic requirements for good radar performance. and reqluirements for some aircraft sy stems. This ilter

lction con result in suverail competing design considerations. The primary geometr'ic anctors that affect rairr

performance lire:

I. The location of a pilot-static bioom ilndt sometimes & /e vanes) in front of tht raulome

2. Iligh fineness ratios resulting from aerodynamic shapinig of the foretiody for low (Iri.,

3. Aerodynamic shaping of the f'uretody cross section for good high-AOA idirectional stabitity.
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\s nlo IIe moIllted Iit (t static I oom . with or wit hui , 0v n. iter, theI trari,tist il-IcI I,')C
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i lidence (Figure t2 ltiiigh there is i l ptiliUiril thicknies-i (If c"itc ln I wi i ' i . . :t :\ ,'
* .i sngle point (in tilt, r'iljine' will hllVn univ] , nile( inlc.iteoinc. ingle i :I Ihi r~tdnt :iL tlinl~t.i [ . Ill'.
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FIGURE 92. RADAR ENERGY INTERACTION AT
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FIGURE 93. EFFECT OF RADAR ANTENNA POLARIZATION ON POWER
! TRANSMISSION EFFICIENCY FOR DIFFERENT

! RADOME THICKNESSES
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Thle effect onl radiar p0erformance of forebidv cross -sect ionitl shiapin g tor good hii gh %At)-5' itthi lt ';"'ii
lit' miniimi zed h y sonic electrical design con siderat ions. Thle foreboity or raitonie is a pirotecti ve shill lit "i ch
tin' raidar atitennil is located. The main goat in tile electrical design is the mnaximumi traismissilr ofi c'tictt'ii
magrietic enertgy froim the an tennia thirough thle radomie . T'hc re flected energy andi tile enierts- t appedi ie
radome siirfia' propagate b~ack lot lie antenna to iticrease the sidelobe level on thle ihlierina. rlii-ilo
clutter ti appeiar with the target radar return and is mo~st critical at look -down iaigles it %%is hij thii icr
ill '.ideliite level increases thle faitse ala eml rate an d therefore redtuces tie (let ecion i ti go

Devijat ions friom ailt s m niclr\ of thle radonle also close diffiCUltV' ill 0iptciim elc dii -igilIr
usually result lin reiduced radar piertfoerTice . Rapid chiainge iii tlis .ill ria ll ,ICurvatureii dgil-'is
riia pe rforemanice more than) a m ilider chainge. D~iscont in uit ies in tileo radome ( e.g. . idtiji ir thini siri ke' t
clint rol the shieidding oh the forehiidyv ortices ill high .XO.-X can degrade nidai erti" [KI,'% scat tlliiC

tile l'lectriimigiielic iwave . if tile piairy miodte of the nriii is took dowii. hoiweveri'. siraesIiS'tiili

the tiaxiaiumi ha~lf-bhreadrth will cause less sidetiite incease' and. cotisequcnitl . prieservei thei'ii't'isii
e'llge.

Shiiilig iif thle forebods' cross section into ;in ellipse with tle imaijor' axis lioriziaital Ilas beld iliis

aboveiti lie beneficial to the directional stability of the aircralft ill high .-\tA . The piilarizcatiii lof the riar
iliiteni tils m dtirect in fliuence onl the degree of ellipticits' that call tie illowed i tile radoitie ciiss -5tiilil

'The etectric fielid intensity froni thle raldare antennla can lie separaited itito tiso COiiaiOliet "')( paralel -illl
the otlier perpendticular to the ptlane of incidtence. 'fle palrllel coimponenlt trainsmits ailre efficientl ts ,sil . it

large deviiition from oiptimumi thickness ill all incidence angles. uts shiown iii Figure 9l3. The polirizio i'l
ai rltdle aintenna is chosen toi match the mission requiremient s of thle air craft . If it groulnd fliippinlg iilii 5

tirinii . foe inistance. .1 horizontally polairized alntetnna is miost sitlelii. For a riiaar whiise prinlarv lalili- is
ati- to-air, the best anteinna poilarizlition is verticl.

Figure 94 illustrates three of aipproximalty ii dozen radonic profiles anailtyzied by Nonrtho lif 1 til till
1< 5. 'file ogive profile was ianaly'zed with a nealrly ci rculali cross sect iotn. 'filie Shailrk I raditinl has a I'i t -
eltipitical shape. especilly near the tip. The Shlark 11 profile has at tess ellipitical cross sectionall shlipll tli.ii
S hark 1 . None of these rlldomes liis at pito - static loom or a 1 vaines mniitoil in front . 'rle iigiv pe eifi Ii
is opt imuam for radar performance; it has high dtra g uc i slightly itegrades high AOA irect iotiil stiht\ .
filie Shark I shape, which is opt imu itiaeriody namniiciily, was iscuissedt aibove; it p royvides posit iv e itirec ii ii

staitiitl ilove the stall AOA and is tow in drag. The Shark ItI isli compiromlise shalpe ( ths result, iif thi s
compiareison lire shown in Figure 951. These dtai illuistriate that tile Shark I rildome itrlinhlticltt redeii''s I ii'
radtar dtetectioin ran ge (tie to its higher sidelobe level developed lix tilie ext rcel'l flat hlipen near tile til'i
Th le S ha rk I1 shape has imuich of this flaitness removeid. although it is still very ellipt il ove'rull [I is' example
itlrates tihat it is possible to taiilor at raitome shape) toi prov ide low (tellr and excellenit high .\o1 IAi ii''(t iiiil
stiability without adversety aiffectinig radtir performance.

4.0 FOREIOIY W INGl yowIixINTERACTIONS

Current generaltion . highly mancuve raitle iirc raft with hy vb rid wing ptin formis aind( slend (ee fcireliidics
cati have strong interauctions between the forebocty andl wingAtEN vortex systems. Thlese! interaictioins call
ciftusn a ffect thle ierodtynamic chairiicte ristic s of ii alircra ft to at gealter diegree thaiin thle irec't effect, sif t lii
foroliody ;and wing vortices dtiscuissed above.

4.1 tLong'Coupled Forebody/LEX Vortex Interactions

The F'' 5 configured with a Shark Nose and W 6 FNX is sri example iif at favorible forelioiy iand winig LE\

vortex initeraction ittiproving liiteriil -directioniil stability. The W 6 L" N denoted by its windt turon ti pa rt

numuber. is shown in Figure 96. which illustrates how the L.EX vortex breakdown locartioti uver the wing
varies with AOA. It can be seen that near the stall AOA (approximately 24 to 25 degreest . tile W6LEN

ciiises the vortex breakdown to be delayed by 2 to 3 degrees. Figure 97 shiows hiiw this delay in vortex
breakdown dtelays the AOA at which loss of directional stability occurs in the stall region biy approximiitety

2 itegrees in AOA.

Figure 86 -showed how the addition of the Shark Nose alone improved itirectional stability lit the stall
region: the ploint at which directional stiibility wits regainedt occurred at a lo~wer p051 -statt AOA om~paredt to
t ho iiiunitifieul foretiodv.

Figure 98 shows thle effect of the Shark Nose in combination with the lENi.,,. The separiate effects of

then' ore stiible tEN: vortex and the stronger forebody vortices are seen 1(o overlaip. Thle faivorabile vortex
initeraclstion has it synergistic effect that results in positive directionial stability throutghout the entire stall
region.

4.2 Short -Coupled Forebody,'LEN Vortex Interactions

Strong foretrody and wingLEX vortex interactions have beenr rioted on otlher advanced config'urations
thant emp.ltoy large amoutnts of vortex lift at higti AOA. This is illustrated in Figure 99 for an F- 181. moil at
it :12-degree .-'O.- at zero sideslip. The proximity of the large LEN to the forebody. iii addition to the(
(tislilrity of vortex strengths between the LEX iind forebody vertical flows, results in a strong suckitown of'
tilie torcbody, vort ices onto tile witig tipper suirface . Tilie manner itt whichi thle foretandy primary vortex pair
ittcs swIithI tie I.EX vo'irt ex flows depends onl such palramteters ats furebody cross -sectional shape andi fine
tress rat io, IA platiformitt mit LEN size . in d AOA and sidleslip atl Il N ear Cj thle foretiody and LEN
voirtices :ire of sufficient strength thtt. dtependinrg on the vortex orientations ' ?elvl fttri-ietoa

~slitility can 
t
ie sigrrificiaitly iffected . It is interesting to note that the foretiody vortex orientation in sideslip
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FIGURE 97. EFFECT OF WS LEX ON STABILITY

the most favorable strake location is at 0 = 40 degrees. At this strake location the negative directional stability
is more than offset by the large positive lateral stability and large ratio of yaw to-roll inertia. The changes
in directional and lateral stability with strake position are. in large part. a result of variations in forelbodv
and wingil.EX vortex interactions. The effect of nose strakes on directional stability is a direct one: that is.
the strakes directly alter the forebody vortex flowfield. The primary airframe contributor to lateral stability.
however, is the wing. by virtue of its large area and spanwise extent. Any changes in lateral stability die
to nose strakes are therefore indicative of a change in the interactive behavior of the forebody and wing flow
fields. Water tunnel studies of this configuration indicate that strakes positioned 40 degrees above the maxi-
mum half-breadth tire embedded in a region of low local AOA and. as a result, shed discrete vortices even at
AOA in excess of 40 degrees. Because the strake position is nearly coincident with the forebody primary
btoundary layer separation lines along the nose region, the strake vortices "feed" directly into the forebody
primary vortices. Consequently, the body vortex pair is of increased strength ind is resistant to asymmetric
orientation in sideslip. The resultant strongly coupled forebody vortex pair enhances the windward wing
flow by promoting a strong vortex-induced sidewash. Because the body vortices are in proximity, the fnow
field tends to be slightly unsteady. This unsteady vortex flowfield can result in "wing rock., a Iphenomenonl
exhibited by most fighter aircraft.
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FIGURE 99, FOREBODY-WING-LEX VORTEX FLOW FIGURE 100. NORTHROP WATER TUNNEL FLOW
INTERACTION AT HIGH ANGLE OF ATTACK VISUALIZATION OF THE STRONG COUPLING

(NORTHROP WATER TUNNEL) BETWEEN THE FOREBODY AND WING-LEX
VORTEX FLOW FIELDS AT SMALL ANGLE

OF SIDESLIP

1.3) Interactio~ns With : Non- Vortical W ing lowield

In addition to nose strakes, forelody shape can strongly inflence forebody and wing flowficlt inter
aw'ti.rts on a confitsiration with little vortex lift at high AOA. This was found on a scale model of tht, F 15
tested with two lengthened forebodies with modified cross-sectional shapes (see Reference 35). One forela)dy
tested was the Northrop Shark Nose, and the other was a cambered forebody (Figure 102). The results,
shown in Figure 103. sh, v that the Shark Nose and cambered nose produced similar high levels of direc
tional stability. The cambered forebody produced only slight changes in lateral stability from that of the
,,hort forebody of thle basic F-15. In the Shark Nose, however, there was a sharp loss of lateral stability.
This results fromt an interaction between the leeward Shark Nose vortex and the wing/glove vortex system.
The cambered forebody has a forebody vortex orientation that has minimal interaction with the wing/tEX
flowfield.

4.4 Forebody W'ing Vortex Interactions in a Rotational Fowfield

When an aircraft yaws at high AOA and at low forward speeds, as in a nose-slice or yaw departure.
the vortical flowfield around the forebody becomes skewed or biased. This bias affects the forces devel-
oped by the forebody and can alter the interaction of the forebody flowfield with downstream components.
Similarly. when an aircraft develops a rolling motion at high AOA and low airspeed, such as wing-rock, the
vortices emanating from a tEX or from the wing leading edge are affected to some degree, as is the influence
of upstream vortices. Forebody strakes and. to a lesser degree, forebody cross-sectional shape can have a
dramatic effect on the damping characteristics which an aircraft exhibits in a rotational flowfield at high
angles of attack.

'I
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FIGURE 102. CAMBERED FOREBODY GEOMETRY

Rotary balance wind tunnel tests of an F-5 model at NASA langley have indicated that thin strakes
placed on the forebody in the vicinity of the primary vortex separation line can greatly increase the damping
in yaw of the aircraft at angles of attack above 40 degrees.

Further teats of this configuration at low speeds mounted on s,: aft sting and unconstrained in roll
indicated that the limit-cycle wing rock exhibited by this aircraft could he greatly attenuated. presumably
by an increase in roll damping due to a more favorable interaction between the forebody and wing vortex
systems developed by the rolling motion.

Thle reader is remiinded that tie effects of similar strakes oIn this aircraft were found In in'
destabilizing above a, 311 (see Section 3.5). Further stuzdy is required to determine whether tihe net
effect on the aircraft depariour and spin resistance is positive or negative . Accepted criteria for dtelturr
resistance, such as C 1(nd I,CDP, may have to be modified Io account for variations. ill ho01h yaw 01n1

np dlyn
roll damping.

5.0 CONTROL SURFACE DESIGN

~Achieving adequate controllability at high AOA ia a very difficult design problem, and as AOA for
maneuvering become increasingly large, the design prohiem becomes even more difficolt. Sizingz and place

ment of tail surfaces is critical for both stability and controllability at high AOA.

i00 -- 004. ..
-12 8 - 0 4 8 1 -12 -8 0 4 8 1
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FIGURE 103. EFFECT OF FOREBODY SHAPE ON STABILITY

I l.atral lIir ,-.tional (ontrols and Stalbilizin _ Surface,

Int the past the designer's job in sizing a vertical tail was relatively simple. I'he fligIht codtot,
hit ttA)lIsto'l the tail geometry were straightforward. such as low sliced ( rigid body I direetionl;fl u,
Ilt ,rid conitro adequate for cross wind landing. and high speed (elastic body) itircltionil staloilhtv

a dilqu ate for good flying qualities.

Tibese criteria were usually achieved by providing an adequate vertical tail volume coefficient. t he
required value of which was based ont a large, very consistent empirical design dat a base. Wind tunttel
tests were utilized mainly for verification of the final value of directional stability.

For modern fighter aircraft. which operate regularly at post-stall AOA. vertical tail si.int oid
placement are more complex. more "cut and try." For fighters with large amounts of vortex :'I at high
.\OA. generated by the wing, the IEX or wing body strake. or by the forebody, the vertical tail must be
carefully placed in this vortical flowfield. A significant augmentation in terms of directional stability can,
in fact, be achieved if the placement of the vertical tail takes full advantage of the concentrated energy
contained in a wing or LEX vortex. Large increases in high -AOA directional stability and in directional
control effectiveness were achieved on both the YF- 17 and on the F 5G by moving the vertical tail(s)
forward on the body. into closer proximity to the LEX vortex flowfield. even though this significantly
reduced the tail volume coefficient. In considering the placement of the vertical tail in a vortical flow.
however, the trajectories of the vortices in the flowfield under nonzero sideslip conditions must be accu
rately known. Care must be exercised to ensure that these vortex trajectories do not cause an abrupt
loss of directional stability at high sideslip angles.

Another characteristic difficult to achieve is roll control at high AOA. Traditional aileron controls
lose much of their effectiveness at ADA near stall and can produce adverse yaw during a rolling maneuver.
which can cause roll rate reversal and departure from controlled flight. Differential deflection of an all

moving lft tail catl be more effective in producing adequate roll control at high AOA. although adverse
yaw is a consideration in the design of these "rolling tails" as well.

Whatever means of roll control the designer chooses to employ. the aircraft should be designed to
achieve a coordinated roll about the velocity vector rather than about the body axis at high AOA. Exami
nation of the kinematics of a high-AOA roll clearly illustrates why this is the case. minimizing tlte buildup
of adverse sideslip. which reduces the peak roll rates and can cause roll reversal.

Roll reversal can be accurately predicted using the lateral control departure parameter (I.CDPI or
the aileron alone divergence parameter (AADP). as shown in References 37 and 41. The ],CDP parameter
has been used in various forms for different purposes and is derived from the simplified rolling lad yawittg
moment equation. As a lateral control departure parameter, it predicts roll reversal or the point at which
rolling moment due to adverse yaw overcomes the aileron power.

I.CDP (AADP) =Cn -(Cna /c1i)C, (nn rudder)

l.CDP rn C , (n) ( KC) (with rudder)

t.~ 
C ,6
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wiI(,I'I K 6 r Whlent Lt)!' :ipproaiches zero, tilt' tictiit I i'll 1i rol wit i ;ilertit Inplut.I %%hel 141)1'll

feoie itgat, ve. the tircratt wvill expterienice a rollit dleartureI. i.e. . The aurit'it rolls oppoit" to, roll

control input. At large negcative values of tlCiW the airerilt will ilepart inl Nat, .tpo. ite to the iiletitt
input andt spin entry is probab~le.

Sufitient yaw capability muitt exi,.t :,t hielh \O \ to llth oe itrto, achieve th I i' oir umt toll

vSaw b~lendintg. wichel will mjiimiz.e idetleip buildlup. O~ne dnlzI~ia, of t' inc iliol0-t the flichIt p..th sic to
ot hig~h AOA is that this causes large body axis yaw rates to dlevelop,. which will couple with thle t-oll 1 l
it)odc iOICi very large inertial pitchijiig niaiteit . '1 1h0 1ritetical limit Onl 111tJ \0)A roll caiiliilit% Cca. Ill

that must overcome die itnertial roll yaw couple to pre,.eti1 t p itchl leartoetis is disctisei Ievlot,

Yawt conitro~l at high AOA aio~t also he suafticietnt to,. tho% ie tilt t, ontitial gI e ietiti11 r

hoai, axis vaws rattes withtut signific.,iit rollinga. T his tN te -f a,\viiietr Incmiuv er his been i hii, n to he

vvr'v effective iti defensive .\CNt itt that it call defeat1 a n1issilo ,I- _,l "kill- Ih\ r-1itiv illd it iIlies ectoilv
lIistortitig the mai~neuver plane of the taIrLct aiircraift.

5.2 origitudiil t---------i-----lizitjf tiurfaes,

Pitch control ,izing hats traditionally bween determitned bliv in qualities. req~uirseentsi a lot, \tt,
glong.itiadilal tilt and damitlktitt , tie wheel liftoff peed .a ;ii targevt tt'cking- ;itii tse-titis

delivery- criteria, I. \tModern fight ter tiretaft conttrotl svsteits. is Iich Iieiililv dli levl i o!,sihltSA at uttio C-\ tgetaiit owalw hsehmAt \ rtri iileite wt uc itait ai

thiat mould thterwsise havse been reqiuiretl. toiitrollabilitv reqtirentents ss ith ile, (AS itt ;. 6leratleti mole
(nott all chnntels operaltiltg or req~uiremtents for C AS -failetdtvii qualities aire u~uithlv sigiifictnilv\ more
-eer ttI0Interestiitgly. eveni these diegritl mode characteristic, may not he the ontes that iletermnt ilt,,

-izit andil titvel req uiremnts (dit' p itchi cotro l systell. titchi cottrollaibilit\ reqtuiremntts;i t post
-talIl XttA (ai lie the doimitiant factor.

At hig.h \t)A . pitch conttrotl effectivettess is sigttificatitly retitceti oiver that ait lotts \OA . ligure ItO
ttsthe citttestiehss ill stihisitiic pitch cotttrol effect ivetits fot . fighiter with :i lots ,I itei

;ill itaviliIr aft talil. P'itchl tnnitlaliility ;it ;it AIA tif 411 degrees is less thltti 501 percetit of thtat available

A OA FOF IC,,

zI

z
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FOR ZOOM RECOVE7RY U AtSt4

STATIC PITCHING MOMENT
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RECOVERY

1 20 0 -40 50 so 70 go
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FIGURE 104. GENERALIZED HIGH-AOA PITCHING MOMENT CHARACTERISTICS
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III idttiti it high \OA the, kinemaitic. ofi aircraft mlotion) are diifferet from those at lowi \A- ill
th'nt th e iirc r :t I . i esigtilei to be Iii tiiuvered in roil abouiit thle flight path vector rather thani about the

.o.! xil . heVre t1.is tot the Case. very lat'ge advorsc sideslip angles wouldi des-elop . which would gtvattlv
is- we- roll thciiiis.file t" this tenii,'ocv lhv (einif the ircranft to roil ahout the flight piath.

SIrLc, hodv -xi, % raN %te i, generated .s h\ich will couple wijth the conmmatided roll rate to create :I e-ry
stroni, inertial pitchiii momiiiet.

Fh-. in'ert ii pitching moment . developed fly aggressive roil tlaneuverig upl to U,,. must lie
oloiid for In dlesign itng thle control system an U in the sizcinig of the control surfaces. As p re Viou st

ito .te it higher ma' filiim AOA . thIere is general]\v less pitch controllability to work withI . so two
,I,% sooliiti, piresenit thiemiselves to a dlesignter sizing a pitch control system. Thle first is to size the

c-oitil to pirevenit high0 -\(A pijtchi departutrie, tort- givet) level of inertiail roil yawI~ coupiling :1nd for :

givi \ en file second so~lutioni is to reduce a e ithier tlitouilincessitheoirfttac a

ii v - tii fedbck oos, oud l tc Iiie itlie Ii a c de in cthrebseyi tredu ir g t inert iii ptit

cihl orli .I wve ic theog ilv liii i with h of fgtr Ilotsto feotatok liep lif veor of:. hd'iarcte iti offet i y

Ar l tird . \leis obkyvity optin mloexter Sc rolltesiong at hie cOsie col as aconsteresheort

Wi.hen matieu erin g at AG A at or lievnd stall . many fighteir aircra ft ex petienice a loss (if roll damj
in, anitd pos sibty a reiduct ion iti taterail stablitv . Thtese factors cati contribute to an oscillitin)n ll
kittw. as -wing rock." This cain lead iitimetdiaitelv to aI rolling eprteiapotsllAA i iat iie

or tilie motion ma b eciiime ;) bounided . limit -c vcle oscilliatioti.

For :ii airecraft ws'ithI a limit cy cle w'in g rock ait high A A. ant interaction can dlevelopi betwseent thle
litteral diroct ional and t lton gtuitnii ia txes5. T his in teritctiotn is in itiated by the kinematic interchlin ge
oif .. OA and sideslip that occurs during wing rock aind is manifested by, the static derivative CalP

D epen ding on the specific iterody namnic cha racterit tics . Ci,. varies with AG A anid may lie positive uit,

n egative . lorebody croN)ss- sect iornal shape a ppearts to be thle domtinan t geomtetric parameter thai~t t liiciiiii
the sigti iif this derivative. A flat,. elliptical forebody cross section. ktowt to be good for high AOA
directionaol sI hi litYv. usutally produces a nose -up Cmt .ff A vertically orien ted elliptical shiipe tendis to

produce nose- down Cm 1h1ut degradets direct ionail stab ilit v. Figu re 105 Iiresetts ati exaniple (if hiow CL,

vaisfor itfighter aircroift with itflat. elliptical forebodv; crossseto.Fgr10scmaily lu
1 rates how tiiis derivative can cause peak A GA in at siustfsi ted . post -stall maneuover to inic reaso wisl bevo'id
the static. trimmted vittue.
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FIGURE 105. EFFECT OF LIMITING TAIL AUTHORITY ON SIOESLIP/AOA COUPLING PARAMETER

The effects of pitching moment due to sideslip rand the effects of inertia coupling att high \tIA oust
be superimposed on the basic airframe longttudirtal stability when determining the pitch conttrol svs tei
design. Figure 107 shows how consideration of both kinemtatic ICm ' I and inertial i pxr) ciiilpliti ',n.t

drastically affect the allowable aft center of gravity of a fighter aircraft with an aft alt miivin g houriziitital
tail. After subtracting the basic airframe controllability for the effects of pitching mimnt due tii sidleslipo
and the effects of inertial coupling, at net 0.05 nose-down pitching moment must remain to achieve ;ideopuite
controllability at amax. This amount of net nose-down moment. thtough itot large. will assure that \0t

overshoots can be minimized, even at airspeeds ats low as 100 knots.
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FIGURE 109. INLET RESONANoCE AT LOW MASS FLOW RATIO

6. 2 1Inlet Placemen t Reit ive to lu sc),oIgv- Wing

liplt geomellrv ;tl1(1 location is tvliillv at compilromiise selecteit to iiccomml.oilate %iIrioull' hin' igiion
;iii operaitionali requjiiremelnts . Figure'110 presents rep~resenttlive fighter coifigu ration, wsith alo of

poi~le inlet integraitions.

Whien con sidlerin g t he requ irement s for olocril ion at high AO is. thle slesi ger maNv w ishi to lo t.t hli'

ililets wi ere 111ev arc shielded from high flow aniglarity Ic. g . hcieatli the f'useliige or the- wingzi Nl
redulction in flow angularity ait the inl1et will imp)rove thec hig~h -AGA indlution svstom k-hr:.ctel'isti'.Itl,
ma i lnlt he possible becauise otlier design const raints may finaolly ijt~ite the locaitioni. The".i ,o'litlinit,

(ill le cleairan~ce ablove the runiway to mlinimize foreign object ditmilge water, slUSh, or' s10:11lli ingestioni
reduction in frontial or lowser hemisphere ritila r chlo for mission s urv iviibilit y or simply placement to r'e
iduce t(1tal induictioni systemt colxityX1V. Inlet location catn have ;in adlverse effect ii' :iircrult staliilitv.zn
thlese effects cill even he 41 funtctionl of in let mass flow. Ii is is eslieclilly cviilet if thle in let is in el-,

promximity to a rEX or hiighly swept leadling eidgo of a wving. lfilet molss flow canf alter th voc lrtex .s iil!
chairacteristics'and canl degirade latcriil directional stabilitV.

A topi mounted inlet is lierhalis least silitalile for opera'Ttionl ;it hiigh A.1 . Hoiwevoer . 10illiaiiis andl Ilunt

(Rteference 421 have shown tliiol bv careful integration oif the inlet onl tim' fuselagev ti take tiiaxiniuv ;iilvnitiigi'
oif the sweeping action of the viort ioat flows from the I.E at highi Al)A . I le ji resli m reciiverv and1 'kil n ii

dlistortonr can Ibe controlledi and1( -an have values compallrale to mlore tradlitional inlet liocitioiis. :is shoiwn toi
Figurc-11

Ii.3: Ill furcatoil It ct-Et fects

When all engine is foil lby a hiifirciitel (11101. fins% instaldlities set lup biy externial ilistiirliiiees dIlc to
nionzero sideslipo can lie impollrtanlt . If the liifumcatied duct included separate inlets. oIne in tlle winlisoird anid
00e il the leeward aide of the aircraft it' a sidestlp condition. at honeficial interaction that can iimeliorate thle
lothlerw ise ad verse effects (of sideslip ciin develop . Fi-gui e 112 illustrates litw ave'ra0ge en gine face pIressurme
recolvery remalins esaonltiallv constiont jit an AOA of 30 degrees as sideslipo is inceaisedt 10 dhegrees. At higzh
.XA . thle winidiward ilet recovery improves at the saime rio ti t whIiichi thle leeward inlet recovery leterio
rtes 'At loiwer AOA . the tiverage recov ery' decretises with sideslip since at zero sideslip recovery i s
higher anid ttrue jiotentiill improvement in thle windwmard inlet is reduced.
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FIGURE 110. INLET/AIRFRAME INTEGRATION OPTIONJS
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FIGURE 110. INLET/AIRFRAME INTEGRATION OPTIONS (CONTINUED)
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FIGURE 111. A COMPARISON OF INLET RECOVERY CHARACTERISTICS FOR
raP AND CONVENTIONAL INLET INSTALLATIONS

7.0 SUMMARY: ItlGII-ANGLE-OF-ATTACK DESIGN ACRITERIA

This discussion hits dealt with the factors that affect the flow over wings, bodies. control surfaces.
and inlets of fighter alireraft at higzh AOA.- Most of these factors l.re relatedl to the1 gmNmetr\- IIf tile ,aircraft
although some are related to the conditions of the free stream through which the aircraft moca . Fluid

mechanics development around the aircraft was shown to have a direct effect on the flight x"-hanics. i.-ich
relate to stability . controllability, and departure resistance at high AtA. A consistent relationship can
be shown between some aircraft geometric features or c)hllracteristics and the hlandlillg liualities of the

vehicle, and these features can be developed into some useful design guidelines.

I. Airframe Stability:

a. ( n Ody n • 0.0040 up to Omax

b. C n(body axis) 0 up to amax
J$

i-
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c C u p to C, nn

di. Cr' - 0 degree,) 0.0100 U p to Xm

2. Cont rottobilit v

I.CD)P Outp toenn
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FIGURE 112. EFFECT OF SIDESLIP ON INDUCTION SYSTEM RECOVERY

3. Inlet Airframe CompatihilitV:

a. Fixed throttle dynamic distortion i'tdiees within engine limits up to amax"OmaX

1). Varinble throttle (full body) dynamic distortion indices within engine limits up to OC/mlix

c. !uih inlet recovery only up to aps

Figure 113 shows the correlation between expected post-stall behavior As a function of Cn Oy when

no laleral/directionlil control inputs are considered. Figure 114 shows the correlation between Cn .n L.CDP.

and1( post -stall behavior when taterAlldirectional controls Are considered.
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MODERN MISSILE DESIGN FOR HIGH ANGLE-OF-ATTACK

Gregor Gregoriou
Messerschmitt-Bdlkow-Blohm GmbH

Dynamics Division
Ottobrunn/Munich, Germany

This paper deals with aerodynamic problems associated with the design of modern mis-
siles for high angles of attack. The design consideration that have to be given by the
aerodynamicist to develop the external configuration are exemplified. It is shown how the
information available from existing literature on in-plane and out-of-plane forces and
moments of the single missile components wing, body, tail or of complete configurations
is of influence on the aerodynamicists decisions during the design process. In addition
the effect of the mostly rather complex aerodynamic characteristics on other missile
components (i.e. propulsion or control system, etc.) is mentioned. Finally methods for
the theoretical and experimental determination of aerodynamic coefficients are discussed
and critically assessed.

1. SYMBOLS

b missile total span

L missile total length

LN  length of missile

D body diameter

X axial coordinate

AR wing or tail aspect ratio

A wing or tail taper ratio

V free-stream velocity

Ma free-stream Mach number

MaQ Mach number of the cross flow

a angle of attack

0 roll angle

ReD  Reynolds number based on diameter

h altitude

CZ1  local normal-force coefficient

Cz , Cy normal-force and side-force coefficients

Cm , Cn  pitching-moment and yawing-moment coefficients

C1  rolling-moment

X Cp center of pressure

CN1... 4  individual panel forces

CCR roll-yaw cross-coupling rate

t time

Reference area for the coefficients is ff D'/4

Reference length for the coefficients is D

ABBREVIATIONS

B,W,T body, wing, tail
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2. INTRODUCTION

On reviewing the missile development of recent years a tendency towards high angles
of attack is apparent. This trend of development is being fostered on the one hand by
the demand for higher maneuverability and, on the other hand - due to a mission's
special features - by specific requirements on flight behaviour. Moreover, this tendency
is amplified by the ever increasing requirement of decreasing the overall wingspan to
a minimum. Favourable aspects are the decrease in missile-mass and missile-cost, fewer
storage problems under the aircraft-carrier or within a dispenser, decrease in missile
drag and logistic and structural advantages. Nowadays there are several fields of
missile design that involve high angles of attack, e.g.:

- vertically launched missile

- store separation from aircraft top-side

- submunition launched from aircraft container

- one-man anti-tank weapon (attack on upper surface of tanks)

- air-to-air and air-to-ground short range missile.

In all these cases high angles of attack are reached at subsonic Mach numbers. In
some cases the flight Mach number range is very wide and extends from low subsonic
speeds to high supersonic speeds. In such a vast variation of flight conditions the
flow pattern around the missile is subject to considerable changes and important aero-
dynamic characteristics such as static margin and trimm-performance are affected.

The challenge for the design aerodynamicist now is to develop a favourable external
configuration which fulfills the flight mechanic and other requirements successfully.
In doing so the aerodynamicist needs to be informed about the manifold and partially
rather complex flow behaviour at high angles of attack as well as about the effects
on the in-plane and out-of-plane forces and moments since the static and dynamic flight-
characteristics of the missile are thereby considerably changed. This in return bears
great influence on the missile's geometric layout, the design of the autopilot, controls
and actuator, the choice of the seeker and the propellant's characteristics. The mutual
interference of all of these components is fairly large and necessitates close contact
between the specialised staff of the various design fields already at the commencing
stage of a missile project.

To begin with, in the paper presented, a few missile missions with high angles of
attack involved will be exemplified. Subsequently, a review of high angle-of-attack
aerodynamics suited for the design-aerodynamicist's needs will be presented. Consi-
deration will be given to both the in-plane and out-of-plane forces and moments. In
addition, the most relevant effects of the vehicle motion will be mentioned. Subsequently
some aerodynamic characteristics of bodies with non-circular cross section will follow.
The aerodynanic effects at high angles of attack on other missile components will be
discussed in a separate paragraph. The paragraph following deals with the prediction
of aerodynamic coefficients, both with the aid of theoretical methods and experimental
investigation. At the end the most important conclusions for missile design at high
angles of attack are summed up into a design guideline.

The high angle-of-attack region is characterized by a strong flow separation. This
is indicated by a pronounced non-linear characteristic of the in-plane coefficients
and the appearance of out-of-plane forces and moments. As a lower limit of high angles
of attack an angle of a z 200 might be assumed in this context. The canard configuration,
however, is an exception in so far that particularly with control deflection, strong
non-linearities occur also at small angles of attack.

3. MISSILE MISSIONS WITH HIGH-ANGLES-OF-ATTACK OCCURRENCE

There are numerous missile projects under development that operate at high angles of
attack even if it is only for a short period of time. Some examples are illustrated in
Fig. 1 - 6.

VERTICALLY LAUNCHED MISSILES

Vertical launch is an old launch technique, well known from historical missiles such
as V2 and many of its successors. It is now gaining increasingly in significance as far
as many new guided missile concepts for ground-to-air or sea-to-air defence as well as
for sea-skimmer defense are concerned. Here the most frequent type of launch was aimed
launch from a launcher adjustable in azimuth and elevation. This technique became
questionable in modern systems where requirements exist as to

- multiple target engagement for simultaneously attacking aircraft

- complete 3600 coverage without blind arcs

- obstacle clearance: trees, hills, buildings, ship superstructures.

It becomes evident that these requirements cannot be reached by moving a heavy mul-
tiple launcher but they can easily be satisfied if the missiles are fired vertically from
a container. Experimental missiles such as "Sinner" of "Velarc" have proved the feasib-
ility of this technique.
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Two trajectory types occurring in the case of a vertical launch are sketched in Fig. 1,
ref. 1, which also indicates the inclination of the missile with respect to the trajec-
tories. As a rule, the design of vertically launched missiles is based on the fact that
thrust vector control is required to turn around the missile after ejection from the con-
tainer, ref. 2. However, it is also conceivable that purely aerodynamic control is suffi-
cient, depending on the weapon system mission requirements. In Fig. 2 the different trajec-
tories resulting from aero control and jet-vane plus aero-control are shown. The altitude
attained with JVC is generally lower and the minimum mission range is herewith more favour-
able. Also shown in Fig. 2 is the time history of the elevation 0, accelleration a ,g, con-
trol deflection n and angle of attack a.The example reveals that the aer controlszoperate
for a relatively long time at full deflection,whilst the jet vanes require the maximum de-
flection only briefly. It is important to consider, however, when designing the asrodyna-
mics for such a wingless configuration, that the angle of attack extends up to 50 , irre-
spective of the type of control. Missile aerodynamics in the subsonic and transonic range
at such angles of attack are characterized by 'he so-called out-of-plane forces and moments
which, as is well known, occur due to the asymmetrical vortex shedding of the body. An
existing wing could drastically change the situation due to the asymmetric breakdown of
its own vortex system and the interference with the tail. These will be described in more
detail in the following paragraphs.

A small wing span is required for a missile which is to start from a container in order
to minimize the container's dimensions. Additional requirements for low missile mass and
low costs frequently leads to a wingless configuration with wrap-around or jack-knife con-
trol panels.

STORE SEPARATION FROM AIRCRAFT TOP-SIDE

The over-aircraft carriage and launch of weapons/external stores is receiving a new in-
terest because of its ability to solve some of the major problems associated with the de-
livery of weapons/stores from extremely low altitudes in order to increase aircraft sur-
vivability. Conventional stores release during a terrain following attack would lead to a
damage of the carrier since it does not have the time to leave the blast zone of the de-
tonating store. With the top-side release technique it is important that store and air-
craft separate quickly, as due to the stores rapid pitching motion there is the danger of
collision. This requires careful matching of normal force and pitching moment, ref. 3. In
Fig. 3 some suitable shapes of weapons for top-side release togetherwith calculated launch
trajectories are illustrated. The angle of attack thereby exceeds 450.

SUBMUNITION LAUNCHED FROM AN AIRCRAFT CONTAINER
For the attack of area targets (e.g. tank formations, runways) small bombs are increas-

ingly being used - mostly orientated perpendicular to the flight direction - and jetti-
soned from a container. In Fig. 4such a mission and its typical a-characteristic are
shown.

ONE-MAN ANTI-TANK MISSILE

Regarding the anti-tank weapons there is a known development of a one-man missile con-
sisting of a body only and controlled by means of BLTVC (Boundary Layer Thrust Vector Con-
trol), ref. 4. In Fig. 5 typical characteristics of trajectory and angle of attack are
illustrated.

SHORT-RANGE AIR-TO-AIR AND AIR-TO-GROUND MISSILE WITH LARGE OFF-BORESIGHT ANGLE
The requirements for short range air-to-air and air-to-ground missiles have undergone a

radical change. This becomes apparent in Fig. 6 where the firing envelope of the Sidewinder
is compared with the previously designed Agile missile. The high turn-around capability of
the Agile requires at low speeds high angles of attack and the use of TVC (gimmballed noz-
zles). Although the development of Agile was terminated at an early stage some of its de-
sign principles live on in the ASRAAM missile, a European project. The utilization of mis-
siles at large off-boresight angles has been made possible due to the increase of seakers
search capability. In bhe extreme case of a rearward launched missile, Fig. 6 with an off-
boresight angle of 180 the angle of attack may reach a - 1800.

4. BRIEF REVIEW OF HIGH ANGLE-OF-ATTACK AERODYNAMICS
The important phenomenon of high angle-of-attack aerodynamics is the flow separation on

body, wing and tail and the shedding of free vortices, Fig. 7 . These vortices cause addi-
tional forces and moments on the missile. The predominant features of flow separation and
their effects will be discussed in this paragraph which should serve as a source of infor-
mation for the design-aerodynamicist.

The onset of flow separation is distinguishable by the characteristics of the aerodynamic
coefficients, namely by the pronounced non-linearity of the in-plane coefficients with re-
spect to angle of attack and also by the occurrence of out-of-plane forces and momenta. The
following provides a brief review of in-plane and out-of-plane forces and moments of bodies,
wings, body-tails and body-wing-tail combinations and of some important parameters of in-
fluence.

FLOW SEPARATIONS AND THEIR EFFECTS ON BODIES

The body has proven to be the dominating missile component concerning flow separation
and its resulting effects. Intense research during the last decade has yielded the result
that the flow behaviour around a body is at least phenomenologically known. However, there
are still shortcomings in many cases as regards the understanding and insight into the

-,-
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physics of this particular nature of flow dynamics. The key to the solution apparently lies
in the up to now insufficient explanatory behaviour of the boundary layer.

In Fig. 8 flow patterns about ogive-cylinder bodies at various angles of attack and the
corresponding characteristics of normal force and side force are schematically shown, ref. 5
(see also Fig. 9 for the onset boundaries). At small angles of attack and as long as the
flow is attached, the normal-force characteristic with angle of attack is lincar. With in-
creasing angle of attack the flow starts to separate on the leeward side of the body and a
system of two or more pairs of symmetric vortices are generated. Due to the influence of
the fres vortices the increase in normal force is more than linear. At angles of attack be-
yond 30 mostly asymmetric shedding of vortices occurs which causes side forces on the body.
In this region the flow is generally steady. However, it has been reported of wind-tunnel
investigationg with the observation of unsteady vortex shedding - mostly at angles of attack
of approx. 50 . This phenomenon can be described as the formation of asymmetric, alternating
pairs of vortices that alter the direction of the side force. Experimental investigations
have shown that asymmetric separation is mainly possible if the cross-flow compongnt
(Ma = Ma . sin a) is less than Ma = 0.5. Finally, at angles of attack beyond 60 the flow
bec

8
mes unsteady and the boundary ?ayer is shed in the form of a random wake (high Reynolds

numbers) or of a von Karman vortex street (low Reynolds numbers). The mean side force de-
creases toward zero. The normal force has a decreasing characteristic, too.

IN-PLANE FORCES AND MOMENTS OF BODIES OF REVOLUTION

At high angles of attack the normal force and pitching moment (cr center of pressure) de-
pend a great deal on Mach numbers and Reynolds numbers. Examples relating to this are given
in Fig. 10, 11 and 12, ref. 6, 7. There is a mutual dependency between Mach numbcrs ?nd
Reynolds numbers as long as the cross-flow Mach number equals MaQ- 0.45. For higher
Mach numbers Ma there is a dependency on Mach number only. This is also evident in Fig. 11
and 12. The regyon with Reynolds number dependency is quite wide at Ma = 0.5 and appreciably
smaller at Ma = 0.8. It disappears completely at Ma = 1.7.

There is little information available about the effect of body shape on the in-plane aero-
dynamics at high angles of attack. Generally speaking there is a dependency of roll orienta-
tion on normal force at high angles of attack which, however, is not so distinguished as the
dependency concerning the side force (see Fig. 14). The dependancy on roll orientation of
both coefficients was to be expected, considering that both are influenced by separated
vortices.

OUT-OF-PLANE FORCES AND MOMENTS OF BODIES OF REVOLUTION

The side forces and yawing moments may impose a rather complex autopilot or may impair
the mission and are there.fore extremely inconvenient for the aerodynamicist. The side forces
cause a miss-distance, whereas the yawing moments are of a dentrimental nature to stability
and maneuverability. Compirisons with the normal force indicate that side forces may even
take on higher values under certain conditions, Fig, 13 . The task for the aerodynamicist,
in taking any given qeometry constraints into considerations, is to minimize these out-of-
plane forces and moments. They depend, as known from numerous experiments, on parameters
such as shape of body, Reynolds number or Mach number. In addition thre is the rather un-
pleasant experience that obviously small unavoidable surface asymetries may be of detrimen-
tal effect. Some relating examples of these effects are given in rig13 - 19. More details
with respect to the high-angle-of-attack aerodynamics of bodies of revolution are given in
the references 8, 9, 10, 11, 12, 13, 14, 15.

IN-PLANE AND OUT-OF-PLANE FORCES AND MOMENTS OF WINGS

The flow behaviour becomes more complex with increasing angle of attack not only around
a body but also around a wing. The flow pattern for a wing at higher a's is characterized
by the development of two symmetric vortices (primary separation) on the leeward side with
their origins at the wing leading edge, Fig. 20 . Due to a secondary separation two addi-
tional vortices can develop, possessing opposite sense of rotation relative to the first
pair of vortices.

All of these vortices cause a non-linear increase of normal force and usually burst
behind the wing. The position of the vortex bursting moves upstream with increasing angle
of attack and finally comes to lie within the wing planform, which causes a diminution of
the normAl force - however, it is well known that at high i's an asymmetrical vortex burst-
ing occurs which causes a r !ling moment (Fig. 21 for triangular wings). Fig. 22 demonstrates
the lift coefficients of truangular wings and Fig. 23 the normal force coefficients of rec-
tangular wings. The effect of Mach number on the normal force of a slender rectangular wing
is shown in Fig. 24. More details on wing characteristics are given in ref. 14, 21, 22.

INTERFERENCE BETWEEN INDIVIDUAL COMPONENTS

The vortex structures of the complete missile can be constructed by superimposing those
of the isolated components. This results in a vortex system as shown in Fig. 7. Body vortices
interact with wings and tails, wing or canard vortices with tails. The interaction can be
very strong if a vortex passes very close to a tail surface. For a missile which is allowed
to fly at different angles of attack and roll such a situation certainly occurs.

The wing seems to be of little influence to the body vortices upstream of the wing-body
junction. Aft of this point, body vortex strengths are reduced and their paths are perturbed
as the experimental investigation of ref. 23 has shown for body-wings in subsonic flow.

!-



In Fig. 25 a few examples of the normal force of tail-panels as a function of roll
angle are shown. On adding canards the panel forces change little, even when the canards
are deflected, ref. 24 . Here the influence of the body vortices is obviously dominat-
ing. The example in Fi 6 shows the normal-force distribution induced by the wing on
the body at roll of = 00 and 450, ref. 25

At supersonic steeds interaction between the nose-snockwave and the fin-shockwaves
may occur at 0 = 22.50 or 450, thereby reducing the effective flow velocity on the wind-
ward fins and consequently resulting in a loss of fin efficiency (fin choking, ref. 26).

Finally, in ref. 27 it was reported, that in the transonic speed range appreciable
losses of efficiency of the windward fins at certain roll angles may occur, the reason
of which is unknown ("Roll stall").

IN-PLANE FORCES AND MOMENTS OF BODY-TAIL AND BODY-WING-TAIL COMBINATIONS

As a rule a missile composed of a body only would show aerodynamic instability. Fins,
which are used to provide stability, lose their efficiency at high angles of attack. A
body-tail combination suffers a large shift of center of pressure and therefore is ad-
verse to the design of the autopilot. An example is shown in Fig. 27, ref. 28. The
application of additional long strakes increases the normal force and the static margin,
but can hardly suppress the shift of center of pressure with angle of attack. Not until
higher supersonic attack numbers are reached the shift of the center of pressure is
diminished, Fig. 28, ref. 29 . With the application of wings of high aspect ratio the
tail loses its efficiency almost completely at small angles of attack, but gains in effi-
ciency with growing angle of attack, Fig. 29, ref. 30 . For a missile, a realistic
center of gravity providing, a large shift of center of pressure can mean that the sign
of the pitching moment may change several times by widely varying the angle of attack,
Fig, 30, ref. 31 .

Moreover, as far as body-tail and body-wing-tail configurations are concerned, the
roll angle can be of important influence on normal force and pitching moment, Fig. 31,
32, 13 . Generally speaking, missiles at 0 = 450 show less normal force and static
stability than at 0 = 00. This difference is particularly characteristic and of appre-
ciable magnitude when using long strakes. Out of the examples illustrated in Fig. 31,
32, 33 the configuration with strakes possesses the most unfavourable pitching moment
characteristic versus a with regard to the design of the autopilot.

OUT-OF-PLANE FORCES AND MOMENTS OF BODY-TAIL AND BODY-WING-TAIL COMBiNATIONS

The adding of a wing and/or a tail has, in general, relative little influence on the
maximal side forces and their related centers of pressure, Fig. 34,35 . In ref. 29,
however, some examples do indicate double the amount of the y-ony side force due to
the addition of a tail. Illustrated in Fig. 35, 36, 37 there are the in-plane a19u
of-plane coefficients of a body-tail combination, a missile with strakes and a canard-
controlled configuration for different roll angles and Mach numbers. There, particular
attention has to be paid to the induced rolling moments. In general, the maximum roll-
ing moment occurs at 0 = 22.50, Fig. 38, ref. 32 and takes on quite appreciable values.
With wings of high aspect ratio the magnitude of the rolling moments may even be too
great to achieve the necessary roll-controllability. With configurations utilizing
strakes the maximal induced rolling moments are generally lower.

An interesting possibility for a missile having small-span wings and controls to ope-
rate at high angles of attack offers the bank-to-turn flight mode which allows the
choice of a preferred maneuver orientation. The preferred orientation yields the maximum
lift and c~ntrol authority in the desired maneuvering plane, a minimum of out-of-plane
forces and moments and a minimum of roll-yaw control cross-coupling. A satisfactory
autopilot design usually requires that the cross-coupling rate CCR (unwanted to wanted
roll and yaw) remains less than 0.5. Fig. 39 shows the cross-coupling rate CCR for a
missile in + - and x-position ref. 33 . The maximum values are about the same but at
different angles of attack. According to ref. 33 an optimum bank-to-turn configuration
consists of a planar wing and interdigitated controls in x-position. Interdigitated
controls cause the lowest minimum induced rolling moment as indicated in Fig. 40.

INFLUENCE OF BODY CROSS SECTION ON THE IN-PLANE AND OUT-OF-PLANE FORCES AND MOMENTS

Regarding quite a number of missile configurations, there are specific requirements
concerning the body cross section. For example, a rectangular cross section is usually
best for the stowage of subminution. In order to establish the effect of the body cross
section on the aerodynamic characteristics, comprehensive wind tunnel investigations
were performed at DFVLR, ref. 34. Part of the results is shown in Fig. 4. It can be
seen that the rounding off of the edges has a diminishing effect on the normal force.
The maximal normal force is obtained with a quadratic cross section at 0 = 450 roll posi-
tion. Regarding aerodynamic stability the bodies with sharp-edged corners are advanta-
geous since, with decreasing corner radius the center of pressure moves toward the base
of the body. In ref. 35 a report is given on a comprehensive wind-tunnel study on mis-
siles with quadratic cross sections.

Another category of missiles uses bodies of elliptic cross sections. In comparison
with axi-symmetric bodies the elliptic cross section bodies are advantageous in so far
that they deliver higher normal force and less side force - both at subsonic and at
supersonic speeds, Fig. 42 - and a more favourable storage under the carrier aircraft.
The advantages just mentioned, however, depend largely on the roll position and hold
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mainly for the 0 = 00 position. This is the reason, why elliptic cross sections are
usually found with missiles that utilize the "bank-to-turn" steering technique.

The example of a configuration with an axi-3ymmetric and an elliptic cross section
is shown in Fig. 43, ref. 36. The span and tail size being equal, the elliptic configu-
ration results in a 25 % gain in normal force and indicates improved maneuverability in
the pitch-plane "nd yawing-plane, Fig. 44 . Also the out-of-plane forces and moments
at low Mach numbers are more favourable, Fig. 4 . A further example was shown in
Fig. 3. More information on elliptic cross sections is available from ref. 37, 30.

COUPLING BETWEEN VEHICLE MOTION AND VORTEX GENERATION

The coupling between vehicle motion and vortex generation could be very significant.
This is mainly the case if the Reynolds number is such that already minor changes of
speed have a significant effect on the separation of the boundary layer.

The side forces of a rotating body are almost independent of the rotative speed,
Fig. 46, ref.38 . However, unguided missiles may adopt the so called "roll lock-in" mo-
tion at high angles of attack. The "lock-in" motion is characterized by oscillations
in the roll angle that dampen into a roll trim angle. These oscillations indicate the
presence of an induced rolling moment. Roll lock-in may occur with body-tail and body-
canard-tail combinations, Fig. 47, 48 .

Primarily on aircraft the asymmetric separation of the wing vortices causes what is
known as the wing rock phenomenon, ref.40,41 . The aircraft thereby undergoes an oscil-
lating motion in roll, yaw and pitch. The hysteresis of the vortex bursting when chan-
ging the angle of attack thereby plays a part. An example concerning the change in aero-
dynamics due to the pitch rate is given in ref. 40 . This kind of aerodynamic charac-
teristic has not yet been discovered with missiles but it can not be ruled out that this
might also exist with missiles having large wings.

THE EFFECT OF HIGH ANGLE-OF-ATTACK AERODYNAMICS ON MISSILE COMPONENTS

There are, however, not only advantages associated with high angles of attack but
also drawbacks and some problems involved in missile design for high angles of attack
are explained in this paragraph.

The search capability of the seeker has tu be high in order not to lose sight of the
target. This fact necessitates a very complex and rather expensive seeker.

The large shift of center of pressure with angle of attack causes an unfavourable
variation of pitching moment and of its slope. Consequently, the natural pitch fre-
quency is subject to a wide variation too. However, the upper limit of the pitch fre-
quency is determined by the structural vibration frequency and the roll frequency
(pitch-roll-resonance). She danger of resonance frequency is further increased by the
utilization of new structural materials (e.g. CFC), the lower structural stiffness of
which leads to a lower natural frequency. The wide band of natural frequency as well
as the intense cross-coupling effects of the controls make the design of the autopilot
more difficult. The latter does not permit simplification of the autopilot by means of
separated treatment of pitching and yawing motion.

The intense structural loads and their frequently unfavourable distribution on the
body, tails and wings often lead, with the missile mass in mind, to structures with
minimal structural stiffness. Consequently, effects of aeroelasticity may play a role.

Due to the effect of the body-vortices on the controls of body-tail and body-canard-
tails configurations there are considerable changes of the load distribution on the fins
(depending on a , 0 and Ma) and consequently to the hinge moments, This may necessitate
powerful and rather heavy actuators.

With vertically launched missiles the turnover at high angles of attack and low
speeds is usually achieved by utilizing TVC. In order to keep the rolling moments here-
by as small as possible the wing has to be of small span.

The relatively largely widespread uncertainty concerning the aerodynamic coefficients
at high angle of attack impedes the application of the observer technique and the develop-
ment of a optimal guidance law. Usefull information regarding this problem is available
in ref. 43, 44, 45, 46, 47, 48, 49, 50, 51.

6. THE PREDICTABILITY OF AERODYNAMIC COEFFICIENTS

In general, the prediction of the aerodynamic characteristics of missiles at very high
angles of attack is rather difficult for both the theoretical and experimental determina-
tion. These difficulties concern the in-plane and even more severely the out-of-plane
characterstics. The highest problems arise with the determination of that amount of co-
efficient that is induced by the asymmetric body vortices, and especially with the deter-
mination of the rolling moment. In the following some prediction methods will be presented,
which have been developed during the last couple of years.

In ref. 29 a semi-empirical method is described, valid for bodies, body-tail and body-
8strake-tail combinations and applicable to a's up to 1800 and Mach numbers from 0.6 to
3.0. Some examples of comparison between theory and experiment are illustrated in Fig.28.
This method only predicts the in-plane characteristics for the +-position and is based on



a data base consisting of wind tunnel data. The applicability of this method is thus
limited by the range of data contained in the data base. In ref. 52 it has been re-
ported of an extension of this method regarding the roll angle (up to 450) for body-
tail combinations. The resultsin Fig. 49 however indicate that the accuracy of the pre-
diction of the center of pressure and the rolling moment at 0 = 450 is insufficient. The
comparison between theory and experiment for the normal force seems to be reasonably well.

In ref. 53 the multi-vortex method of Thomson (ref. 54) to describe the asymmetric
vortex structure above a body of revolution at high angles of attack has been incorpora-
ted into an engineering method for the determination of the in-plane and out-of-plane
characteristics of body-tail combinations. In principle, this method may be applied to
arbitrary Mach numbers, angles of attack and roll angles. A comparison between theory
and experiment is given in Fig. 50. Another similar method is discussed in ref. 55.

The method of ref. 30 allows the determination of the in-plane forces and moments of
bodies isolated or in combination with wings and tails, with circular or elliptic cross-
section, for the +-position. The method is based on the coefficient synthesis (similar
to the N-P-Y method for slender missiles) and utilizes the crossflow theory for the
estimation of the non-linear terms at higher angles of attack. The range o the appli-
cability is 0.6 < Ma < 2.9 and 00 < c <1800 for the body alone and 0.6 < Ma < 2.0 and
00 < , <600 for combinations with wings and tails.

The most sophisticated methods for the treatment of wing-body-tail combinations at
arbitrary Mach numbers, roll angles and angles of ettack of approx. 400 have been deve-
loped by NEAR, Inc. These methods yield both the in-plane and the out-of-plane charac-
teristics of missiles with circular or elliptical cross section, including the considera-
tion of control deflections of canards or tail, ref. 56, 57 . A comparison between theo-
retical results (programs MISSILE, MISSILE 2, DEMON 2) and experimental results is carried
out in ref. 58, Fig. 51.

Numerous computing methods, among them many of non-empirical character, are available
for the treatment of isolated bodier. There are also attempts with great analytical
effort involved in order to take the behaviour of the boundary layer into account. The
most extensive methods are based on the complex Euler or Navier-Stokes equations. How-
ever, it has not yet been possible to achieve the quality of results by calculation as
the experimental results shown in Fig. 14.

All the methods mentioned so far are insufficiently accurate concerning mainly the
computation of the out-of-plane characteristics and it has to be proceeded with caution
if these methods are to be used for dezign purposes. Quite often the accuracy criteria
of aerodynamic coefficients as derived from performance and other design parameters can
not be met. In Fig. 52 an example of a missile design, ref. 59, is given whereby the
calculated yawing moment coefficient exceeds the allowable magnitude at high angles of
attack.

However, even the experimental investigation of the aerodynamic coefficients at high
angles of attack is not always accurate. In Fig. 53 for instance it is exemplified how
the coefficients of an axi-symmetric body-tail combination differ when the model is ro-
tated by 90

0
-steps. This is to be ascribed to the asymmetric body vortice!., similar to

the body-alone case shown in Fig. 14. As a rule, the experimental results have to be
carefully corrected to free-flight conditions, with the frequently differing Reynolds
number having the greatest effect on the coefficients regarding body and body-tail com-
binations. Moreoever, the effects of the wind-tunnel turbulence level, ref. 60 , the
wall interference and the model support interference, ref. 61, are to be taken into con-
sideration, since they may cause a decisive change to the vortex system by affecting the
very sensitive boundary layer.

In practice, the aerodynamic coefficients of a missile together with the scatter of
the results and their probability are obtained from wind-tunnel tests. For the control
and structural requirements the maximal values, and for the missile accuracy the most
probable values are considered. Regarding wind tunnel testing, it is to be noted that
the measuring of coefficients of configurations with long strakes is easier than that of
body-tail configurations, since a great deal of the problems caused by the asymmetric
body vortices is suppressed by the strakes.

7. SOME GUIDELINES FOR MISSILE DESIGN AT HIGH ANGLES OF ATTACK

The analysis of numerous wind tunnel investigations of missiles at high angles of
attack has led to significant results that may well be regarded as guidelines for the
missile design at high a's.

The effect of the asymmetric body vortices (and herewith the generation of severe
out-of-plane forces and moments~may be reduced by means of:

Choice of a low-fineness-ratio body nose; blunting of the body nose; utilization of
small strakes on the body nose, Fig.54(for roll-stabilized missiles only); utilIzatlon of
helical or straight body trips at the body nose (for roll-stabilized missiles only);
utilization of small spikes at the nose tip; increase in flight Mach number (see ref.62).

Bodies alone show an extensive shift in center of pressure with respect to angle of
attack and are generally aerodynamically unstable at small a's. By means of wings with
higher aspect ratio the shift in center of pressure can be kept reasonably small. Tail
fins in combination with strakes are very effective at small a's but lose efficiency
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with increasing a . This characteristics of the tail may be reversed if they are com-
bines with wings of higher aspect ratio.

Missiles with long strakes show a strong dependency of the pitching moment with respect
to roll angle.

The induced rolling moments of missiles with wings can become very large and the maxi-
mal values usually occur at 0 = 22.50. A reduction in wing aspect ratio generally means
a reduction of the maximal rolling moment.

It is advantageous to fly in the bank-to-turn mode since tI.is provides the possibility
of a preferred roll orientation for which the center of pressure, the out-of-plane forces
and moments and the cross-coupling effects turn out favourably.

The compensation of the induced rolling moments of canard configuration proves to be
rather difficult. The rolling moments can be kept small if the tail span is less than
the canard span. Another approach to the solution of this problem is the use of a free-
rolling tail-fin afterbody or the utilization of a ram-air-spoiler to provide roll-stabi-
lization, ref. 63, 64 .

For vertical launch missiles with the maneuver-capability of turning around at low
speeds TVC-control is generally necessary.

Missiles with long strakes prove to be advantageous in many respects, e.g. stowage in-
side containers or under the carrier-aircraft is facilitated, reduced missile weight and
simplified logistics. Another favourable aspect of long-strake configurations is the
fact that the determination of the aerodynamic coefficients by means of wind tunnel test-
ing is usually easier.
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THE ROLE OF COMPUTATIONAL FLUID DYNAMICS IN HIGH ANGLE-OF-ATTACK AERODYNAMICS
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British Aerospace, Aircraft Group,
Warton, Preston, PR4 lAX, U.K.

SU MARY

Recent advances in ccmruters and in numerical algorithms have brought forward the possibility of per-
forming, relatively economically, accurate calculations of the flow over realistic representations of air-
craft and missile geometries. The present indications would appear to be that most of the problems assoc-
iated with shock waves in the flow are now starting to be resolved - or at least acceptable compromises are
in sight. The outstanding difficulty is connected with vortex flows and related effects which make high a
aerodynamics particularly complicated.

A wide class of problems can be simulated adequately by inviscid models of the flow - particularly flows
involving separation from sharp edges such as wing leading and trailing edges, and tips. In many cases
the simulation can be further improved by coupling the inviscid calculation with a simplified viscous model
of boundary-layer type.

In some cases, however, the flow is viscous-dominated and a more comprehensive scheme is required. In
these circumstances, recourse to the Navier-Stokes equations is the usual alternative, but solution of these
equations is difficult and computationally expensive. A more serious difficulty is that for certain aero-
dynamically-relevant problems, including body-vortex flows and wing stall, the key physical phenomena (e.g.
vortex switching) may be triggered by non-deterministic effects such as external turbulence and surface
vibration; in such cases the deterministic Navier-Stokes equations will not be appropriate. Possibly an
infinite number of unstable states may satisfy the conditions of the problem; in a theoretical calculation,
numerical bias may force an arbitrary selection of one of these states or prevent a steady state being
attained. Analogous difficulties will exist for an experimental approach.

Following a discussion of the overall design task for a modern military aircraft and the position of
aerodynamic excellence in the hierarchy of design objectives, this paper discusses the prospects of high a
aerodynamics prediction via theoretical methods and will discuss some of the methods in detail, with
particular emphasis on panel methods (including rolling and coning motions), discrete vortex dynamics
calculations for the incompressible Euler and Navier-Stokes equations, and the new generation of field
methods for the compressible Euler equ-ions.

PART ONE: DESIGNING AIRCRAFT AND ALGORITHMS

1.1 The writer's dilemma

lihen asked to define the role of computational fluid dynamics (C.F.D,) in high-angle-of-attack aero-
dynamics, the initial feeling of the writer was that it would be difficult to keep the paper to a reasonable
length, so great had been the progress in recent years. This progress, the paper would start by saying, was
due to the tremendous growth in the speed, capacity and economy of electronic computers, The paper would
go on to describe a few of the writer's favourite algorithm with details of their convergence rates, numer-
ical accuracy, etc. Some carefully selected examples would demonstrate the ability of these algorithms to
reproduce some of the features of vortex-dominated flows for a number of cases where the flow is sufficiently
simple to have allowed a systematic comparison to be made between theory and experiment. Some equally care-
fully chosen examples would demonstrate the deficiencies of the traditional experimental approach, and add

further fuel to the already heated debate about the relative merits of these two "alter'native" approaches to
the prediction problem.

The reality of preparing a paper to fit the title, however, has proved much more difficult than anti-
cipated. This title relates to the role of C.F.D. - not to its potential - and by implication to the aero-
dynamics of real shapes such as military aircraft and missiles, not to circular cylinders, square cavities
and so on. To make matters more difficult, the subject relates to the high-a regime, and not to the familar
"attached flow" state where C.F.D. really has started to pay dividends.

The theme adopted for the paper will at first eight delight the traditionalists (those who unswervingly
support the wind-tunnel approach), and confound the proponents of computer-based theoretical methods (or at
least those who advocate this approach instead of the wind-tunnel). This is in fact not the intention of
the writer, as may become clear as the theme is developed. The basic theme of the paper is that, if we omit
those so-called C.F.D. methods which are actually little more than computerised data-sheets or empirical
correlations, then :

the present generation of C.F.D. r'wthods is incapable of giving an accurate prediction of the air
foroes on a conventional aircraft shape at high angle of attack. In moast cases, predictions based on
properly-oonducted wind-tunnel tests will be nearer to the reality of actual flight.

It is not even clear to what extent, or over what time scale, these statements will remain true as
C.F.D. continues to evolve.

The counter-argument is that the traditional experimental approach is itself stretched to or beyond its
limits by the physical processes involved in the high-a flow of air over an aircraft shape. Furthermore, the
trend towards increased coat of "properly conducted" wind-tunnel experiments, in the face of ever more
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stringent demands on the aircraft designer (tighter constraints on performance, wider range of flight regimes,
lower lead-times), requires that computer-based theoretical methods play a substantial and increasing part in
the aircraft design process - including the high-a regime.

The designer is therefore obliged to adopt some form of compromise; the nature of this compromise is
motivated by the accuracy which is in fact required of predictions of high-n behaviour. This requirement
differs in some rerpects from the accuracy of prediction needed for other parts of the flight envelope.

1.2 The nature of high-a prediction requirements

For civil aircraft, and for conventionally-configured military aircraft umder cruise conditions, the
current generation of C.F.D. methods allows a computer-based design to be achieved with some confidence. A
number of fundamental design guidelines exist, including those which point to certain desirable forms of
pressure distribution compatible with good drag rise characteristics, or stall progression, or minimum
induced drag, and so on. It is now becoming possible to compute with some accuracy (including boundary layer
effects), the shapes whch will produce these target pressure distributions, subject to certain fundamental
constraints on that shape.

At high a, and especially for non-conventional layouts, the complexity of the shapes involved, and the
extreme nonlinearity of the flow phenomena, mean that this possibility does not exist, and almost certainly
never will.

There is, for example, a set of "rules-of-thumb" pointing to desirable fin and tailplane placements
which experience shows lead to acceptable spin-recovery properties; other empirical rules may be motivated
by a desire to give the pilot an unmistakable warning of impending stall via a progressively increasing buffet
amplitude (this being an important objective in the case of a "basic trainer" aircraft. The need does not
exist in this regime for an exact attainment of ideal target pressure distributions. The role of C.F.D. will
at best be confined during the initial design stage to subsequently confirming that the shape first designed
by "rules-of-thumb" actually does produce the right sort of behaviour. In the event that it does not, C.F.D.
may be of further assistance in suggesting modifications that will rectify the problem.

Even when the configuration layout has been decided, an accurate prediction of high-n air forces is
not always necessary or useful; an indication of trends or a signalling of some potentially
catastrophic flow situation will generally suffice. This is particularly true during the inter-
mediate phase of a project, after the basic lines of the configuration have been decided but before
the detailed shapes have been frozen.

Where accurate predictions are required, more refined computations or a limited series of specialised
wind-tunnel tests may be performed.

Only under limited circumstances is the designer concerned with accurate details of the air flow over
a conventional aircraft shape at high a; the phenomena which can occur (such as stall, vortex
bursting, etc.) are generally undesirable and the aim is usually to avoid their occurrence. If such
undesirable flows should occur, the aim is usually to recover from them, and an estimate of their
approximate maximum magnitude is then desirable in order to allow adequate control power to be
installed to allow recovery from that condition (spin, etc.).

For certain military aircraft, one of the primary design aims is a high degree of manoeuvrability.
Some of the aircraft shapes to achieve this would not generally be regarded as "conventional". For
such shapes, the air flow can still be "ordered", or predictable, even though the angle of attack is
"high"; in the case of highly-swept leading-edges, or strakes, the aim is to achieve ordered separ-
ation of the flow from the leading edges, and to utilise the effect of that separation in controlling
the flow over other parts of the configuration. Canards are another means of meeting "unconventional"
requirements. For such ordered flows, C.F.D. in its current state can produce very useful predictions
and can significantly reduce the number of wind-tunnel tests which would otherwise be required.

Despite the above difficulties, the high-n regime is a vitally important part of the flight envelope
of a modern fighter aircraft; the aircraft will be required to generate large normal accelerations
by generating high lift in the presence of "non-ordered" separations of the trailing-edge type and
body-vortex type. These can produce large effects on fins and other downstream surfaces. Reasonably
accurate predictions of the forces and moments and an understanding of the associated flow patterns
are required during the design stage. The wind-tunnel approach has a number of deficiences in such
cases: during high-g manoeuvres, where aeroelastic distortion is large, the required shape of the
wind-tunnel model will not be known accurately; separations of the above type can be very sensitive
to Reynolds number effects; in order to rectify some undesirable feature, an understunding of the
flow behaviour will be required, and this is very difficult to acquire from the wind-tunnel approach;
at high-a, and especially for canard-configured layouts with strong interaction betwen the canard wake
and the main wing, wind-tunnel wall constraint and support-strut interference effects can be signif-
icant but difficult to estimate.

In the light of the above observations, this paper will discuss the deficiencies of "classical" comput-
ational methods for high-a predictions, outline the capabilities of some current methods (from the viewpoint
of not only their physical realism but also of their usability as routine design tools), and go on to discuss
whether there really is a need to develop very much more complex theoretical methods for high-a aerodynamics.

To put these arguments into perspective, however, it appears relevant to attempt first to locate the aero-
dynamic design process in the hierarchy of priorities governing the overall military aircraft design process,
and secondly to give some indication of how the subject of C.F.D. has rapidly grown from the seeds sown by
Lanchester, Prandtl, Glauert, Lighthill, at &I, to a monstrous new science of almost unmanageable proportions.
The task of designing and constructing new computer programs, based on state-of-the-art algorithms and models
of fluid-dynamics phenomena, has now become comparable in som respects to the aircraft design process
itself: the elapsed timscales (but not the mern hours!) can be similar; both require a wide range of
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disciplines; there will be a number of contrasting requirements, all of which it is not possible to satisfy
optimlly at the same tim. The next two sections of the paper oummerise some of the features of these

two design processes.

1.3 Objectives in military aircraft design

For a number of clearly-identifiable reasons, the overall design process for military aircraft differs
substantially from that for almost any other engineering product. Although the set of basic objectives may
be very similar to those involved in designing and marketing, say, a television set, the relative priorities
are quite different.

The predominant differences lie in the magnitude of the task (and especially the number of disciplines
involved), in the associated lead-time (i.e. time from initial concept to comercially-evailable hardware -
typically ten years for current military aircraft), and life expectancy demanded of the product (which
increases as a function of the sophistication and cost of the product). The financial comitment and high
risk involved in a new aircraft project now demand decisions at a national rather than a company level, and
have been the main motivation behind the large number of multi-national projects which have been undertaken
over the last two decades. This frequent international collaboration, whilst inevitably giving rise to
numerous difficulties, produces the added benefit of widening the potential market for the new product. In
the unlikely event that it suddenly became possible to reduce the lead-time and costs associated with a new
aircraft project by, say, an order of magnitude, then the relative priorities of the basic objectives in the
overall project would almost certainly change dramatically.

Such a transformation has indeed taken place, for example, in the case of television manufacture.
Fundamental research in abstract physics, followed by the vital element of intuitive advances in component
design and more recently by the computer-aided design and verification of circuits, has revolutionised this
technology. This revolution has not only significantly improved the standard of performance of the product
(i.e. the T.V. set) but has increased its reliability and maintainability, and (by virtue of mass production
and sales) reduced its retail cost. This in turn has led to a perceptible change in customer attitude;
the television set has become an expendable product, replaced at frequent intervals as new models with
appealing new facilities become available.

Similar revolutions are taking place in other industries able to take advantage of electronic technology -
watches, motor cars, commications, etc. In some cases the very foundations of these industries have changed
almost overnight; those manufacturers who have failed to respond accordingly have quickly run into hardship.
It is therefore hardly surprising that this revolution in electronics is also playing a fundamental part in
the overall design concept for the next generation of military aircraft.

Unlike the television industry, however, the aircraft design process is directly affected by parallel
progress in a wide variety of other, quite unconnected, technologies. These include:

materials: modern aircraft designs now incorporate an increasing number of components fabricated
fron unconventional materials such as carbon or boron fibres, new alloys etc. These may be chosen
for their weight, strength, durability, electrical or magnetic properties, etc. Their behaviour may
be quite different from that of conventional materials, and in some cases positive advantage may be
taken of this (e.g. "aeroelastic tailoring" wherein the anisotropic stress-strain relationship of
certain materials can be used to make a wing distort in some controlled, favourable manner under
certain loading conditions).

manufacturing and mailtefaloe: the processes involved and the skills required have changed subst-
antially in recent years; the reasons include the use of new materials (as above), and the intro-
duction of computer-driven machining processes. Ease of manufacture and of repair or maintenance
(and thus the associated cost to the customer) can in some cases outweigh almost all other consider-
ations.

active oontrols: the development of onboard computers and "active" controls allows aircraft to fly
with automatic control under conditions where it would be unstable according to conventional philos-
ophies. The relaxation in the conventional stability constraints is of considerable advantage with
respect to other design aspects. It may be expected that the "fly-by-wire" concept will play an
increasingly important role from now on; this in turn means, however, that further attention will
have to be applied to airframe construction materials and their electromagnetic shielding properties,
to avoid adverse effects due to extraneous electromagnetic fields such as those associated with
nuclear explosions.

eleoti'rkgnetic detection: the increased sophistication of ground-based and aerial detection
systems has made conventional aircraft much more susceptible to early detection. Detectability can
be reduced by a choice of suitable construction materials, use of radar-absorbent materials and, to a
lesser extent (except in certain critical details), by a careful choice of aircraft shape. This has
led to a set of new criteria - in addition to those relating to aerodynamic performance - on which
overall and detailed aircraft shapes and construction materials should be based. The improvement in
detection systems has also led to a modified set of possible aerodynamic requirements, including
manoeuvrability, (e.g. for missile avoidance), terrain-following capabilities, air-to-air combat
tactics, etc. Detectability also needs to be considered when the weapon-carriage strategy is being
planned (tip missiles, under-fuselage conformal carriage, etc.).

enina tehoinology: the integration of airframe and propulsion unit is an exceedingly complicated
business and necessarily involves making a number of less-than-optimal compromises. During the
initial design process, attention has to be given not only to the installation of adequate power to
meet all tactical needs, but also to vulnerability, detectability, possible deleterious effects of
hot engine efflu on downstream surfaces (particularly when lightweight materials are involved),
fuel economy, etc. During static engine runs or taxying movements on the ground, as well as at
high angle of attack, the flow into the intake can be subject to swirl induced by vortex effects.
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This can, under certain circumstances, adversely affect the operation of the engine.

Design, for intake/engine compatibility is especially difficult at high O; in addition to the
problems of swirl, there can be serious difficulties associated with flow distortion (with respect to
total head as well as flow speed and direction). Under the most severe conditions, the air in front
of the intake can have a tendency to actually flow away from it, thus preventing the engine from
operating just when thrust is most needed. A limited number of modern military aircraft have variable
intake geometry in order to overcome some of these problems.

It is clear, then, that in the overall design process for a military aircraft, aerodynamic excellence is
by no means the sole criterion. It has to be balanced against a growing list of other criteria, not all of

them consistent with optimal aerodynamic properties. We are in faot dealing with the design of an overall
weapon system, and not merely a highly efficient mnd versatile flying ,mahine. We are certainly dealing
with an optimisation problem subject to a large number of constraints, rather than a straightforward aero-
dynamic optimisation problem.

This is even more true at high angle of attack. Current dogfight tactics occasionally require consistent,
predictable and controllable high-performance aerodynamic characteristics at angles of attack which would have
been inconceivable in earlier generations of aircraft. These manoeuvres are often associated with high-g
turns which lead to very large inertial and aerodynamic forces, producing large distortions of the wing and of
the structures supporting missiles and other stores. These lead to further structural and weight constraints
not present for level flight.

The roles which a military aircraft is required to fulfil themselves evolve as a function of the enemy's
(assumed) capabilities. These requirements are usually decided at multi-national government level, and the
level to which these requirements can be met in practice then depends on the final terms in the equation:
cost and timesaale. There is little point in designing and constructing an aircraft with the maximum
possible aerodynamic performance, if the lead time is so long that the requirement in the meantime becomes

obsolete, or if the non-aerodynamic features are below par, or if the cost is beyond the reach of the
customer. (Unlike television sales, the potential market for military aircraft is strictly limited). If a
rival aircraft is able to meet the requirements adequately, but is available sooner, or is significantly
cheaper, then it stands a good chance of winning the market (though the presence of political bias is a
factor which cannot be ignored!)

Bearing in mind all the above arguments, and the increasingly tight performance requirements stipulated
by customers, it is reasonable to conjecture that the difficulty of the design task increases by about an order
of magnitude with each new aircraft project. It can be likened to the problem of attempting to reach a
temperature of absolute zero. As the ultimate goal is approached, the amount of work needed, and the new
technology required to bring about further improvement, increase indefinitely. Based on the use of only
traditional tools (i.e. wind-tunnels and flight test in the case of aerodynamic design) it would therefore
be impossible to progress much further than the aerodynamic capabilities of current military aircraft, whilst
still observing the need to reduce timescales and costs.

The aerodynamic-design element, however, is by no means the weak link in the overall weapon-system design
chain. In view of all the other constraints, our ability to achieve adequate aerodynamic performance with
the traditional tools is arguably good enough as it stands now, if we disregard the cost and ti esoale
elements.

The primary objective of computational fluid dynamics is thus to achieve a given overall standard of
aerodynamic design more cheaply than can be achieved by traditional methods alone.

If at the same time C.F.D. is able to lead to a better product, then this mast be regarded as a bonus.

Such a bonus will not be won easily: the difficulties of progressively improving the engineering product (the
overall weapon system) are at least matched by the difficulties of developing and applying progressively more
sophisticated C.F.D. programs.

1.4 Theoretical method development for high-n predictions: theory and practice

Like stress analysis, electromegnetic wave theory and quantum mechanics, theoretioil fluid 4,amrcs is
one of the many branches of theoretical physics. It is almost certainly one of the branches with the longest

history of development, with the widest range of subdivisions, and with the greatest technical difficulty.

Theoretical physics generally involves the consideration of some physical process, constructing some
model (usually expressed as a system of differential equations) which closely matches some of the key
features of that process, and then analysing the behaviour of that model in order to attempt to predict the
behaviour of the real process under a given set of conditions.

In som cases the model provides a very close simulation of the real process, diverging perceptibly
from it only under extreme conditions. Examples of this are provided by Newtonian mechanics and by Maxwell's
equations. So successful are these models that they are taught and applied without question, and are even
accepted as being the exact equations governing real-iorld behaviour.

In contrast, most of the models devised to simulate the behaviour of moving fluids are applicable over
only a narrow range, and even than often fail to give a full simulation of all the phenomna of interest. For
example. even though the working ndium is nominally the sam, the models used in meteorology bear little

resemblance to those used in aerodynamics. The physical processes dominating the overall behaviour of the

air in these two cases are very different: gravity and therml effects are the prim movers in meteorology

but play an insignificant part in most flows of aerodynamic interest.

The two fields do share one comon property, however; whilst the models used in the respective fields
generally work well under "normal" conditions, they oe fait oatastrophiaalty wen pressed to psoowoe

pmeitions wheme theM arm mosf needed.
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Non-deterministic factors contrcl "unsettled" weather on a day-to-day basis (at the time this paper

was being written, the U.K. was suffering almost unprecedented and certainly unpredicted freak winter
weather conditions!). As will be discussed in this paper, these factors are matched by equally non-

deterministic factors, but with smaller length- and time-scales, in the off-design flow of air over an air-

craft. In both these cases, the mismatch between model-based prediction and actual behaviour is not wholly

attributable to deficiencies in the model, but also lies in the inability to describe sufficiently accurately

the boundary oonditions which complete the definition of the problem.

At high angle-of-attack, the governing phenomena - vortex interactions- are often unstable and sensitive

trsmall details such as freestreass turbulence, surface roughness, surface vibration. etc. Small changes in

these can cause gross differences in the flow pattern (e.g. vortex switching). In these small details, a
real-life flow is not as repeatable as a carefully-controlled experiment, and consequently a number of the

most important high-n phenonena are in effect non-deterministic. This fact causes problems for prediction

either by theory or by experiment, and for this type of phenomenon gives rise to a "principle of uncertainty"

which at present is not sufficiently acknowledged.

This does not mean that there is no part to be played by C.F.D. for high-n prediction - indeed these
phenomena also demonstrate the inadequacy of the experimental approach used in isolation.

It does emphasise, however, the futility of attempting to construct a "black box" computer program for

C.F.D. predictions in the high-n regime (or any other off-design part of the flight envelope). Any user of a
C.F.D. program for aerodynamic predictions must be aware of the limitations inherent in the mode~s used in
the program. This applies for any C.F.D. program, past, present or future, for all parts of the flight
envelope. It is the opinion of the writer that no single computer program will ever be able to predict,
automatioally and with eufficient act.acy, all the relevant aerodynamic properties of a real military air-
craft. (The fact that a model yields good predictions for flow over a circular cylinder, or some other

simple shape, does not imply that the same model will work equally well for a realistic shape.)

It should be clear, then, that in order to judge the future role of C.F.D. in aircraft design, we need to
estimate the extent to which a user of any such program will be able to anticipate and allow for its defic-
iencies - without knowing the answer in advance. Unfortunately it seems to be the case that as C.F.D. models
evolve towards greater realism, this ability on the part of the user is decreasing in proportion.

Just as with cookery, or any other skill-based activity, an unsophisticated tool in the hands of an
experienced and enlightened user can often produce more acceptable results than the most complex system in the
hands of one with inadequate skills. Unlike in the case of cookery, however, the reason lies not so much in
the decreasing skill level of those involved, as in the immense increase in the complexity not only of the
task, but also of the tool. To understand this requires an appreciation of the computational side of C.F.D.

In the early days of aerodynamic design, the only models with which it was possible to perform any
predictions of any value - in the absence of today's computing capabilities - were of necessity very simple.
They were, moreover, usually phenomenological, often being originated and developed by engineers rather than

mathematicians. Lifting line theory, boundary layer theory and their variants were easy to learn and under-
stand, easy to apply and easy to adapt, and in the majority of cases were adequnte for the problem (i.e.
aircraft shapes and speeds) for which they were used. Equally importantly, their limitations were
immediately apparent; these simple models were eieoted to give only approximate simulations.

As aircraft speeds increased, however, and as the requirement for more precise predictions of more
complicated flows became more pressing, these simple models were found to give either an inadequate simul-
ation of the real physics, or were too difficult for the engineer to adapt manually to the more complicated
geometries in question.

In a number of cases it has been possible to take advantage of the power of computers to automote the
adaptation of a simple model to a more complex geometry, without essentially changing the nature of the model
itself. The well-known vortex lattice method provides a good example here. When applied within its range of
validity (which is in fact wider than often supposed), and when its results are correctly interpreted (which

is by no means always the case) this method is capable of very useful predictions. Such a model, however,

has two independent types of serious limitation, the first physical, the second numerical.

The physical limitations of a model become apparent when the assumptions (adopted deliberately or other-
wise) about the features of the physical process are seriously violated; these features can change with flow

speed, body attitude, scale etc., in a sometimes unpredictable manner. For example, the role played by
viscosity at high angle of attack can be quite different from that at low a. A model such as a vortex

lattice is in such a case incapable of simulating the key physics of the problem wichout modification - no
matter how accurate the numerical calculation itself may be. To model the phenomena in question, it may be
sufficiently accurate to modify the simple model by allowing vorticity to somehow escape from the surface into
the fluid. If this level of approximation is not adequate for the problem in hand, a more complicated model
may be required, taking more account of the actual physics involved; for example, a solution of the Navier-
Stokes equations, based on totally different numerical principles, may be required.

The nm'erioal limitations of a particular model, on the other hand, may be much more difficult to identify

and to rectify. The limitation may be on accuracy; for example, the classical vortex lattice method
cannot give an accurate value for the local velocity or pressure on a body surface; this is an inherent
limitation of the numerical formulation. Alternatively, the limitation may be on atai'it; for example, a
time-evolutionary vortex-lattice type representation of a separated viscous layer (vortex sheet) can diverge
to chaos for purely numerical reasons. For entirely different numerical reasons, certain finite-difference
representations of the spatial derivatives in the partial differential equations describing a flow model can
lead to divergence of the solution when the local flow speed exceeds the local sonic value. (Mathematical
arguments can be put forward to explain this numerical phenomenon).

The above problem, some of which are in no way related to aerodynamics or even to fluid dynamics, have

necessitated the application of the techniques of Numerical Analysis. Computational fluid dynamics is now
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one of the most active fields of research and development in applied numrical analysis.

Some of the meat recent and successful program for the solution of rotational flow over complete air-
craft, for example. are based on the use o the clausical lunge-Kutta algorithm for proceeding through pseudo-
time to attain the required steady state asymptotically. The latest C.F.D. techniques based on "multi-grids"
or on "approximate factorisation" or "o,,eretor splitting" are little more than classical Numerical Analysis
techniques under a different name.

The majority of C.F.D. program reduce to approximating the differential (or integral) equations
describing the model by a large system of linear equations with mny hundreds, often many thousands, of
degrees of freedom. In som cases the associated matrix may be sparse (e.g. tridiagonal) and in many cases
it may be full (e.g. with a panel program). It may or may not be "well-conditioned". It would be imposs-
ible to solve these large systems without the well-established tools of Numerical Analysis, though in msat
cases these tools have to be adapted to the particular requirement.

In addition, whilst some mdern C.F.D. techniques proceed directly from a numerical discretisation of the
differential equations expressing the model, a number of other techniques involve some quite advanced math-
amtical analysis before any discretisation is introduced. Such is the case with the current generation of
boundary integral formulations ('panel methods'), including those adapted for high angle-of-attack simulation.

Another field in which abstract mathematics may be helpful is that of turbulence. Long considered as a
random process, requiring random elements to be introduced into the equations describing the motion, there is
now some evidence that the phenomenon may have a deterministic interpretation. Recent work led by Zeeman at
the University of Warwick, U.K., shows that greater understanding of turbulence may be obtained via the
relatively new mathematical concepts of topology.

Another form of mathematical preconditioning which is often introduced, prior to numerical discretisation,
consists of trazeforgring or mapping the differential equations from the original physical region to a
fictitious domain in which the equations can be more readily handled, at the cost of having to deal with
unfamiliar concepts such as Jacobians and metrics.

All the above processes have the effect of converting the original model of the physical process (with all
its inherent limitations, which the engineer or aerodynamiciat was at least able to recognise) into a highly
abstract, impenetrable form in which the original model and its physical limitations are not only obscured,
but confused with numerous artificial properties belonging to the particular mathematical and numerical
techniques employed to investigate the model. Anyone attempting to interpret the predictions of a particular
model of viscous vortices shed from a surface at high angle-of-attack may first have to contend with concepts
such as the "random walk" (a process used to simulate viscous diffusion within a vortex, its use being based
on numerical convenience and having nothing whatever to do with the physical process being simulated).

A more major problem is presented by the fact that the differential equations expressing a model may, for
given conditions, possess a multiplicity of solutions. Only one of these may be possible physically, the
others corresponding to non-physical circumstances not allowed for in the approximating model. A good example
of this is provided by the possibility of non-physical "expansion shocks" in isentropic models approximating
transonic flow. A variety of artifices have been devised to suppress such violations of the Laws of Thermo-
dynamics. These include artifioial oieoosity (which introduces into the numerical formulation an element of
dissipation which is absent from the basic inviscid model) and such obscure concepts as penaZiaation and
regularisation which were originally motivated by events in totally unrelated branches of engineering and
physics. Again, anyone wishing to familiarise himself with the details of such a mdel, or of a number of
them in order to perform a relative assessment, is obliged to first become familiar with such unfamiliar ideas.

It is an interesting observation that the so-called finite-element method for analysing the behaviour of
continuous media, which was largely developed in the U.K. in the field of stress analysis, was originally
formulated by engineers using intuitive arguments. The method involved familiar engineering concepts which
were readily accessible to any traditionally-trained graduate engineer. A quick glance at current technical
journals reveals, however, just how far this method, in the recent form developed for fluid mechanics, has
moved away from its "classical engineering" roots. It is now a highly abstract and esoteric subject, employ-
ing all the jargon and mysteries of Sobolev spaces, topology, etc. It is by no means readily accessible to a
classically-trained aerodynamicist.

What has happened to the finite element method has happened to a similar extent to moat of the models and
techniques which were originally conceived in the pre-computer era. It would be extremely interesting to see
just how wall the past-masters - Prandtl, Lighthill, Glauert. Lanchester, at &l - would cope with the present
generation of C.F.D. methods!

The above argumnts have been developed at some length to ephasis the fact that although computers have
enabled potentially extremely powerful tools to be placed in the hands of the aerodynaicist, this does not in
fact make his job any easier. To extract the maximm value from these tools, the user certainly needs a much
wider range and greater depth of talents than was the case before these tools became available. In thia
field at least, the introduction of advanced conputers has increased, not decreased, the skill and aoademic
attainment level r'equir, of the engineer.

This is every bit as true with regard to the developer of C.Y.D. program. In addition to the above list
of skills required - advanced fluid mechanics, advanced mathematics, advanced numerical analysis - mut be
added the ability to develop advanced computer program and data-processing facilities (especially interactive
graphics, without which the modern generation of computer program, generating vast amounts of numrical out-
put, is severely limited).

Although opinions vary in this matter, it is the writer's opinion that the programing stage is an
integral part of the overall task. Since algorithm devalopmnt is itself an evolutionary process, it is
virtually impossible to deliver a C.F.D. "program specification" to be programied by sose other specialist
agency. The subject of where, and by whom, C.F.D. program can moat effectively be developed is discussed,
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together with some of the above topics, in Ref. la . The writer's conclusion is that the user-industry
should be the source of such programs.

The important conclusion must be that the future role of C.F.D, especially in high-a aerodynamics where

the key phenomena are so difficult to model, will be governed not so much by developments in computers as by
the ability of the user-industries to develop and retain staff with the requisite levels of skill, both for
method development and application. The practical and logistic difficulties of meeting this requirement are

also discussed in Ref. la .

PART TWO: C.F.D. AS A HIGH-a PREDICTION TOOL

2.1 Methods for conventional flight prediction

Modern C.F.D. techniques based on the use of powerful computers are now relatively well-established as
design tools for the "simple" part of the flight envelope.

Foremost among the methods used is the panel method for subsonic fl .v; analogous programs for (linear-

ised) supersonic flow are now also reaching fruition, though here the model is less representative of real

physics then in the subsonic case, and requires very careful use and interpretation.

Also heavily used are the transonio asmll perturbation (T.S.P.) programs. Again the model (i.e. the
T.S.P. equation) gives only a limited representation of the features of the real flow. There is the added
problem that the aircraft geometry is represented only approximately and this in turn leads to a number of

extra, purely numerical, spurious effects near wing leading edges, and to a severe limitation in the aircraft
configurations which can be treated. The use of this method, however, is bolstered by the fact that exper-
ience has been gained in its use and that its range of application has been widened by the development of
"inverse" versions (calculating the shape for a prescribed pressure distribution, to within the limitations
of the model) and "viscous" versions (coupled with a boundary layer code), Its application will henceforth
be progressively curtailed as more realistic models are developed.

In the short term, programs based on the fulZ potential equation will find more application, partly as a
consequence of their "better" physical modelling and partly due to their ability to treat more realistic
geometries. Their inability to represent rotational flow, however, limits their value in the longer term.

The very recent developments in solutions of the so-called SuZer equations (gefs 2,3 ) are taking C.F.D.
into a new era of realism (both of shock representation and of inviscid rotational flow simulation). The
prospects are particularly exciting in view of the new generation of numerical algorithms which at the same
time are bringing the computational costs down very substantially.

The application of these Euler methods may be expected to become as routine (for the entire speed range)
as that of the panel methods is for subsonico flow. Indeed, the parallel progress in mesh generation programs
is already allowing geometries to be treated which are as complex as those which hitherto have been accessible

only to panel methods. It is conceivable, (but not yet certain) that the Euler programs may shortly supplant

all the above-named methods both on the grounds of physical realism and of economy of computation.

Methods based on even more realistic models of the physics (e.g. the Navier-Stokes equations) are starting
to be used for simple shapes, but as yet are far from being routine tools for complete aircraft calculations.
The use of the above inviscid methods, plus boundary-layer type simulation, is unlikely to be challenged by
swd programs for the foreseeable future, for the "simple" part of the flight envelope.

A discussion of the process whereby the various C.F.D. program are progressively adopted as routine
tools in a practical engineering environment is given in Ref. lb . In addition to the stages of model and

algorithm development, further vital stages in this process consist of nuerioal validation (confirming that
the program actually does give an accurate representation of the model) and of evaluation (performing
systematic comparison with experiment to determine the conditions under which the model succeeds in giving an

acceptably accurate simulation of the real physics ). This process is relatively well advanced for the methods
named above (though the guler and Navier-Stokes codes are still at the numerical validation stage). The

situation is by no means so clearly defined in the high-a regime, however. For these conditions the main
design tools continue to be the simple methods outlined in the following section.

2.2 Simple methods of predicting high-a aerodynamics

The basic models used in the above methods (with the possible exception of the Euler and Navier-Stokes
methods) fail to give a realistic simulation of the features of high-a flow. The extent to which this

failure has been rectified in a number of current schemes will be examined in Section 2.3.

Apart from a number of new methods currently under development, the design process for high-a flight is
still based on the use of simple approximate methods. The final design is validated by wind-tunnel testing,
with appropriate rectification of undesirable properties once these have been detected from the measured

characteristics.

The weaknesses in this procedure, apart from the elements of cost and time, were indicated earlier: the
correct distorted shape of the model for simulating high-n manoeuvres is not known; the vortex phenomena may
be Reynolds-number sensitive and therefore incorrectly simulated in the wind tunnel; it is difficult to

establish the root cause of an undesirable property, purely on the basis of wind-tunnel tests; at high-*.

wind-tunnel interference effects can be particular troublesome.

As was also mentioned earlier, however, the high-n behaviour of a modern fighter is such an important
part of its overall function that at least a limited form of aerodynamic optimisation (subject to all the
constraints detailed in Part 1) has to be attempted, with the tools actually availables before any wind-

tunnel tests of the prototype configuration are performed. These tools are essentially two-fold:
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empirically-based approximation and the experience of the designer.

In the case of "classical" aircraft shapes, (and 'basic trainer" aircraft usually fall into this
category), the high-o flight characteristics are dominated by two types of phenomena: body vortex flows
(which may be symmtric or asymmetric), and conventional 'wing stall', frequently of the trailing-edge
separation type. The primary aim of the design process for high a will be to attempt to ensure that these
vortex effects do not lead to a potentially catastrophic situation; there is generally no need to ascertain
precise details of such a flow should one arise, except in the case of a basic trainer. Usually it is the
aim here to achieve a design whereby the pilot is warned of the approach to such a situation, e.g. stall or
deep stall, by progressive growth of an associated phenomenon (e.g. buffet). In the case of a basic trainer
it is usually also essential to design for regular spin characteristics and easy recovery. For this to be
possible it is vital that these two types of vortex flow do not cause the aerodynamic control surfaces to
become ineffective, or to possess unpredictable or discontinuous characteristics. The latter property can
arise, for example, if during some manoeuvre a vortex (e.g. from the aircraft nose) undergoes a progressive
change in position, until it switches from one side of a control surface (e.g. a fin) to its other side. To
predict this will require some knowledge of the behaviour of such vortices, This itself requires that, as far
as possible, these vortex properties be repeatable, which in turn points towards designing fuselage shapes
which favour ymnetric vortex shedding. To some extent this can be achieved (subject to other constraints
such as the influence of shape on supersonic drag) by judicious choice of nose shape. Where this is impract-
ical, other devices such as strakes on the front fuselage surface may be considered.

Initial design for good spinning characteristics is traditionally accomplished by selecting a configur-
ation layout which previous experience has shown to be favourable. Spin tunnel and analytical (transient
response calculation) methods are subsequently employed to assess the acceptability of the initial design;
if necessary, modifications may then be introduced and further tests conducted. For use in the above
transient response calculations, the motion in a spin is derived by integrating the equations of motion on
the basis of aerodynamic data estimated by using a combination of, say, static wind tunnel test data with
rotary derivatives calculated by strip theory. This approach requires a knowledge of the wing's sectional
aerodynamic characteristics (essentially C and C as a function of local incidence for the two-dimensional
section, with some allowance for 3-D effecis). Rese will be available from datasheets, or from previous
experience with the appropriate wing sections. Such approaches generally ignore the interference between
the various components. An extreme example of this is provided by the practice, frequently used during
approximate initial studies, whereby characteristics of two simple wings with different taper ratios may be
combined, via strip theory, to give an approximate model of a stroked or cropped double-delta wing.

For unconventional layouts, for example those involving canards, wing strakes, twin fins, etc., the
above approach can only be used with extreme caution. In such cases the interference between different
components can be large, and a much more sophisticated procedure than the above is desirable. It is of
little comfort to the designer to find that a spin prevention system through the F.C.S. (flight control
system) is required for a new aircraft with unconventional layout. This in itself is difficult, but
additionally some knowledge of spin characteristics and associated recovery procedures are still required
for test flying as a guarantee against system failure. Thus with maximum incidences, where 350

. 
say, is often

regarded as conservative, the demands on design engineers, C.F.D. method developers and wind-tunnel engineers
are obviously very high.

For all types of modern combat configuration, improvements in weapon agility and lethality mean that
there is no escape from close air combat once it has been engaged. This places heavy emphasis on manoeuvrab-
ility, particularly on sustained (thrust limited) and attained (lift limited) turn rates. There is also some
additional benefit due to 'pointability' beyond maximum lift to allow snap-shot firing opportunities. This
emphasis on performance at high incidence involves design for controllable flight in conditions of extensive
separated flow. In past and present generations of combat aircraft, flight in such conditions has been
limited by "cliff edge" phenomena such as stall, spin, pitch up and other form of uncontrollable behaviour.
For the next generation of combat aeroplanes we are aiming to design for arefree m2wnoeaing. This means
augmenting natural stability with active controls and moderating the pilot's ability to generate manoeuvres
which would cause departure. In effect we intend to erect a safety barrier in place of the cliff edge.

Design for carefree manoeuvring, as well as requiring adequate margins of control power up to and beyond the
stall, involves modelling aircraft behaviour under conditions of extensive separated flow to enable F.C.S.
design to be undertaken with confidence. The tools available to the aerodynamicist are conventional static
wind tunnel tests and free-flight tests in the vertical wind tunnel and with helicopter-drup models. Added
to this we at Ae Warton, foreseeing the need for such data, have developed rotary rigs for measurement of
aerodynamic coefficients in coning motions at high incidence, both at low speed and at transonic speeds.

However, these tests suffer from the inherent limitations associated with wind tunnel testing tech-
niques, i.e. doubts about Reynolds number effects, the correct geometric representation etc. This rein-
forces the need for development of C.F.D. methods. A limited number of separated-flow predictions are
already possible with the current generation of C.F.D. methods, as indicated in the next section.

2.3 Current computer-based high-n prediction methods

In Part 3 a number of recent concepts and developments will be described. Even now, some of these can
be, and are, used (with caution) to give useful indications for practical aircraft problem. However, they
are generally not yet sufficiently well developed or evaluated to allow their routine use in an industrial
environment.

The programs which are currently used in an attempt to predict bigh-a flows are mostly semi-automated
extensions of simple models, and are strictly limited in their range of application. This section will give
an outline of sow modifications to a panel program which have extended its applicability to certain high-a
problems.

!w
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2.3.1 The basic conceptof__p1rel prarm

The mathematical basis of the "boundary integral" or "panel" method is described in detail in Refs. [42,
[5) and [6]. The method consists of calculating "singularity" strengths on panels representing the aircraft
surface, such that the prescribed conditionas of the problem are satisfied. The surface velocities and
pressures, and thus the loading, then follow immediately. These singularity distributions usually comprise
simple source or vorticity distributions on each panel. The model is applicable to very complicated
geometries such as that in Fis. 1 . For such a geometry it is possible by this method to obtain accurate
solutions of the Prandtl-Glauert equation, which is a linearised approximation of the exact equations
governing inviscid, irrotational, compressible flow. For zero Mach number, it degenerates to Laplace's
equation, and this is applicable both for steady and unsteady flows.

Rotational flow is supported to the extent that vortex separations from the aircraft surface are allowed
by inserting into the flow field sheets of vorticity issuing from the separation lines. (A zero thickness
aheet is exactly representative of a shear layer in the limit of infinite Reynolds number).

When this separation line is a sharp edge, the so-called Kutta condition states that the flow must
physically leave such an edge smoothly, i.e. that the velocity must be everywhere finite. It is then possible
to automate the calculation process, the strength of the separated vorticity distribution being controlled by
the Kutta condition.

M Most such programs deal automatically with lifting aircraft by extending the definition of the wetted
surface (on which boundary conditions are required to complete the definition of the problem) to include the
wake surfaces described by the vortex sheets leaving sharp trailing edges of wings. The need to prescribe
boundary conditions over this entire wake surface is removed if the unknown wake geometry is approximated by
some simple, fixed surface proceeding downstream from the trailing edge.

The boundary conditions applied on the aircraft surface usually state that the normal component of the
velocity is zero at the centre of each panel, i.e. that the surface is solid and stationary. However, it is
straightforward to specify a non-zero normal velocity; this allows either a permeable boundary or a moving
solid boundary to be treated. The permeable-boundary option allows finite intake-flow velocities to be
simulated, or boundary-layer effects to be modelled economically. The moving-boundary option allows unsteady
flow problems, including rolling and coning motions, to be treated. In turn this allows the associated aero-
dynamic derivatives to be computed automatically. This will be discussed further in Section 2.3.3.

The flow field in which the aircraft is situated may simply comprise a uniform stream, or it may in part
be generated by independent sources and vortices embedded in the fluid. In a coupled iterative scheme, these
can be progressively updated in strength and position to satisfy some required condition. This can be used
to model a variety of phenomena associated with, for example, high-n aerodynamics. Some current capabilities
will be indicated later.

The mathematical and numerical analysis involved in modern formulations of the panel method is as
difficult as in any other branch of C.F.D., and not easily accessible to the user-engineer. However, the
fundamental "singularities" employed (and this is especially true of vortex lines and sheets) have a direct
physical relevance which is apparent and natural to any aerodynamicist. This certainly aids the engineer
to manipulate the programs, and to interpret their output (particularly when this has been post-processed to
give graphical presentations). This intuitive "feel" is absent with most other current methods, and to a
considerable extent makes panel programs one of the "safer" typesof program to use; the experienced user
can usually detect erroneous computations quite readily. Indeed it can be argued that the panel program is
the vehicle which brings up to date the "classical" ideas of lifting-line theory - probably the most
important single model for pre-computer aerodynamic predictions. This point will be reinforced in Section
2.3.2.

It should first be emphasised, though, that in comon with all other inviscid models, and with models
using a simple boundary-layer simulation of viscous effects, panel program exhibit deficiencies in regions
where viscous effects are significant, even at low a. These include:

s'ing t aiing edges: for attached flow the effect of viscosity, on most of a simple wing, is
generally small as far as the lift is concerned. The boundary-layer displacement effect is
comparable to the effect of a small change in thickness and camber, except at the trailing edge.
The biggest contribution to the viscous lift loss is attributable to the change in circulation
associated with local vorticity-induced effects at the trailing edge. If this local effect is
not properly modelled, then it is futile attempting to have an accurate simulation of displacement
effects over the rest of the wing. This is true even if the concept of displacement thickness
remains valid near the trailing edge - in practice the classical boundary layer assumptions become
very dubious in this region.

wing tips: the viscous flow near a wing tip, even at low a, is by no means as simple as the models
usually adopted. The flow does not leave the trailing-edge in a thin shear layer near the tip,
neither does the fluid inside the viscous region flow in simple fashion round the tip from lower
surface to upper surface. Rather. there is a diffuse region of vorticity enveloping the tip region,
which can actually cause the local flow, on the wing upper surface near the trailing edge at the
tip, to be orientated towards the tip, (see Ref.EJ ). This flow, and the associated tip
pressures. cannot be tepresented by simple boundary layer models, and certainly not by a potential
flow model. Without some form of correction, the aerodynamic parameters sensitive to tip
modelling (such as rolling moment) will be inaccurately predicted.

J otio 5s: the wing root represents a region where the relatively simple boundary layers of the wing
surface and the fuselage combine to form complex secondary flows involving pairs of contra-rotating

vortices. Such vortices lie in both the upper-surface and lover-surface junctions, and downstream
of the trailing edge of the wing they continue along the length of the fuselage. The overall
system is somet

4
ouss called a "scarf vortex syste."

'
. It gives rise to a discontinuity in the spenvise

4-n-
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distribution of circulation,at the wing root, of unknown magnitude. This, combined with the complex
viscous flow at the downstream end of the fuselage, means that the circulation distribution across
the fuselage is not known. It is usually modelled as being a uniform continuation of the
circulation at the wing root. Although this is a totally arbitrary choice, there is absolutely
no way of deriving a more general model, at present, without resorting to empiricism.

Similar modelling difficulties exist in connection with junctions between pylons and wings.
Concentrated vortices of unknown strength can continue in the wake downstream of such a junction.

These uncertainties relating to the model of circulation distribution continue as Reynolds number
is increased (the vortices simply becoming more concentrated) and presumably remain in the limit of
infinite Reynolds number - which is taken to be a potential flow. The usual theorems of uniqueness
of solutions do not apply for potential flows containing such discontinuities. Simple boundary layer
theory can offer no assistance in determining these unknown features.

Afterboy separation: even with isolated bodies of revolution, simple potential-flow-plus-boundary
layer modelling is incapable of modelling the separated flow which inevitably occurs at the downstream
end of a body. Such methods are thus incapable of predicting overall forces, i.e. lift, moment and
pressure drag.

The above list of deficiencies becomes considerably longer and more serious when high-u flows are considered.

2.3.2 Wake and vortex relaxation

As stated in the previous section, it is standard practice in a panel program to approximate the unknown
wake surface by some fixed surface, with no boundary conditions applied on that surface, except perhaps at the
trailing edge. The resulting flow will be such that the vorticity distribution on this wake surface will
sustain a pressure difference inconsistent with physical flow.

Now, in the case of an isolated wing at moderate incidence, the pressure distribution computed on the
wing will be relatively insensitive to the location of the fixed surface chosen to approximate the wake
position. If this wake passes close by another surface downstream, however, the flow induced at that
surface will not be insensitive to the position selected for the wake. This can lead to inaccurate prediction
of the loads on close-coupled lifting surfaces such as canard/wing configurations, or to inaccurate simulation
of wind-tunnel interference effects if a wind-tunnel geometry is also included in the theoretical calculation.

In such cases, it is therefore highly desirable to place the vortex sheet in a position representative
of the physical wake location. Since this is not known in advance, it must be relocated iterately until
appropriate conditions on the sheet are satisfied. In the limit of infinite Reynolds number, the correct
conditions are that at each point of the shear layer there be no pressure difference across the wake, and
that the wake surface be a stream surface. It is easy to show that for zero Mach number both these
conditions are satisfied simultaneously if the vorticity vector in the shear layer is aligned with the mean
of the two velocity vectors on the two sides of the sheet (see Ref. [ 8)).

One simple means of approximating the above condition consists of representing the distributed vortex
sheet as a set of discrete line vortices of constant strength along the streamwise length of the wake, and
representing each semi-infinite line as a finite chain of straight line segments of constant strength. The
relaxation process then consists of iteratively adjusting the end-points of each segment until every segment
is aligned with the velocity computed at its midpoint, In this computation, the velocity induced by each
segment at its own midpoint is reckoned to be zero. This is the correct limit for the self-induced velocity
at the centre of a cylindral segment with circular cross-section, carrying uniform volume vorticity parallel
to the axis of the cylinder, as the radius of the cylinder decreases to zero. (It is also the correct limit
for the self-induced velocity of a square surface patch of vorticity, of which the line segment represents a
far-field approximation).

This type of calculation has a tendency to become chaotic for numerical reasons. It can be stabilised by
a number of methods. In the program described in Ref. [8 ) this is achieved by:

the order of aegment relartion: all the segments at one station in a row across the wake are relaxed
simultaneously. All downstream segments of each line are then given the same vector shift as the
downstream node on the just-relaxed segment in that line. All segments in the next streamwise
station are then relaxed simultaneously, in accordance with the velocities induced at their midpoints
by all the segments in the wake in their most recently shifted position (plus the freestream velocity.
plus the velocity induced by the current aircraft singularities). After each sweep of the wake,
the aircraft singularities are recomputed. The entire process is repeated until convergence is
attained (generally three or four sweeps).

core tzgation: when the most outboard vortex strip has undergone a twist (about the streasaise
direction) of more than three-quarters of a complete revolution, the remaining downstream segments of
the two line vortices forming that strip are amalgamated into a single line vortex at their centroid
of vorticity.

spiral aooeleration: when a vortex is close to a surface there is a tendency for each node on that
line to converge to its final position along a spiral trajectory. The process can optionally be
accelerated by computing the form of the spiral on the basis of three consecutive positions of the
node, and then putting the node at the centre of that spiral.

Velooity coputation: the velocity field induced by the wake in its relaxed position is computed by
converting the line vortex approximation to a higher-order approximation (piecevise-constant surface
vorticity). In particular, this has the effect of restoring the finite tangential velocity jump
across the wake.



This algorithm has been found to be particularly stable and accurate. An example of comparison with
experiment is given in Fig. 2. An example of its application to a complex configuration performed recently
at B.Ae Warton is shown in Fig. 3. The problem here involved estimating the wind-tunnel constraint effect
on the loading on a wing-body canard configuration. The picture shows the computed wakes from the canard
and wing at & - 7' with a canard setting of 100, inside the wind tunnel. The figure demonstrates the effect
on the wing loading due to the presence of the canard wake, and secondly shows the effect of wind-tunnel
constraint effects on the computed canard and wing loading distributions for the complete configuration.
The other highly peaky, curve shows the wing loading in the presence of an wsrelaxed canard wake continued
linearly from the canard trailing edge, parallel to the freestream direction (i.e. with the canard wake
in a plausible but "wrong" position). Now the wind-tunnel walls modify the canard wake position, and therefore
modify the wing loading over-and-above the constraint effect associated with a simple wing body. In addition
to this the canard lift and trailing-vortex strength are modified by the tunnel. The combination of these
effects demonstrates the difficulty of estimating the effect of tunnel constraints on the loading of both the
wing and the canard, and in particular on the pitching moment.

The process described above for relaxing each line in the model of the wake is of course equally applic-
able to a single line vortex. Such a vortex forms a plausible model of a diffuse vortical structure separating
from a slender body (e.g. a front fuselage), or of the rolled-up core of a wing wake.

Fg4shows the result of the relaxation of a canard wake over a lifting wi;.g. In the case presented
here the wing incidence is 60, with a canard setting of 0

O 
relative to the wing. An example of core amalgam-

a~ion (see earlier) is clearly visible.

Fi.5shows a simple line vortex model adopted to represent the canard and its wake. In the calculation

shown here the bound vortex is in two fixed ("rigid") segments; the first is along the wing quarter chord to
about I semispan (this figure is not critical); the second segment then proceeds chordwise, terminating at
the canard trailing edge. The remainder of the trailing line vortex could either be held rigid or allowed to
relax. The strength of the vortex was estimated by a very simple calculation using the value of the maximum
circulation on the canard obtained from a wing-body-canard calculation with fixed wake.

The figure shows a side view of the relaxed and rigid shapes of the vortex. The pressure profiles
plotted for the inboard part of the wing show the different results obtained for wing-alone, wing with fixed
canard vortex, and wing with relaxed canard vortex. The differences are substantial on the inboard part of
the wing. The corresponding results for a full canard with relaxed wake are not plotted, but are virtually
indistinguishable from those shown for the relaxed vortex representation. Fi&. 6 shows the inboard
portion of the spanwise loading distribution on the wing. The spurious results given by the rigid vortex
and by a calculation using a ful? canard with a rigid wake, are clearly visible.

The conclusion is that, even for close-coupled calculations of this kind, a line vortex simulation of a
canard wake is adequate as far as the wing flow field is concerned. Whether such a line representation or a
full wake is used, however, relaxation is essential. In the case of a line vortex simulation, an estimate of
the vortex strength has to be made, and this weakness has to be balanced against the advantage of a saving in
computation time. It can thus be seen that, as indicated in Section 2.3.1, the panel program with vortex
relaxation represents a very natural but very powerful extension of the classical lifting line model. Unlike
most other modern C.F.D. methods, such programs have an intuitive "feel" in the hands of an experienced
aerodynamicist.

Thus the relaxation of trailing-edge wakes or of simple line vortices is now a relatively routine matter.
The same is not true of wakes issuing from sharp leading edges or from smooth surfaces, where the coupling
between the relaxing vortices and the generating surface is much stronger. A considerable amount of effort
is currently being directed towards these problems, and an outline of some of this work will be given in Part
3.

2. 3.3 Un!steadyflow-aodREiction!ofaronmic derivatives

There are numerous flows of interest to the aerodynamicist in which the aircraft is not in uniform
motion relative to the ground, but where the flow is steady (though apparently rotational) when viewed in
aircraft axes. Examples are provided by

Rolling motion about the direction of flight; the general case of this corresponds to coning motion,

the degenerate case being simple rolling motion. This last case includes the case of a propellor or
windmill with axis parallel to the airflow direction, if asymmetric body effects are ignored.

Steady spins.

Motions of this kind are often of interest in their own right; they also constitute basic motions
fundamental to the definitions of some of the so-called aerodynamic rate derivatives (which are based on
portial derivatives of the aerodynamic forces and moments with respect to angular velocities about each of
the three reference x, y, z axes). Rigid-body motions of this kind can always be instantaneously expressed
as a linear zombinacion of the three basic translations along the x, y and z axes and the three basic rates
of rotation p, q, r about these axes. In the case of inviscid (steady or unsteady) flow at zero Mach number.
the governing equation for the velocity potential is Laplace's equation, expressed in ground axes. If an
instantaneous solution of the equation (i.e. the ground-based velocity field) is determined for each of the
above 6 basic motions, then the instantaneous velocity field for any linear sum of these motions is the corres-
ponding linear sum of these basic solutions. In the case of a lifting aircraft this statement is restricted
to flow combinations for which the circulation does not vary with respect to time, otherwise wake-history
effects must also be considered.

The solution (i.e. the perturbation velocity in either ground or aircraft axes) for each component
motion is obtained, as outlined in Section 2.3.1, by requiring the ground-based velocity component of the fluid
in the direction normal to the local surface to be instantaneously equal to the known normal component of the
ground-based velocity of the physical surface at that point. In each case this is obtained simply by
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adding an extra "right-hand side" to the matrix equation system to be solved.

At any point on the aircraft surface or in the external air, the resultant velocity is then obtained as
the sum of the unperturbed freestream velocity and the perturbation velocity due to the instantaneous sing-
ularity distribution on the aircraft and its wake.

If a wake relaxation is being performed - whether this be trailing edge or leading edge or body vortex -
then the relaxation is valid only for that single (steady) motion. The relaxed solution for that motion cannot
then be obtained by superposition of relaxed basic solutions but must be calculated iteratively as before,
using a single definition of the body motion. The boundary condition to be satisfied on the wake (with the
flow steady in aircraft axes, again) is the direct analogue of that in the standard case of Section 2.3.2 -
the vorticity vector must be parallel to the local mean velocity (mean of the velocities on the two sides of
the sheet) defined in the (moving) aircraft frame.

It is worth noting that once the relaxed wake position has been determined for a particular composite
motion, then that wake position can be regarded as fixed and used in the same way as a "rigid" approximation
of a trailing-edge wake is normally used (see Section 2.3.1). Solutions could then be otained for different
aircraft motions, using this rigid wake. This wake would of course not satisfy the physical conditions for
these other motions. However, the motions for which such rigid-wake solutions are derived could be the basic
components (translations and rotations with respect to x, y, z) of the composite motion in question (i.e. for
which the wake relaxation was performed. The appropriate linear sum of these component rigid-wake solutions
would then satisfy the relaxed-wake conditions. Advantage will be taken of this fact later, in the definition
of a method of approximating the aerodynamic derivatives for flows involving separation.

The computation of the velocity field is thus straightforward for flows which are steady relative to the
aircraft. (In some cases the argument can be extended to compressible flow, but extra care is then needed).
Once the velocity field has been determined, in the compressible or incompressible case, it then remains to
determine the pressure field and hence the loading on the aircraft. A simple method developed recently at
B.Ae. Warton, for obtaining the pressure from the velocity by using the unsteady compressible form of Bern-
oulli's equation, will be described below. This is particularly simple to implement in the case of a panel
program, but the idea is equally applicable to other types of potential flow computation. In the case of a
panel program, it has the further advantage of allowing the aerodynamic derivatives to be obtained automatic-
ally.

For inviscid flow the quantity

at f 0

is constant along a streamline, with U - local flow speed, 0 - velocity potential (see below), p - local
pressure, o - local density. If we use the isentropic relation (p/y - constant) in this expression, then use
the equation of state (p/P - RT), noting that a

2 
- YRT (with a - speed of sound) it then follows that

(u2  2-- 1 a 2

is constant along any fluid-particle trajectory, If we now say that the flow is steady in ground axes at
infinity, then a. - 0 at infinity. It then follows that we can write

t

(1) T-, 1 - U - - 2a - F, say,

where 0 is now the pertuabation potential, since the unperturbed freestream potential is independent of
time. Thus

(2) U = U = u

where the gradient operator V and the aircraft-singularity-induced perturbation velocity u may be derived
with respect to the aircraft, but are expressed with respect to the reference (ground) system.

Now we can obtain an expression for the pressure coefficient C based on some reference speed UREF,
as follows:

SI 2[(T/T.)_
T  

- 11

i.e., using (I)

(3) C 2 [ - 11 withP YMREF

(4) F I 1 + 2 C and MF = U EFa
-%Fj P1 REF F

where C is an "incompressible" pressure coefficient defined in the traditional manner as
p1

C p 2 - U 2 - 2 3 -,.

(5) U a ItREF
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Note that UREF is left arbitrary; this allows us to include the case with U - 0, as would occur
in the case of a non-translating propellor or helicopter. The definition used in the B.AE Warton panel
program is that REF is the amplitude of the vector U.- V where V is the translational velocity of the

aircraft origin (see later); if this vector has zero amplitude, Ehen a user-defined value, or the value

unity, is used.

It can thus be seen that the unsteady case is equivalent to the steady case with U
2 

replaced by
. - 2 ;/ t. We therefore need to calculate the time-derivative i/Ot of the perturbation at each
point P in the field. However, to achieve this it is not necessary to use a time-stepping process.
For each point P, this instantaneous time-derivative can be determined directly, by considering what happens
at P when viewed in the two frames of reference relative to the ground and relative to the aircraft.

Now the point P (which in the ground system is a fixed point at which the perturbation potential, the

perturbation velocity and the static pressure iv'e in time) coincides instantaneously with a point S (which
in the aircraft axis system is a fixed point at which, for the flows considered, the total potential, the
total velocity and the static pressure are indpendent of time). After an infinitesimal interval of time dt,
the point P coincides instantaneously with a new point S'. again considered fixed in the aircraft frame. The

difference between the perturbation potentials ($,' - OS), evaluated in the aircraft system, represents the
change in total potential at the fixed point P over the time interval dt.

Now the vector displacement S' is clearly equal to V dt (with V equal to the velocity of the point S
relative to the ground). It therefore follows immediately that the difference in perturbation potential
between S' and S is equal to the scalar product -VI • V dt. Thus the time derivative of the perturbation
potential (and therefore of the total potential) at theSfixed point P in the ground-based system is given by:

(6) t - : . s  * -u •

where u is the perturbation velocity at P due to the singularity distribution representing the aircraft and
its wakes; this velocity is computed automatically by the panel program for the motion in question.

We may now use this relation to obtain an expression for the pressure at P. Inserting (b) into (5) we
obtain

C U 2- U2 -2 • u
CpI UREF

which can be rearranged as

pI U'F

or

62 - 2
() Cp - F with U® =-i,- s U = U - Vs

where U is an equivalent "unperturbed" freestream velocity at P, relative to the moving point S, and U is the
total (perturbed) Local air velocity at F, relative to S. With this new definition of a local relative free-

stream velocity (which varies from point to point) we thus have a definition of unsteady compressible C which
is totally analogous in form to the steady-state definition. The value of C is obtained by inserting t7)
into (3) via (4). P

Suppose that the aircraft is executing a six-degree-of-freedom motion such that the aircraft origin C is
translating at V and the aircraft has a vector rotational speed Q about C. Then any point S (fixed in the
aircraft reference frame but not necessarily on its surface) has a velocity V, relative to the ground, given
by

(8) V = V +V with Vf" . 4 x r
s c UI

where r is the vector from C to S.

As indicated earlier. V and 77 can be decomposed into linear sums of basic motions uc, v , w , p, q, r
with respect to the reference x, y. z axes. Solutions obtained for each of these motions cancthen be supez-
posed to give the solution for any composite motion. In addition to the advantage that this approach allows
any number of composite motions to be analysed on the basis of six basic motions, it also forms the basis of

the following method for calculating stability derivatives.

Aerodynni erivati ves:

The contributions to the vector force and moment due tc aerodynamic Pressures acting on a sub-component
J of a complete aircraft, for some arbitrary flight condition, may be written as P3 and T These have
components (Xl, Y, ZJ) and (Li, Mi, N3 ) relative to a fixed set of axes (x, y, z).

Within the usual level of approximation used in a panel program, the vector force F, acting on panel
number I (measured relative to the ambient state in which the unperturbed, uniform, static pressure is p_)
may be written as

FI -p p) fil A,

where A, fI and p1 are the area, unit exterior normal and static pressure at the centroid of panel I.

The corresponding contribution T to the vector moment about the origin may be written as rI x FI, or
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TI " -(P -AP)(

where rI is the position vector of the centroid of panel I.

We can therefore weite the components XI, Y1 ' ZI of FI and the components Li, Mi, NI of 1 in the single
generalised form

CI (p, - p) BCI

where, for example, when C, corresponds to MI , we have

BC, - -( I i)
'j 

AI

with j the unit vector in the y direction.

Summing over all the panels I in the sub-component J we thus have the generalised form for the quantity Cj
(i.e. the contribution from region J to the overall aerodynamic force or moment component):

(9) Cj C, " (Pt- p,) BC1

Now the quantity C. will vary with respect to the motion of the aircraft. We shall consider here its
rate of change w.r.t. each of the six degrees of freedom U R' V R WR, p, q, r. The first three of these
quantities are the x, y, z components of the relative translational unperturbed velocity UR defined by

(10) U.R " Vc

(as discussed earlier, U and V are respectively the undisturbed freestream velocity and the translational
velocity of the aircraft origin C, relative to a fixed frame of reference). The quantities p, q. r are the
rates of rotation of the aircraft about C, measured relative to the fixed frame.

We can write the six quantities UR ; V, W, P, q, r in the single generalised form s. To evaluate the
gencralised derivative 3Cj/Is (which has 39 different possible forms) we therefore need to differentiate (9)
with respect to s, giving

(11) LC, . I(p - p) BCas as(z- ® c

Now from (3) and (7) we can write

(12) P1 - P " p-j(l ;4C)#T _ I) with

(13) G - (U -V)
2 

- (U + - )2

Also, we have

(14) s (P - P) " -G (PI P.) 2s

But by differentiating (12) we obtain (see (4)):

(15) I(PT -
p
-) . -° . , I

Also, combining (8) and (10). (13) can be written,

G - (._-V )
2
-_ -R-

which after differentiating with respect to a and rearranging, using (7), (8) and (10), gives

aG u - aU
_ (- -2( 2 + u - (--A.I)

Inserting this and (15) into (14) and then into (11) gives

(16) 2as - j 0--s-- -V. y', C

with, as before, U - UR - VO U.

In writing (16), use has been made of the fact that u/ s is simply the local perturbation velocity ind-
uced by the surface singularities, for unit value of the parmter a; this is denoted by u (remembering

that a is one of UR, V , WR, p. q, r). Also the value of R is simply the unit vector fn the direction

!T
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of x, y or z when a is respectively UR,. VR or WR, and equal to zero otherwise. Similarly, IV ./as is
simply minus the local rigid-body velocity vector associated with unit value of s when s is equal to unit
value of p, q or r, and equal to zero otherwise. Since only one of the six parameters will be varied in any
one derivative, the above vector is denoted by the single vector VSs.

Equation (16) after appropriate non-dimensionalisation, expresses the contribution from region J to all
of the above-named aerodynamic derivatives, for any required flight condition.

It should be noted that this approximation ignores the contribution due to changes in the wake
geometries which would in practice occur if any of the six degrees of freedom were varied. Furthermore those
derivatives which are sensitive to, say, tip effects, will be relatively less accurate than the others. It
may be possible to establish correct procedures to allow for such deficiencies of the potential flow model.

Examples of the predictions of the method for a very simple wing-body and for a wing (both with attached
flow) are given in Fig. 7. The good level of agreement with the traditional datasheet predictions indicates
that the method may be of value for more complex shapes for which a datasheet method is not strictly applic-
aoie. At the present tipe, the method has not been proved for high-a flows involving separations.

2.'. Body vortex flows, symmetric and asymmetric

At the present time, the mainstream tools used for predictions of body-vortex effects are primarily
of the empirical type; these will not be discussed here. However, a simple theoretical method developed
at B.Ae Warton can also be used, with care, to give some useful indications for simple body shapes such as
missiles. More importantly, perhaps, this method forms the basis of a much more powerful tool (the "hybrid
method") which is under development for application to complex aircraft shapes and is capable of producing
nominally-exact numerical 3-D solutions (i.e. for the assumed model of the vortex system used within the
program). This method will be outlined in Section 2.5.

The underlying simple theoretical model is based on the use of slender body theory and is described in
detail in Ref. 8. In this model a 2-D panel program is used to calculate the cross-flow at each x (i.e.
longitudinal) station. At each x station the panel program uses a fixed source distribution on the body
contour to simulate locally the cross-flow (y,z) velocity perturbation due to the coupling between the axial
freestream component Ux and the longitudinal rate of change of the body's polar radius (i.e. there is a 0w
non-zero external normal velocity). The program then calculates the 2-D surface vorticity distribution
required to maintain the above external normal velocity in the presence of the freestream cross-flow component
and of any separated vortices at that station.

For the calculation of the velocity induced at the surface, the separated vortices are modelled locally
as 2-D line vortices, connected to the body surface by a feeding sheet which is postulated to carry only
vorticity in the cross-flow plane. This sheet, within the local 2-D approximation, induces no (y, z)
velocity in the crossflow plane. There is thus no jump in the (y, z) velocity components across this sheet,
but the implied jump in x velocity gives rise to a pressure jump across the sheet.

There is also a force on each separated vortex if this (in a quasi-3-D sense) is not locally aligned
with the resultant flow. If the 3-D vortex is defined by the line joining the vortex points in successive
cross-flow planes, this line will generally not intersect a cross-flow plane perpendicularly. The 3-D line
vortex will thus possess a component in each cross-flow plane. This will couple with the longitudinal
(freestream) velocity component to produce a force within the cross-flow plane. Similarly the iongitudinal
(i.e. the 2-D) vortex component will couple with the resultant cross-flow velocity component to produce a
further force within the cross-flow plane.

The program calculates the trajectory of the vortex by satisfying the condition that in each cross-flow
plane the vortex position is such that the total force on the vortex-plus-cut system is equal to zero. The
local inclination of the vortex, as mentioned above, is estimated on the basis of its locations in the current
and the previous cross-flow plane. There is thus an element of downstream bias built in to the method.

The vortex strength in each cross-flow plane is obtained from the extra condition that the separation
point (i.e. the foot of the cut carrying the vorticity from the surface to the vortex) is postulated to be a
stagnation point for the surface cross-flow velocity component in each plane. This condition is formulated
along with the equations for the surface vorticity densities on the body in that cross-flow plane.

The "correct" positions of the separation points in each cross-flow plane are not known, unfortunately.
and these have to be chosen empirically. The sensitivity of the flow to this separation line is illustrated
in F This figure shows the longitudinal variation of the nonlinear (vortex-induced) normal force on
a simple ogive-cylinder body at a - 15 and H - 0.3. (For attached flow the normal force would quickly reach
a level of zero on the cglindricel region of the body). Results are shown for two different separation
assumptions: 46 and 54 respectively from the horizontal diameter. It can be seen that the change in 6
normal folce is comparable to that observed experimentally when the Reynolds number changes from 0.44 x 10
to 3 x 10 . Further details are given in Ref. 8.

In these calculations, both the separation line and the positions of the separated vortices were forced
to be symetric. However, some mere recent work at B.Ae Warton, with the same program, has demonstrated an
interesting feature: such a method is capable of calculating asymmetric vortex trajectories, eve'On ':l
s~ynetrio sepaation lines. The physaa relevance of these calculations is not yet fully understood;
however, there is little doubt that, within the inherent approximations of the model used, the program
succeeds in calculating solutions which satisfy all the etipulated conditions of the problem.

There are two questions to be resolved here. The first question is whether the asysmetry is possible
* only within the 2-D cross-flow assumption. The writer's present guess is thot the phenomenon will persist

when a more realistic (but still, of course, approximate) 3-D model is used; work in hand at B.Ae Warton
will investigate this question using the "hybrid" concept outlined in Section 2.5. Recent unpublished work
at RAE rarnborough by Fiddes has indicated similar possibilities under the assumptions of inviscid conical

-,4s ,,



flow theory.

The second question is connected with the fact that the inviscid approach o'tlined here in fact gives
rise to an infinite number of different possible asymetric states. The solutions calculated are actually
only particular samples selected, quasi-randomly, by the numerical process used to solve the equations. It
may well be the case that in a physical flow such a range of possible states can exist in principle;
more probably, other constraints absent from the present theoretical model may favour only a restricted
number of such states in the physical viscous flow. Certainly, as discussed elsewhere in this Lecture
Series, the possibility of vortex switching is present in a real flow over a slender body at high angle of
attack. In this phenomenon a vortex pair can possess at least two asymmetric equilibrium states. Similar
"switches" between equilibrium states can arise with other physical phenomena, such as vortex bursting.
The flow can be switched from one equilibrium state to the other by external events such is freestream
turbulence. A discussion of the aerodynamic phenomenon of wing rock is given on the basis of bifurcation
theory by Schiff et al in Ref. 9.

The fact that the switching phenomenon is associated with random external events almost certainly
precludes its prediction by C.F.D. Nonetheless, the fact that asymmetric equilibrium solutions have been
demonstrated by the present simple scheme is worthy of some comsent.

As mentioned earlier, the algorithm used within the present slender-body approximation is based on the
use of a 2-D panel method using surface vorticity as the unknown singularity distribution. Now, in the case
of such a distribution on a closed 2-D section, eigensolutions of the boundary-value problem can exist.
Such solutions modify the overall flow whilst still satisfying the prescribed boundary conditions. In this
case, the vorticity eigensolution for a body of circular cross-section consists of a uniform vorticity
distribution around the circle. This produces a nett external circulating field which decays to zero with
distance from the body and which satisfies the surface boundary condition of zero normal velocity. Any
mulZtiple of this eigensolution satisfies these conditions. This means that the influence matrix, expressing
the linear equations which approximate the model of the flow, is strictly singular.

However, under certain circumstances the numerical scheme used to solve these equations is able to "home
in" on a solution containing some particular but arbitrary multiple of this eigensolution. The multiple
selected depends on quite arbitrary factors, such as the order in which the equations are solved, the
panelling arrangement, numerical discretisation error, etc.

It is clear that if a pair of independent vortices lie in the cross-flow plane external to the surface
vorticity distribution, these will neceearily have to take up asymmetric locations, or have unequal strengths,
if they are to be associated with syletric separation lines,

One extra physically-based ingredient which needs to be injected into the above algorithm relates to the
rules governing creation and conservation of vorticity. We are clearly dealing with a viscous flow, and the
rules governing such flows are by no means as simple as those for the "inviscid" (infinite Reynolds number)
approximation. The Navier-Stokes equations indicate that the total rate at which vorticity is injected into
the fluid from the overall, closed surface must be exactly zero at any instant. This tells us nothing about
what mast happen in any one cross-section, without considering the whole of the rest of the surface. In the

fuselage-type flows in question, it is conceivable that whatever happens in relation to the vorticity created
on the upstream portion of the body, can be countered by what happens at the downstream base of the body. In
the presen. state-of-the-art, details of the flow in this region are not accessible to computation. It is
not clear, therefore, which physical features, if any, can be built into a sxcdified inviscid model in order to
arrive at only physically-plausible asymetric vortices.

One important quantity of interest to the aerodynamicist is the asymmetric side-force generated on the
body by the asymmetric vortices. It has been observed on the basis of the above model that, contrary to
intuitive physical reasoning, the side force will not necessarily be orientated towards the body side facing
the nearer vortex of an asymmetric pair. It is more frequently in the opposite direction. The reason for this

is that the extra suction generated at the near-vortex surface is more than counteracted by the region of
more positive pressure in the region of the near-vortex separation line. This observation has previously been

made in unpublished work by Fiddes (RAE Farnborough) in connection with flows over a cone.

The outstanding difficulty associated with this type of body-vortex calculation, both for symmetric
and for asymmetric vortex configurations, is the estimation of the separation lines, as indicated earlier.
It may be possible (though currently this is the subject of heated debate) to couple the inviscid calculation,
giving the surface pressures and inviscid streamlines, iteratively with a 3-D boundary layer code which would
then predict the separation line for the next iteration of the inviscid calculation.

The limiting streamlines calculated (on the basis of an attachcdpotential flow solution) on the surface
of a prolate spheroid with axis ratio 4.3 : I at a - 200, Re - , x 10 , are shown in Fig. 9. together with
the external streamlines. The limiting streamlines were calculated using a 3-D turbulent boundary layer
code developed at B.Ae Brough by Coleman and Cross. These figures, and other figures relating to higher
values of a, display a remarkable qualitative agreement with independent experimental flow visualisations
(not shown here). Further work is necessary to achieve a satisfactory coupling of the calculation with an
inviscid flow model simulating the separated vortices. At present it is not possible to say whether such a
method can be developed to produce predictions of acceptable engineering accuracy.

2.5 Leading-edge vortex flows; the hybrid method

Leading-edge vortex flows are simpler to compute than body vortex flows, in the sense that the separation
line is known in advance. However, the coupling with the wing is very strong because the vortex is directly
linked with the prim lift-producing mechanism of the wing - its circulation.

A simple, approximate method is often used to estimate leading-edge separation effects - the so-called
leading-edge suction analogy associated with the name of Polhamus (Ref. 10). This technique, although
undoubtedly successful for a number of simple cases, will not be considered here as it falls more into the
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category of empirical methods than of C.F.D.

In contrast to this simple method, an extremely large and complex program based on a higher-order
panel-method concept has been developed at Boeing, see Ref. 11. This program, known as PANAIR, has been
developed for treating linearised subsonic and supersonic flow; amongst its numerous novel features is
the ability to compute leading-edge vortex separations.

In the model employed, a limited portion of the spiral structure is represented as a number of curved
segments carrying a vorticity distribution. The inner part of the spiral is replaced by a concentrated line
vortex with a feeding sheet, similar to that mentioned in Section 2.4. Some of the features of a model of
this type are discussed in Ref. 12.

In this model, the unknown functions are not only the doublet densities characterising the vorticity
on the aircraft surface and the separated vortex sheet, but also the parameters defining the unknown
location of that free vortex sheet. The boundary conditions to be satisfied on the vortex sheet correspond
to those defined in Section 2.3.2: the vorticity vector must be aligned with the local mean velocity
vector at a finite set of control points on the sheet. The resulting system of equations to be solved is
nonlinear as well as being very large, and special techniques have had to be developed to solve this
system. The singularity distribution is discretised so as to enforce the vorticity flux conservation law
across panel and "carpet" boundaries. This has also required a nunber of special techniques to be developed.

An alternative method of solving the same problem, based on the use of a low-order (piecewise-constant)
panel method, was proposed and demonstrated a number of years ago at B.Ae Warton, and further development of
the method has recently started again. This method is known as the "hybrid" method and is described in
Ref. 8. The basic concept consists of iterating between a 3-D panel method and a slender-body program of
the type described in Section 2.4. The 2-C velocity field normally used as an onset flow in each plane
ic fhe (n~l)th iteration of the slender-body calculation is replaced by a 3-D non-uniform flow field
U
n
* defined at that plane. This is defined by

pn~l _ nU
3D 2D"

The field UD is a 3-T) field evaluated at the control points in that plane, obtained from a 3-D panel
3D .program calculation applied to the complete aircraft configuration in the presence of the nth estimate of

the vortex system (i.e. trajectory and strength). dg is the previous estimate of the 2-D velocity field at
that plane, as calculated in the previous slender-boy sweep.

In this (n'l)th iteration of the slendilbody calculation, the new 2-D field T+ at that plane is
calculated which, when added to the field In", satisfies the required three-dimensiBnal boundary
conditions at the control points in that plane. In the simplest formulation, these proper 3D conditions
are replaced by the quasi-3D conditions indicated in Section 2.4. The quantities computed during this
stage comprise the 2D singularity strengths on the body surface and the vortex strength and position, in
that cross-flow plane.

A number of variants of the scheme are possible. In one variant, the surface strengths as well as the
vortex parameters calculated in each plane in the slender-body calculation are passed on to the next iteration
of the 3D program and interpreted as local values of the required 3D parameters. In another variant only the
vortex parameters are passed through to the 3D panel program, the surface strengths being determined in the
standard manner within the 3D program. The important point is that the difficult part of the calculation,
the determination of the strength and location of the separated vortices, is performed outside the time-
consuming 3D panel-program part of the computation. It is performed using a modified form of a process
which has been developed and which has proved reliable and economical in connection with another, more
approximate scheme: the slender body approximation.

The basic algorithm for the iterative computation of the 3D field can be expressed schematically as

.n+l an -m+l
3D 2D 3D 2D 20

When convergence is reached, typically after 3 or 4 complete iterations, the last two terms are identical
in each plane, and the erroneous 2D (or "slender body") contribution to the solution vanishes completely.
The associated computation time is little more than that for an attached-flow panel program calculation for
the same configuration. The 3D computation can extend, of course, over parts of the configuration which
are not even represented in the geometry treated in the quasi-2D parts of the computation; the presenoe of
these other regions is conveyed to the 2D computations, of course, in the definition of the non-uniform onset
flow U.

The model used to represent the separated vortex structure can be as simple or as complicated as required.
In the simplest formulation, a vortex-plus-cut model of the type described in Section 2.4 is used. Results
obtained by applying this model to a straked wing with separation from the strake leading edge, are shown
in fig. i The calculation includes the computation of the trajectory of the unfed vortex over the down-
stream portion of the wing. In this calculation, in order to achieve a reasonably representative loading
form near the wing trailing edge, it was necessary to also perform, in the 3D panel program part of the
calculation, a partial relaxation of the trailing edge wake in the presence of the leading-edge vortex.
In this computation the wake surface was held fixed in the plane of the wing, but the wake was unloaded,
approximately, by relaxing the vorticity within that surface until a zero nwrmaZ loading 'ondition was
achieved.

It is acknowledged that a simple line-plus-cut representation of the vortex structure of the type
described earlier, is incapable of producing an accurate simulation of the pressure distribution near the wing
leading edge. Nonetheless, the hybrid technique allows more advanced models to be used, taking advantage of
the considerable amount of progress which has been achieved in the numerical modelling of two-dienoiO'aZ
vortex sheets. Some of the techniques used for stabilising and increasing the accuracy of such models are
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described in Refs. 8, 12.

One technique currently being investigated at B.Ae. Warton allows a curved vortex of finite diwter
and arbitrary vorticity distribution to be modelled using a variant of the "hybrid" concept. The local
effects inside the vortex are computed by treating the local vortex structure as the cross-section of a 2D
vortex with the same vorticity distribution. The velocity field associated with the latter can be computed
analytically. The error due to neglect of longitudinal curvature is then removed (approximately) by
subtracting the erroneous contributions from remote segments of the "20" vortex (now represented as a pair
of semi-infinite line vortices) and adding in the contribution from the correctly-positioned remaining
segments of the curved vortex (these segments also being represented as line segments). It is hoped that
this technique may not only offer a more realistic simulation of a rolled-up vortex core than the vortex-
plus-cut model, but also allow calculation of effects associated with impingement of a vortex upon a down-
stream surface (e.g. a tailplane). Such a calculation is not possible with a line vortex model.

2.6 Modelling of trailing-edge separation

A model developed by Maskew et al (Ref. 13) allows a plausible simulation of extensive separation from the
upper surface of an aerofoil. Recent work has been aimed at extending the model to 3D wings (Ref. 15).

In this model the interface between the potential flow region and the separated rotational-flow bubble is
simulated as a simple shear layer, which is taken to be a stream surface of the flow. The separated
rotational region inside the bubble is interpreted by Maskew as a potential flow region with a reduced value
of the total head.

Another interpretation is possible, by assuming that the volume vorticity is uniform in this region - as
is plausible on the basis of approximate physical reasoning. The locally rotational velocity field induced by
this volume distribution can then validly be interpreted as a supplement to the truly potential residual
field, induced by surface singularities on the aerofoil and separated shear layer. The velocity induced by
the volume vorticity distribution can be computed on the basis of equivalent, known, source and vorticity
distributions on the boundary of that volume, i.e. on the shear layer and on part of the aerofoil surface.
The necessary relationships are derived in Ref. 14. At the present time, this approach has not been used
in any practical computations.

In Maskew's interpretation, the total-head loss is simply related to the vorticity in the shear layer.
The shear layer is relaxed iteratively until it is force-free, for a given estimate of the separation point.
The process is completed by iteratively updating the estimate of the position of this separation point on the
basis of a boundary-layer computation.

Although the method requires further development before it can be regarded as a reliable prediction tool.
it already appears to have been used in a number of interesting applications, yielding predictions of CL and
CD up to and beyond CLmax"

Fig. 11 taken from Ref. 15 shows a particularly interesting example of application, compared with experi-
mental measurements. The aerofoil in this experiment was at a critical value of a where the real flow switched
randomly between an attached state and a separated state (the trigger being presumably the turbulence in the
tunnel). The pressure profile was measured over a finite time interval and the measurements are distributed
randomly between the two different types of profile. The figure shows the computed attached-flow and separated-
flow profiles.

It is quite clear that a model of this type could readily be extended to 3D on the basis of the "hybrid"
scheme described in Section 2.5. Such a process has not been attempted at the present tim.

PART THREE: FUTURE PROSPECTS OF HIGH-a PREDICTION

3.1 Global Navier-Stokes calculations

The methods defined in Part Two are already capable of giving useful predictions for high-a flows, and all
have substantial development potential for application to complete aircraft configurations. These methods
generally require the location of the separation line to be estimated independently, e.g. by using the boundary-
layer approximation (which is strictly not applicable in region of separation) or by resorting to empiricism.
For smooth surfaces, the location of this line is Reynolds-number dependent. These methods also generally
model the physical vorticity distribution as a line or as a thin sheet. For ordered separations where such
models are reasonably representative of real flow, the physical vorticity will be distributed, via the physical
process of diffusion, over regions with finite cross-section. The thickness of these regions is Reynolds-
number dependent.

It may therefore appear essential, in order to account properly for the real effects of diffusion, to
resort to solutions of the Navier-Stokes (*-S) equations. However, this is not yet a practical proposition
for realistic aircraft configurations, for a number of reasons.

The first reason is related to cost, both of developing user-orientated computer program , and of running
these program on a routine basis. In the current state-of-the-art, solutions of the N-S equations for even
simple problems (flow over a cylinder, the driven-cavity problem) are computationally very expensive, and
technically difficult to obtain; each problem requires individual attention: turbulence model, grid
generation, etc. There is at present no technical prospect of such programs being extended to allow their
routine application to high-n calculations for real aircraft, or to allow their use on economic grounds even
if they became available.

The second main reason for discounting the possibility of N-S solutions for high-0 calculations is basid
on the nature of the phenomenon of turbulence. The range of length scales is so wide (a factor of about 10
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between the largest and smallest eddies) that direct calculation of the time-dependent motion of the
smallest eddies (which affects, and is affected by, the large eddies) is out of the question. Some form of
modelling, essentially time-averaging, has to be employed for these small eddies. Considerable effort is
currently being applied to this problem, much of it centred on Stanford; some of this work is described
by Ferziger (Ref. 16). Most of the older models (e.g. those based on a mixing-length theory) are now
falling out of favour for practical problems. Furthermore, different models are required for different
phenomena: separation regions, shock regions, vortex bursting etc. Any program attempting to model flows
involving such phenomena would need to be able to recognise the need to select a particular turbulence model.
Some years ago there was some indication that it might be possible to split the eddies into two scales:
"large" and "small"; the large eddies would be determined directly by calculation at low Reynolds number,
and their properties would transfer unchanged to the high Reynolds number situation; the remaining small
eddies would be modelled to complete the high-Re solution. This type of picture does not nov enjoy popular
support.

A third reason for lack of optimism in the N-S area is related to the fact that many of the phenomena in
question are sensitive to parameters which are not accessible to the modeller or the aerodynamicist: free-
stream turbulence, surface vibration, heat transfer effects at the surface, surface roughness, etc. As
mentioned earlier, some of the phenomena can exhibit a nutber of stable states: asyimmetric vortex shedding,
vortex bursting, etc. External disturbances can trigger a switch from one state to the other. Although N-S
calculations may increase our understanding of this type of event, they will not be able to predict what will
actually happen to a particular aircraft shape under particular (and only approximately known) flight
conditions. Their value as prediction tools for the aerodynamicist is highly questionable.

It will be argued in the next section that many of the flow phenomena which are apparently viscous-
dominated are in fact dominated by inviscid-flow effects. Viscosity actually plays a secondary, though very
important, role; in particular, viscosity will control the strength of free-vorticity distributions, via
its role in moderating the location of separation lines from smooth surfaces. Possibly the most important
task of N-S solvers could be to supply the ingredient which is missing from the models described in Part Two
and from those in the following section: the location of separation lines.

3.2 Inviscid modelling of rotational flow

3.2.1 The vortex dyamics method

. shows experimentally-measured properties behind a delta wing with leading-edge separation. The
pictures would at first sight appear to indicate a viscosity-dominated flow pattern. However, Fig. 12b
shows the wake development predicted using a very simple inviscid model (Ref. 17). The qualitative agreement
is quite remarkable.

In this calculation the streamwise evolution of the 3D wake was likened to the timewise evolution of a 2D
vorticity distribution which at the initial instant t - 0 was defined to have the same form as that estimated
at the trailing edge in the 3D problem. The vorticity distribution was replaced by a series of point
vortices which were moved in a series of discrete timesteps in accordance with the instantaneous velocity
induced at each vortex by all the other vortices (with some approximate account being taken, in the calculation,
of the downwash field due to the bound vorticity on the wing in the experiment). The calculation was
stabilised by redistributing the vortices along the computed curve after each step, so as to maintain a uniform
spacing along that curve.

The evolution process used here is quite different in principle from the wake-relaxation methods described
in Part 2. In these latter models, the vorticity is considered as being a property belonging to a particular
point in space, and not to particular air particles; it is analogous to the property of "illumination",
involved in visualising flows by directing a fixed beam of light at the region of interest so as to instant-
aneously illuminate (dust) particles carried through that region; the properties associated with a
particular point in space are constant once a steady state is attained. In contrast, in the calculation used
here, the property of vorticity is considered to belong to a particular group of air particles which move
together as a flexible "block". The point vortex is a discrete representation of the vorticity property which
in reality is distributed over that group of air particles. Since diffusion is ignored in these calculations,
the total vortex strength associated with any single group of particles remains constant as that group
convects through the flow, distorting in shape as it proceeds. This type of approach is known as the
Lang2angian approach, in contrast to the Ekleri4 mapproach used in Part 2. The scheme described above is a
particular example of the "vortex dynamics" or "vortex blob" method. The simulation of the diffusion process
will be discussed briefly later in this section.

A second example of this type of method, this time involving a 3D inviscid calculation, is shown in
Fig. 13, taken from Ref. 18. In this calculation each scalar component of the vector vorticity is preserved.
The pictures show computed "streaklinee" at two instants in the tiLm-evolution of the tip-edge and trailing-
edge wakes of an impulsively-started rectangular plate at a - 300. Again the level of agreement with
experimental observations (not shown) is remarkable. More importantly, perhaps, the calculations became
chaotic after a certain time, and it was not possible to attain a steady-state solution. At this same a,
the vortices present in corresponding water-tunnel studies "burst". At a - 16.50, however, both theory and
experiment eventually displayed similar, well-organised and steady vortex structures.

In this calculation, the surface boundary conditions on the wing were satisfied by using a simplified
form of panel method. The flow field induced at the wing by the vortex particles in the wake is computed in
an "Eulerian" fashion totally analogous to the method described in Part 2 for "Eulerian" wake relaxation.
(In the limit of steady flow, the two methods are of course simply different ways of looking at the same
thing).

During the panel program calculation, the conditions satisfied inclue the (inviscid) Kutta conditions
at the sharp edges. The rate at which vorticity is released into the fluid is determined from the flow
calculated at these edges. It is easy to show that the nett amount of vector vorticity leaving the surface

by crossing unit length of an edge, in unit time, may be approximated by one half of the product of the

2 4-.-.m-
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surface vector vorticity y and the component of the inviscid (boundary-layer edge) tangential velocity

component normal to that ege, U .  This quantity, scaled by the appropriate time interval At, is
concentrated into a vortex "particle" of strength ty At. During each time step, each particle is
convected in accordance with the velocity induced at its location by the freestrem, all the other
vortices, and the wing itself. In the calculation described here, it is assumed that each particle originally
leaves the trailing edge with a velocity equal to the mean of the upper and lower surface boundary-layer edge
velocities, these being computed luring the panel-program stage of the calculation. It is shown by Kaull
in Ref. 19, on the basis of a 2D argument for separation from a single surface, that a more appropriate value
would be 2/3 of the velocity at the boundary-layer edge. Nonetheless, the results demonstrate that apart from
a few doubts relating to the vortex-shedding mechanism at even a eharp edge, the inviscid vortex dynamics
method is capable of capturing some of the essential features of a viscous flow.

It should be mentioned that a considerable amount of work, mainly in two-dimensional flows, has been

done in connection with Visoou vortex dynamics calculations. The basic concepts are explained in the
numerous works by Wu (e.g. Ref. 20), Leonard (e.g. Ref. 21) and Chorin (e.g. Ref. 22). The numerical
process is essentially the same as that outlined above for the inviscid model, with the extra element that
an attempt is made to allow for the effects of diffusion on the vorticity w carried by each group of air
particles. The equation governing the incompressible diffusion process, written relative to the moving
(Lagrangian) reference frame of the group of air particles, is:

d- v V
2  

(v - kinematic viscosity coefficient).
dt

This is derived directly from the incompressible Navier-Stokes equations. It is of the same form as
the classical diffusion equation governing heat-conduction and numerous other physical processes.

The solution of the diffusion equation is usually expressed in relation to the point vortex particles
normally used in the vortex dynamics method. The effect is to produce finite "blobs" rather than points;
it is the writer's opinion that the success of a number of the methods developed on this basis, however, is
not due in any way to a proper simulation of diffusion effects, but merely to the fact that the finite "blobs"
renove the deatabilising effect introduced (in totally unrealistic fashion) by the decision to use point
vortices in the first place. It does not seem to be appreciated universally that it is a straightforward and
economic process to use distributed surface vorticity (e.g. piecewise constant) as the basic discretised
form, instead of point vortices. This avoids the problems of spurious infinite velocities induced in the
immediate vicinity of the point vortices. The supporting logic and influence expressions are given in
Ref. 6.

It my be noted that, in two dimensions, the time-dependent solution of the diffusion equation

corresponds at any instant t to a vorticity distribution w(r, t):

w(r, t) - 1'" exp (- r
2
/4vt)/4rvt

which is sometimes referred to as a "Lamb vortex". In this expression r is the total vortex strength
associated with the original particles. o

Chorin avoids calculating its explicitly-known influence by observing that the mathematical form of the
vorticity distribution given above is identical to the form of the probability distribution of a random
variable; he exploits this similarity by replacing the evaluation of the velocity field induced in the
interior of the above vorticity distribution by the evaluation of the mathematically-simpler field induced by
a small number of randomly-located point particles with the same total strength. In the limit of an infinite
number of such particles, the computed velocity field should be identical to that of the Lamb vortex. The
technique used by Chorin to determine the random placements is termed a "random walk"; the process may be
likened to the classical Nonte-Carlo technique.

An alternative method consists of computing directly the influence of the "Lamb vortex". This gives the
value of the circumferential velocity V. at radius r as:

V(r, t) = ro(l - exp(- r
2
/4vt))/29r.

Various other methods are also used to smooth the (spurious) influence of a point vortex particle, including
approximation by a uniform distribution over a finite radius.

If a sheet vorticity distribution were used instead of point particles, the simulation of the diffusion
process would require a "sheet diffusion" model instead of the above "point diffusion" model. The appropriate
mathematical expressions are given by Batchelor in Ref. 23. An example of application of this idea for a
boundary layer calculation is given in Ref. 24.

The mst useful application of the above ideas is probably in connection with events at the solid surface
from which the whole of the vorticity originally diffuses; in particular, this type of treatment is in
principle capable of predicting the details of viscous separation. At a solid surface, the physical no-slip
condition means that laminar diffusion is the predominant process in that region. The local rate of vorticity
diffusion mst be exactly sufficient to preserve the no-slip condition in the presence of all the singularities
representing the flow in question. The appropriate rates of vorticity creation may be derived from the N-S
equations as a function of the local surface pressure gradient. Discussions of the relevant details are given
in Refe. 20, 21, 22, 25.

It is the writer's opinion that a local application of the concepts outlined above may be useful in
determining local details of the flow near a separation line, in a global calculation which is otherwise
performed with an appropriate inviscid model (the diffusion process is probably unimportant excepf at the
surface). Such a method may be an acceptable means of resolving, for example, the difficulties still
associated with the correct epecification of the Kutta condition at a trailing edge. The writer is not aware
of any efforts in this direction at present.
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3.2.2 Solutionof the comrs!ssible Eulere% sations

As a final example of the prediction of rotational flow by an inviscid method, we consider the
compressible-flow groblem depicted in Fig. 14. This computation relates to an arrow wing with a leading-
edge sweep of 71.2 , at a - 120 and H - 0.4. The wing section possesses a rounded leading edge.

This computation was performed during the last few weeks of 1981 (i.e. just before the present paper
was written) by Schmidt at Dornier, Friedrichahafen, using the latest generation of Euler solver. Codes
for solving the compressible Euler equations are now undergoing intensive development at numerous establish-
ments around the world, but those developed by Schmidt in conjunction with Professor A. Jameson are
outstanding from the standpoints of both accuracy and economy. A number of recent developments, including
the use of multi-grid algorithms, Runge-Kutta time-stepping and special far-field boundary conditions, have
enabled very significant advances to be made in the last few months.

The primary motivation for developing Euler solvers has hitherto been related to the need to compute
transonic flows, involving strong shocks, over complex aircraft shapes. As indicated in Section 2.1,
earlier generations of codes aimed at this problem have solved the so-called T.S.P. or the full-potential
approximations of the transonic-flow equations. These have the disadvantage of not giving a proper repres-
entation of shocks, as a consequence of their inability to model the rotational flow which physically must
exist downstream of a curved shock wave. This has the second, equally important, effect of producing
erroneous conditions downstream, at the trailing edge of a wing, and thereby giving an incorrect value of
the circulation (and therefore of flow conditions upstrecan of the shock, and so on). The Euler codes, in
contrast, allow the correct (Rankine-Hugoniot) jump conditions to be generated across a shock (except at its
foot, where viscous interactions produce effects which cannot be adequately simulated without some form of
viscous modelling).

The Euler codes are also more "forgiving" than potential formulations, with respect to the regularity
required of the space-grid on which the equations are diacretised and solved. Calculations are now possible
for very complex aircraft shapes, via "box-type" schemes wherein a set of subgrids are generated in a number
of topologically-simple regions in the space around the aircraft.

It has recently been discovered that, by a moat hapy accident, Euler codes of the type used here are
capable of automatically capturing not only shocks, but also certain types of vortex flow which are not
directly associated with shock waves. The example showt in Fig. 14 is a case in point. There is no super-
sonic point present in the converged solution ahown here, Nonetheless the flow directions plotted in the
vertical plane just downstream of the trailing edge clearly demonstrate the presence of vortical regions.
These vortices arise at the leading edge. Furthermore, the surface isobar pattern indicates that r-e flow
over the inboard part of the leading edge is attached; flow separation commences at a finite diet& ce
outboard.

The mechanism of the vortex formation at these rounded surfaces is not yet fully understood, but it
would appear to lie in the (quasi) time-evolution process used to solve the equations (the steady state is
attained asymptotically in a manner analogous to the vortex-dynamics schemes outlined earlier). During the
early iterations before vorticity formation, the flow accelerates around the leading edge and reaches the
state where a shock mst form to avoid expansion to a vacuum. These shocks produce rotational flow down-
stream of the shock, associated iith fixd regions of s pdc. The associated vorticity persists, distorting
the inviscid streamlines and decelerating the flow along them in subsequent iterations, until an equilibrium
state is attained where the flow can negotiate the surved edge without needing any longer to form a shock.
Finally, a steady state solution, presumably unique, 's reached which satisfies the Euler equations at all
points of the flow, and satisfies all the stipulated boundary conditions. The vorticity formed during the
calculation will of course be aligned with the local streamlines. The effect of this vorticity is to modify
the flow such that at the appropriate points on the surface the flow stagnates and "separation" is evident.
(If viscosity were present in the calculation, this would induce further deceleration of the flow near the
surface, and separation would then occur further upstream than in the foregoing infinite-Reynolds-number
calculations).

In another one of many Euler solutions performed by Schmidt (not shown here), a 2D flow over a
circular cylinder at transonic Mach number demonstrates a symmetric pair of strong shocks. Downstream of these
shocks, the fully-converged solution demonstrates a pair of contrarotating, closed, vortical bubbles trapped
in the "base" region. An interesting debating point is whether these bubbles genuinely represent the
infinite-Re limit of shock-induced separation. It should be noted that calculations performed by the writer,
using a panel method, have shown similar results for a half-cylinder on a horizontal infinite flat plate in a
horizontal onset flc. carrying a uniform shear, at zero Mach number. In this case, the vorticity is
already present in the unperturbed flow (i.e. a constant value equal to the shear gradient); the effect of
the cylinder-induced irrotational perturbation is merely to produce a total flow in which closed streamlines
are visible, enclosing vortical bubbles. In the case of the Schmidt calculation, however, the shear is not
present in the unperturbed flow. but is generated (in accordance with the equations governing the flow) at
the shock surface.

Thc vital point is that, unlike panel methods, these Euler codes do not require vorticity to be put
into the field in accordance with the instinct of the modeller; the vorticity is available within the
Euler equations and just like a shock, can seaar automatically wherever the flow requires it - whether this
be at a sharv trailing edge or at a smooth surface.

This vorticity will be autoraticaZ aligned with streamlines ("relaxed"). The implications of this
statement are far-reaching; it means that in calculations of complete aircraft, vorticity will be generated
at the edges of, say, canards, and convected in correct fashion past domstream surfaces; all interactions
between the vortices and the#e surfaces will be automatically included.

It must be said, of course, that body vortices and other genuinely viscosity-dominated flows will not be
predicted by the above type of inviscid scheme. Nonetheless there is every prospect that if separation lines
are stipulated on smooth surfaces (or calculated by iterative coupling with a boundary-layer code), then theI
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Euler codes should be capable of calculating the associated separated flow. It may be expected that
calculations of this kind will be undertaken very shortly.

The above three examples were chosen to demonstrate that a number of flows which were previously
considered viscous - and therefore accessible only to Navier-Stokes calculation - are in fact essentially
inviscid; the effect of viscosity is merely to moderate the essentially-inviscid phenomena.

CONCLUDING REMARKS

* Aerodynamic excellence has to be balanced against a wide variety of other, often-conflicting,
criteria in the overall design process for a modern military aircraft.

* High-a phenomena do not generally need to be predicted in fine detail. Most are so complex, and
sensitive to unknown external parameters, that accurate prediction is impossible either by theory
or experiment. Confirmation by flight-test will always remain a vital element of the total process.

* The primary role of C.F.D. at high a is to attempt to obtain predictions of reasonable quality more
quickly and cheaply than can be obtained by traditioral techniques.

Development of more powerful C.F.D. techiques is an exceedingly complex process, the timescales

being on a par with those of the aircraft design process itself. The state of diminishing returns
has probably been reached in high-a C.F.D. method development. It is questionable how much more
effort should be directed towards attempting to develop complete Navier-Stokes solutions for full
aircraft, even if these become technically feasible with the next generation of computers.

Many of the most interesting phenomena previously assumed to be dominated by viscosity are

essentially inviscid. Viscosity plays only a moderating role in such cases. Such phenomena can
often be adequately predicted by minor development of the current generation of computer models.
The latest generation of Euler codes is particularly interesting in this respect.

The vortex dynamics method may offer a means of predicting viscous effects by concentrating attention

on the regions where it is most needed, and in particular on the flow in the vicinity of separation
lines.
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Fig. 1 Examples of complex geometries investigated by B.Ae panel program (attached flow).

5.

Fig. 2 : Comparison (taken from Ref. [8]) of sidewash (on left) and downwash ton right),
2.75 chords behind a rectangular wing of A- 6 at a - 7.50

.  
Line shows theory

(B.Ae panel program with wake relaxation), squares show experiment (Maskell, RAE).
Lateral shift near wing tip is due to error in tip vortex initial position).
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.3

wing loading
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7canard loading
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Fig. 3 Wake relaxation for wing/body/canard configuration. Curves on right show spanwise loading
for different canard wake assumptions. Dash-dot line : canard off; solid lines : relaxed
wake in freestream; dashed line :,relaxed wake in wind tunnel; highly peaky curve shows
reSult for rigid planar wake from canard. Loading shown for a 4 0. n - 100.



Fig. Relaxation of canard wake over wing. .3
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Fig. 5 Line vortex model of canard wake, a - 60, n 00.

Profiles on right show results for wing aloe,
wing with rigid and with relaxed vortex (identical
to results with relaxed canard wake - not shown).
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Fig 6 Spanwisa loading on wing/body/canard with various canard wake representations.
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ig. 7 Samples of panel-program (B.Ae Mark 2) predictions of aerodynamic derivatives.

Comparison with predictions of DATCOM datasheets.
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1.0

Yb Fig. 10 The "hybrid" method.

Computation of vortex fed from
strake leading edge and then con-
vecting over main wing. Equal-
pressure wake from trailing edge
held in plane z - 0. (Ref. L81).

c( =14.320

M0lateral position of vortex cre.

j height of core above wing.'.10
strength of core (piecewise

03 constant, fed from strake l.e.)
r/ub

Fig. 11 Comparison of attached flow model
and separated flow model with experiment.
The experimental measurements show random
switching between the two states.

(Haskew, Rao and Dvorak, AGARD CP-291, 1980) 4 4

------ Attached flow (theory) 11

Separation at
x/c - .06 (theory)

* Upper surface (experiment)

& Lower surface (experiment)

a -21.380

-



Fig. 12 Experimental and theoretical wake
roll-up behind a delta wing of unit At.

The experimental curves on the left show
contours of total pressure (Huml).

The theoretical curves on the right show
.267 the evolution of an inviscid vortex sheet.

(Taken from Ref. [81).

.533 The dashed line shows the projection of the

wing trailing edge.

E-..67

Fig. 13 Three-dimensional vortex dynamics calculations (ONERA, Ref 18) for impulsively-started plate.

The figures on the left show streak lines for a - 300 after i - 1 & 7 - 2 (T - chordiU_).
The figures on the right show streaklines after T - 2.8 for a m 300 (unstable) and a - 14.50 (stable).

i". 1: Leading-edge vortex flow
" -', fro fuly-subsonic inviscid solution

of Euler equations (Schmidt, Dornier).

Te upper picture shows flow directions
immediately donstream of trailing edge.

The lower picture shows the isobar
pattern. The separation initiates at

. a finite spanwise position along the

curved leading edge.
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.M Wo F 2.e TrtS a ME

M-4 o



COMPRESSIBILITY EFFECTS ON FLOWS AROUND SIMPLE COMPONENTS

J. F. WENDT

von Karman Institute for Fluid Dynamics
Chaussee de Waterloo, 72

B -164U Rhode Saint Gen~se, Belgium

SUMMARY

The effects of compressibility are considered on the flow fields and overall aerody-
namic characteristics of low aspect ratio, snarp-edged planforms - rectangular, trapezoiual,
and delta - and long ogive-cylinders at high incidence. Emphasis is placed on the eeside
vortex-dominated flow structure, including vortex bursting. Both subsonic and supersonic
regimes are included; unsteady effects are not considered.

NOTATION

AR wing aspect ratio, b2/S c

b wing span

c wing chord

mean chord

CL lift coefficient, = L
CMz pitching moment coefficient, z

CN normal force coefficient, P qNc

C pressure coefficient, 
= _p_

p S
CY side force coefficient, =

d body diameter

L lift force or characteristic length: chord for wings, body diameter for bodies
and wing-body combinations

kN length of nose

EA length of afterbody

Mz  pitching moment

MN Mach number normal to leading edge

M. free stream Mach number

N normal force, or nodal point

p static pressure

p free stream static pressure
q. free stream dynamic Pressure, = - U

Re Reynolds number, -

s wing semi span

S saddle point, or side force
S characteristic area : planform area for wings, maximun cross sectional area for
c bodies or wing-body combinations

U free stream velocity

U. axial component of vortex velocity

x,y,z coordinate system fixed in wing

angle of incidence

an angle of incidence normal to leading edge

6 N semi apex angle of nose

free stream kinematic viscosity

free stream density
X taper ratio

* sweep angle
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1. INTROUCTION

Combat aircraft will be expected to fly at high incidence in a controlled manner
throughout the subsonic and transonic regimes; missiles will add the supersonic regime to
their range of operation. The objective of this paper is to examine compressibility
effects on the flow'field and aerodynamic characteristics of simple components. The dis-
cussion will focus on shapes which are characteristic of missile wings and bodies low
aspect ratio planforms of zero camber with sharp leading edges and ogive-cylinder bodies:
the former case constitutes an excellent example of controlled separation, the latter an
example of uncontrolled or free separation.

This paper is divided into five sections according to geometry : rectangular, trape-
zoidal and delta wings, the straxe-wing combination and ogive-cylinders. In each section
a brief review of the incompressible characteristics is nroviled followed by a discussion
of compressibility (subsonic and supersonic) effects. The paper is far from exhaustive
and the interested reader is urged to consult reference I for more detail, a large list
of references, and considerable discussion on the hypersonic case. However, the author
hopes that some insight into the surprisingly complicated three dimensional flow fields
produced by extremely simple geometric shapes will be provided. With the exception of
the strake-wing combination, interference effects are neglected - a definite shortcoming
since at high incidence these effects can play an important role.

2. RECTAAIGULAR WINGS

While low aspect ratio rectangular wir:s find less application than wings with
moderate sweep, nevertheless they represent a useful starting point for a discussion or,
the flow around simple components and the effects due to compressibility. As the emphasis
in this paper will be on missile components, the case of sharp-edged low-aspect ratio flat
plates is considered. Two basic features are evident: separation at the leading edge which
leads to an increasingly large separation bubble at high incidence, and separation at the
side edges which results in side-edge or tip vortices. Water tunnel studies using dye
injection and oil flow surface visualization indicate a complex highly three-dimensional
flow even at low incidence. Figure 1 shows an oil flow picture of an AR = I wing at 16'
Incidence. A sketch of the resulting skin friction lines is shown in the same figure
(Ref. 2). A heated wire coated with light oil and placed at various locations relative
to the leading edge has produced smoke streamlines which confirm the essential elements
of the sketch showing a large rotational system on each side of the centerline (Ref. 3).
This separation bubble remains attached until at least 20' incidence. The Reynolds number
would be expected to play an important role in the development of this flow because it
will influence transition of the free shear layer and thus the location of the reattachment
line. However, the essential features should be preserved. Pressure distributions shown
in figure 2 on a low aspect rectangular wing at low speeds (Ref. 4) lend support to the
flow picture described above. The leading edge separation bubble is clearly seen as well
as its three dimensional reattachment region and the effect of the side-edge vortices is
marked even at low incidence. The peak suction moves from the region of the centerline
at low incidence to the leading corners at high incidence. Normal force coefficients from
the same reference, shown in figure 3, exhibit the expected behavior of a separated flow
with vortex lift: a favorable non-linear lift curve followed by a reduction in the effects
of the side vortices due to breakdown, and finally the opening of the separation bubble at
the trailing edge. The effect of aspect ratio is also illustrated and attention is drawn
to the abrupt changes in normal force for aspect ratios less than unity at very large
incidence; the moment curves show the same characteristic shape. This may be due to a
bursting of the separation bubble which, for low aspect ratio wings, could be stabilized
up to a certain incidence by the presence of the side-edge vortices.

Compressibility effects have been examined (Ref. 2) by means of pressure distributions
for Mach numbers from 0.55 to 0.95 and incidences up to 30*. A sample of the pressure
coefficient variation on the suction side of an AR = I sharp-edged plate is shown in
figure 4. The separation bubble grows with increasing Mach number and a small increase
of the overall suction level is also noted; however, the suction peak near the leading
edge decreases with increasing Mach number. At incidence angles less than 5.5', the
suction peak is at the centerline, as noted in reference 4. If the Mach number is of
order 0.9, then at low incidence the supersonic expansicn is strong enough to attach the
leading edge flow and separation occurs downstream due to a shock-boundary layer inter-
action. At higher incidence (>10o), leading edge separation again occurs and a shock wave

can be seen imbedded in the flow near the trailing edge (Ref. 2). The integrated effect
of this compressible three dimensional flow can be seen in the overall force and moment
coefficients. The normal force coefficient for an aspect ratio one wing is shown in
figure 5. A number of points are worth mentioning:
- In the subsonic range, CN increases only slightly with Mach number up to about 20'
incidence. This result is in agreement with other experiments (Ref. 5).
- Above 200, the effect of increasing Mach number is to reduce the (first) maximum value
of CN and to shift it to lower values of incidence. In particular, the dramatic drop in
CN at large incidence shown in figure 3 for the incompressible case diminishes markedly
as the Mach number Increases.
- In supersonic flow (Ref. 6), CN decreases with increasing Mach number, as expected;
the side-edge vortices also are seemingly very weak according to the pressure distribu-
tions plotted in the same reference.
The effect of aspect ratio on the aerodynamic coefficients in subsonic flow is similar to
that observed in incompressible flow; i.e., an increase in aspect ratio leads to a larger
CN for a given incidence at low values of incidence and a peak CN at a lower incidence.
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Increasing Mach number again acts to smooth the peaks in the CN a curves (Ref. 7). Super-
sonic Mach numbers lead to the same result, except that CN increases monotonically with
incidence (Ref. 6).

The subsonic aerodynamic characteristics of rectangular wings are well predicted by
inviscid theory. For example, the lifting surface can be represented by a bound-vortex
sheet, approximated by discrete vortex lines arranged to form a lattice (Ref. 8). Com-
pressibility transformations are introduced through a modified Prandtl-Glauert rule; thus
the results are valid only for small incidence at large Mach numbers, e.g., 10-12* at
Mach 0.8.

In summary, the flow around low aspect ratio rectangular wings, while quite complex
in detail, results in well-behaved aerodynamic coefficients to high incidence in compres-
sible flows. Theoretical predictions to nearly 15' incidence are quite accurate. An
interesting problem area which remains is to find an explanation for the abrupt, in fact
dramatic, behavior of low aspect ratio wings at high incidence in incompressible flow and
the reason behind their increasingly acceptable behavior as comoressibility becomes impor-
tant.

3. TRAPEZOIDAL WINGS

As the sweep angle of a sharp -edged rectangular wing at incidence increases from

zero to some finite value, the flow field on the resulting trapezoidal wing changes only
moderately from its original state (Ref. 9). At low incidence, the flow appears to re-
attach near the centerline and remains separated outboard as seen on figure 6. The sepa-
ration bubble induces a sidewash. Side edge vortices persist (although they are not in
evidence on this figure because of the absence of pressure taps near the wing tips), but
act over a smaller area of the wing as the sweep angle increases. At higher incidence
(15 and above), the pressure distribution is seen to be nearly uniform over the entire
wing indicating a fully separated flow. Thus, as sweepback angle increases, full separa-
tion with no reattachment occurs at low angles of incidence.

The effect of increasing (subsonic) Mach number is to decrease the incidence at which
a fully separated flow occurs, as may be seen by comparing the pressure distributions of
figures 6 and 7 and the CN a curve of figure 8. Just as in the case of the rectangular
wing, the (first) maximum value of CN occurs at a lower incidence and has a lower absolute
value as the Mach number increases.

In supersonic flow, the same trends as observed for the rectangular wing are noted;
they are also indicated on figure 8. In fact, measurements show that two wings of the
same aspect ratio, one of which is rectangular (t=1.O) and the other trapezoidal (-0.5),
have nearly the same CN, curve (Ref. 5); further evidence that the supersonic flow field on
moderately tapered trapezoidal wings and rectangular wings is quite similar (The increas-
ing importance of the windward flow field at supersonic conditions should be noted).

On the theoretical side, the vortex lattice technique with compressibility factors
of the Prandtl-Glauert type again offers an accurate means of predicting the aerodynamic
coefficient as shown in figure 9 (Ref. 8). While no data were available at subsonic Mach
numbers for comparison, the trend is clearly correct as seen in figure 8. The limitations
of this technique must be recalled : small incidence for high subsonic Mach numbers, larger
incidence (15*) at lower Mach numbers.

4. DELTA WINGS

When the sweepback angle of a sharp-edged trapezoidal wing at incidence exceeds about
50, a highly stable leading edge vortex appears. It is formed by the flow emanating from
the windward side which cannot negotiate the infinite curvature at the leading edge and
hence separates and rolls up into a tightly coiled vortex as shown schematically in fig-
ure 10. While the overall flow picture is essentially independent of Reynolds number due
to the controlled nature of the separation, the detailed structure exhibits a secondary
(and possibly a tertiary) vortex lying outboard of the primary one; as it stems from a
separation on the lee surface, its characteristics will depend on the state of the attached
boundary layer inboard and hence on the Reynolds number. A typical pressure field on a low
aspect ratio delta wing at incidence is shown in figure 11 (Ref. 12). The primary suction
peaks on the lee side are due to the high induced velocities of the vortices and flow vis-
ualization photos show that they indeed lie just below the centerline of the primary vor-
tices. Secondary vortices near the leading edges may also be deduced. The suction peaks
decrease in the streamwise direction, but those further aft affect ever larger areas of
the surface. Conical flow may be observed, to first order. That the Reynolds number plays
a role In the pressure distribution is clearly as shown in figure 12. (Ref. 14). The
observed variation can be explained by examining the state of the suction side boundary
layer. At high Reynolds numbers, the boundary layer is turbulent; it penetrates the adverse
pressure gradient, established by the primary vortex, virtually to the leading edge before
separating to form the secondary vortex. At sufficiently low Reynolds numbers, the boun-
dary layer is laminar and therefore separates further inboard forming a larger and more
inboard-located secondary vortex. The effect Is to displace the primary vortex inboard
and upward, thus shifting the peak suction point inboard and diminishing its magnitude.
As the aspect ratio decreases, the suction drops as Shown in figure 13, all other parame-
ters being equal (Ref. 15). As a result, normal force will also decrease with decreasing
aspect ratio. This is illustrated In figure 14 by lift (and moment) plots (Ref. 16). At
low incidence, the lift and moments are linear, but above about 5', the typical nonlinearity
due to the presence of strong vortices on the suction side is manifested. At modest
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incidence, increasing aspect ratio means increased lift. However, at an incidence which
increases with decreasing aspect ratio, a departure from the observed non-linearity in
lift and an abrupt change in pitching moment take place. The origin of these effects is
a bursting or breakdown of the vortices over the wing, a phenomenon which will be discus-
sed later. At increased incidence, as shown on figure 15 the leeside flow affects the
delta wing in the same manner as on the rectangular or trapezoidal wing; i.e., the normal
force decreases at an angle which increases with decreasing aspect ratio and the rate of
decrease in normal force reaches a maximum at a specific value of the aspect ratio (in
the case of the delta wing, at an aspect ratio of about 2).

Compressibility effects are already noted in the flow structure at free-stream Mach
numbers as low as 0.5. The suction is reduced and the vortices move slightly inboard as
M_ reaches unity according to figure 16 (Ref. 14). Laser doppler velocimeter measurements
(of a preliminary nature)(Ref. 18) show that the vortices become somewhat more flattened
in shape and lie slightly closer to the surface as the Mach number increases from 0.4 to
0.8. An example of the cross flow velocity vector field is show,, in figure 17; the cross
flow velocities are seen to exceed the free-stream velocity by as much as 20% in some
regions. In the same reference, the maximum axial velocity at a given chordwise station
decreases from a value larger than the free stream velocity at Mach 0.4 to a value less
than the free stream velocity at Mach 0.8. When the free stream Mach number exceeds unity,
depending on incidence and aspect ratio, a detached shock will form. The large scale lee-
side vortices will still be present at moderate supersonic conditions, but as the Mach num-
ber increases further, a supersonic expansion around the leading edge will occur (when the
Mach number normal to the leading edge exceeds unity) and the flow will not separate at the
leading edge but rather inboard of it resulting in smaller vortices and less vortex lift.
Finally, at large Mach numbers, the shock will be attached at the leading edge. These
regimes have been studied extensively (Ref. 19) and are shown schematically in figure 18.
These changes in flow structure for finite Mach numbers are reflected in the overall aero-
dynamic coefficients. Even though the leeside suction decreases with increasing value of
M., the increasing values of the windward pressures more than compensate as shown in
figure 16 and the net result is an increasing value of the normal force coefficient, CN
in the subsonic regime as shown in figure 19. At high incidence the behavior is similar
to that already noted on other planforms. In the supersonic regime, the trend is clear -
decreasing CN with increasing M_ and less and less influence from the leeside flow field.

From the point of view of numerical predictions, the work of reference 8 may again be
cited as providing good agreement with experimental results as long as the limitations of
the Prandtl-Glauert small perturbation potential equation are observed. The vortex-sheet
method, based on the same equation, gives comparable results (Ref. 20). An analogy with
the unseparated flow around a leading edge and the resulting suction force has been used
to calculate forces and moments around a variety of planforms which agree well with experi-
ments (Refs. 21 anI 22). However, neither flow field structure nor surface pressure dis-
tribution can be computed. A good summary of the available inviscid numerical models for
flow separation from sharp leading edges is given in reference 23. All these models suffer
from common failings: the inability to deal with secondary vortices, high subsonic condi-
tions at high incidence, and vortex bursting.

We now return to the subject of vortex bursting, by which is meant the transformation

of a highly ordered vortical structure, whose axial velocity component may substantially
exceed that of the free stream, into a large diffuse slowly rotating structure with a low
axial velocity component. An example is shown in figure 20 which is the result of a laser
Doppler velocimetry spanwise survey at two chordwise locations on a delta wing in incompres-
sible flow (Ref. 24). The ordinate plots the nearly) axial component of the velocity avid
the dramatic stagnation of the flow is clearly seen. As the angle of incidence increases
further, the location of the vortex bursting point moves toward the apex as shown in figure
21 (Ref. 2S), gradually reducing the effect of the vortical flow on the lift curve (The dis-
crepancies between the results observed in air and in water should be noted; undoubtedly
they may be ascribed to a difference in Reynolds number, although differences in the defini-
tion of the location of bursting may have played some role). No complete theory of vortex
breakdown Is available at present. However, it has bpen shown that a stable leading edge
vortex entering a region of increasing pressure eventual!., is transformed into a highly
unstable vortex (Ref. 28). This explanation is consistent with a number of experiments
(see e.g. Ref. 15) in which the introduction of a probe into the Ynrtex core may induce
breakdown, depending on wing incidence, and the presence of a burst vortex on a delta wing
has been noted just upstream of an imbedded shock in high subsonic flows. More recently

a different point of view has been taken (Ref. 29). One asks under what conditions can a
stable vortex exist near the apex of a delta wing. A stability boundary has been derived
outside of which the leading edge vortex can no longer be stable. The theory dnes not pre-
dict how far downstream from the apex bursting will occur; only whether or not at instabi-
lity is present. Figure 22 shows the essential results and compares them with experfieental
observations (Ref. 17). The theoretical and experimental trends are clearly in good agree-
ment and quantitative agreement may be said to exist for AR - 1.5. As the theory is based
on the slender body assumption, and as this assumption Is less valid at larger aspect
ratios, the divergence between theory and experiment Is not surprising.

Compressibility has a marked effect on the phenomenon of vortex bursting on delta
wings, as reported first in reference 30 and later in references 15 and 31. These authors
noted that at high subsonic Mach numbers, the bursting point literally "jumps" to mid-chord
at an incidence angle which, as usual, depends on aspect ratio. The effect is Illustrated
on figure 23 by the variation with incidence of the pressure coefficient for each of 5
pressure taps located on the 60% ray of a sharp-edged wing of AR - 2. Increasing the
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incidence to 16.80 resulted in the expected increase in suction; at 16.90 the vortex on
the lift side suddenly burst, markedly affecting the suction up to the 50t chord. At the
same angle, within experimental error, a similar force model exh4bited a marked change in
normal force and pitching moment. At 1.50 greater incidence the vortex on the right side
burst at approximately the same location. On decreasing the incidence from an initially
large value, a hysterisis was noted; the vortex which was the last to burst on increasing
the incidence became the first one to suddenly reestablish its low-incidence character.
An example of its effect on CN is shown in figure 24 (Ref. 31). A summary of the results
for different aspect ratios and Mach numbers is shown in figure 25 (Ref. 31). It may be
concluded that an increase in Mach number and a decrease in aspect ratio amplify these
effects. In the study described above, one vortex (the same one) always burst prior to
the others. With the thought that this might reflect an initial yaw angle, a series of
tests were carried out at different yaw angles. With sufficient yaw (a few degrees), the
opposite vortex would indeed burst first. However, we were never able to have both vor-
tices burst simultaneously. The unstable nature of the vortex bursting phenomenon was
exemplified by a process which the author of reference 15 called "flickering"; i.e., at
the critical angle for which the vortex bursting point suddenly appeared on the AR - 2
wing, we frequently could observe, both by means of pressure measurements, balance output,
and schlieren, a random fluctuation between the two extreme cases of trailing edge burst
and mid-chord burst. The term "flickering" was coined because the switching from one ex-
treme to the other appeared as a sudden change in illumination level on the schlieren
screen, which was not unlike that of a flickering lamp. It is interesting to note that
this effect could not be observed on an AR = 1.26 wing. Finally, since good agreement on
the critical angle for bursting was found for both the force model supported by a straight
rear sting and the pressure model supported by a blade, the influence of the support was
evidently small.(Support effects can be important in studying the vortex bursting pheno-
mena as emphasized in reference 32).

To the best of the author's knowledge, no theoretical description of vortex bursting
which takes into account compressibility effects has been developed.

In summary, a good understanding of compressibility effects on simple-sharD-edged
delta wings is now available at incidences up to the point at which vortex bursting occurs.
That phenomenon, as well as the very high incidence fully-stalled flow, remains a source

of research work, even in the incompressible case.

5. STRAKE-WING COMBINATION

Although not strictly a "simple" shape, the flat sharp-edged strake-wing combination
is composed of two simple planforms discussed previously: the delta wing and the trapezoi-
dal wing, and its importance in high angle-cf-attack aerodynamics is well known. Recent
reviews may be found in references 25, 33 and 34. At low incidence, i.e., 3*-5*, the
sharp-edged flat-profile strake-wing shown in figure 26 exhibits the typical vortex shed
from the leading edge of the strake. When the vortex reaches the junction between the
strake and the main wing, it is partially entrained along the leading edge. As discussed
in references 29 and 35, the sidewash induced by the strake vortex at the leading edge
"kink" (the junction between the strake and wing leading edges) increases the effective
sweepback-angle of the main wing. The sidewash triggers, at somewhat higher angles-of-
attack, e.g. 6*-12*, a new vortex generated at the kink which moves downstream making a
larger angle to the freestream than the strake vortex. This "kink" vortex is clearly seen
on figure 27 (Ref. 36) and its effect on the flow field is quite pronounced as seen in pres-
sure plots at different chordwise locations on a strake (77.5" sweepback) - wing (270
sweepback) examined in reference 9. One example appears in figure 28; it should be com-
pared with figure 6 which was recorded for the same wing without strake. At about 18*
incidence, the effect of the strake and kink vortices suddenly disappears, possibly due
to the bursting of the strake vortex.

Compressibility alters the flowfleld in a way which is not easy to quantify. As
shown in figure 29, again from reference 9, the suction by the strake itself is reduced,
as expected; however, the kink vortex is reinforced. A close examination of pressure
plots at numerous incidence angles leads one to conclude that compressibi'ity also changes
the range of incidence in which the effects described earlier occur; e.g., as the Mach
number increases, the kink vortex produces its maximum suction at lower angles-of-attack.
The overall result of the leeward and windward pressure distributions is shown in figure
30 in the form of a normal force coefficient. The beneficial effect of the strake
(whose area is only 10% of the wing area) is clearly seen. Compressibility acts to in-
crease CN, at least to 20" incidence, and the largest fractional increase in CN with a
change in Mach number from 0.42 to 0.83 occurs in the vicinity of 7", which is consistent
with the pressure plots shown earlier.

While the flow on a simple planform such as strake-wing represents an interesting ex-
ample of synergism in that the two components together exhibit enhanced aerodynamic char-
acteristics, the final application always involves a volume element which will produce
additional favorable or unfavorable interference effects. Long forebodie

° 
Ind/or wings

whose span relative to the body diameter is not very large may lead to flow fields on the
main wing and overall aerodynamic characteristics which are different from those described
above. An example, typical of a missile application because the total span is only three
times larger than the body diameter, is shown in figure 31. The forebody, an ogive cylin-
der has an i/d - 12 upstream of the strike apex and the strake area is 10% of the wing
area (Ref. 38). Again, the beneficial effect of the strake is clearly seen, but now the
influence of the body vortices, discussed in the next section, and the body-wing inter-
ference must also be considered. Compressibility effects are less important for the full
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configuration than for the strake-wing alone as may be seen by a comparison with
figure 10.

6. OGIVE-CYLINDER BODIES

The flow around bodies of revolution at incidence is considerably more complex than
the flow considered in the earlier sections because separation is not fixed at a salient
edge. Thus, the Reynolds number plays a dominant role, in particular by determining
whether the separation is turbulent or laminar and thereby influencing its location. A
long slender body pitched through the range of incidence from 0* to 90' will give rise to
four distinct flowfields as shown in figure 32 (Ref. 39). At very low incidence, the flow
is largely attached over virtually the entire body, with the exception of the base, and
linear inviscid aerodynamics provides a reasonable prediction of such quantities as normal
force and center of pressure. As the incidence is increased, the crossflow component be-
comes important and this leads to boundary layer separation and the formation of symmetric
vortices which give rise to a nonlinear lift component. At still larger incidence , the
crossflow component dominates the axial component and the vortices become asymmetric.
Since their effect on the leeside surface is also asymmetric, side forces and moments ap-
pear at zero sideslip. Finally, as the incidence approaches 900, the boundary layer is
shed as periodic von Karman vortices or as an unsteady wake; in this regime, unsteady side
forces will be experienced by the body. The boundaries for the onset of these regimes
depend on the length of the body as shown in figure 32 and more specifically on the fine-
ness ratios of both the nose and the body as illustrated in figure 33, also from reference
39. Figure 34 is a visualization of such flows in a water tunnel (Ref. 41). The change
in the trajectories of the vortices with incidence is clearly noted, and the question
posed for the designer of aft-mounted control surfaces is evident from the cross-flow
ohotos: how to predict the strength and location of these vortices in the asymmetric case
so that their effect on the control surfaces can be estimated?

A number of reviews on the subject of nose-cylinder flows at high incidence have
appeared in recent years, among them references 42-44. The authors point out the impor-
tant influence of nose geometry; surface roughness in the nose-tip region; body spin,
coning, and pitching; Reynolds number and Mach number in predicting the boundary between
the symmetric and asymmetric vortex regimes, as well as the aerodynamic effects in the
asymmetric regime. Only the effect of the latter parameter will be summarized here.
Figure 35 illustrates the effect of Mach number on the leeside flow regimes experienced
by a circular body of approximately 10 d length (Ref. 42). As the crossflow Mach number
approaches unity, the vortices near the base become elliptic and, at larger Mach numbers,

change into free shear layers. The shed vortices are ciustered near the nose. The lee-
side surface pressures become progressively smaller at high supersonic Mach nu;-bers and
thus, even though the flowfleld may be quite complex, its effect on the resulting forces and
moments becomes small. The normal force coefficient, shown in figure 36 (Ref. 45), has
the typical variation with incidence and Mach number that we have come to expect in flows
with leeside vortices: a linear region up to .5 degrees incidence followed by a nearly
sin

2
. dependence to approximately 50 degrees after which important unsteady wake effects

dominate the picture. CN increases with increasing Mach number to about M_ - 1.2 and
decreases with increasing supersonic Mach number. Rowever, a recent study suggests that
the dependence is somewhat more complicated; namely, CN increases with M. to a least
Mach 2 (the limit of this study) for i < 30o but reaches its peak value at Mach 1.5 for

> 300 (up to at least 58*) for values of nose fineness from 1.5 to 3.5 on a 13 d body
(Ref. 46). The interesting features of this flow are observed when the vortices become
asymmetric. While the Mach number has little influence on the angle of incidence at which
the asymmetric vortices and the resultant side forces first appear (the "onset" angle), it
has a strong effect on the maximum value of the side force as seen in figure 37 (Ref. 47)
and figure 38 (Ref. 39). It is clear from the former that the maximum side force, which
seems to be associated with the shedding of the first vortex (Ref. 48), for long-nosed
bodies decreases markedly with Mach number, and from the latter that the rate of disap-
pearance of this effect depends strongly on the nose fineness ratio. One explanation
that has been offered (Ref. 42) is that at a crossflow Mach number above 0.4 the super-
critical/subcritical geometry for asymmetric separation cannot be formed because the asym-
metric leeside flow cannot communicate its influence to the separation region through the
local supersonic pockets. In summary, vortex-induced side loads on ogive-cylinder bodies
decrease with increasing subsonic crossflow Mach numbers above 0.4 and become negligible
when the crossflow Mach number is supersonic.

7. CONCLUSIONS

This paper has considered the flows around bodies of very simple shapes; for the most
nart they are characterized by separation from a salient edge. Nevertheless, due to the
relatively small aspect ratios and large incidences, the resulting flow fields are highly
three dimensional, frequently involving a strong interaction between vortices and separa-
tion bubbles - both clused and open. While remarkable progress has been made in develop-
ing computational techniques to predict the relevant aerodynamic characteristics, practical
codes are still restricted to Prandtl-Glauert-type applications; i.e., modest incidences
at modest Mach numbers, and viscous effects, secondary separation, vortex cores, etc, are
neglected. Thus, considerable latitude remains for the clever experimentalist and the
wind tunnel design engineer.

Fortunately, Mach number does not generally play a dominant role in determining flow
field structure, except In highly supersonic flows where the leeside conditions are of
much less importance in determining overall aerodynamics. As such, water tunnels and low
speed tunnels will continue to be used extensively. There are, however, two phenomena



which seem to be sensitive to Mach number and deserve further study: vortex bursting and
the very high incidence stall regime on low aspect ratio wings. In these cases, the water
tunnel must be suoplemented by good flowfield visualization techniques in high speed tunnels.
Because of the sensitivity of these phenomena to adverse pressure gradients and other free
stream non-uniformities, non-intrusive measurement techniques should be used for quantita-
tive studies and sting/tunnel interference effects snould be carefully examined.
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FIG. I - Oil flow and skin friction lines on an AR=1 rectangular plate
at 16* incidence (Ref. 2).

FIG. 2 - Leeside pres-

sure distribution on
an AR-1 rectangular
plate (Ref. 4)
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1. ABSTRACT

This lecture presents a review of some of the fiuil dynamics lhenomena that are
associated with the oscillatory flight at hiuh anoles of attack, with particular emphasis

on asymmetric shedding of forebody vortices, asvmrct: *,. reaklown of leading edge
vortices, the oscillatory motion of such vortices, ,r 4 time lag Letweer the Motion
of the vortices and that of the aircraft. These 1 h, no v;, ause a number of important
effects on the dynamic stability parameters at hich a, : attack (hinh ), such as
strong non-linearities with t, significant static and d'inam - aerodynamic cross-coupling,
large time-dependent effects and a strona confiovratron i-: ln. c". The :;.jortance of
these effects on the prediction capabilities ,f aircra.t b'v1 via i a, hiqh is discussed

and some of the new wind tunnel testing techri;u.s r,-;r,- ' iet,r-ine hese effects
are briefly described. The oral presentatin is i 1s';3' to s,.' ral i c mrevi
films.

2. UNSTEADY AERODYNAMICS PHENOMENA

As already described in considerable deta.l ir: the ithr tt, rts in this series,
an aircraft or a missile flying at high anqles o! attaci es; ,rit- ces a variety of complex
aerodynamic phenomena that usually are non-existent or have much less siqnificance at

lower angles of attack. These phenomena encompass all kindis f transitional, separated
and vortical flows over the body, the wings and the contro, surzfaces cf the aircraft or
missile. Of particular interest for this lecture are those flow phenovsena that signi-
ficantly vary with the angle of attack and that, at high enough values of that parameter,
can cause asymmetric effects even if the aircraft itself continues to head symmetrically
into the wind (i.e. has zero sideslip). Two of the most important phenomena of that
kind are (1) formation and asymmetric shedding of forebody vortice 'r,d (2) formation
and asymmetric bursting of wing leading-edge vortices.

The complexities of the development and the structure of vortical flows on
configurations at high angles of att]ck have already been discussed at some length in
this Lecture Series. What makes the corresponding situation on a ,configurations
particularly involved is the introduction into this already complex picture of the time
element. The forebody vortices will now change their lateral and vertical positions as
functions of the angle of attack, which itself is a function of time. Similarly,
leading-edge vortices will periodically vary the longitudinal location at which they
burst. The various components of the aircraft or missile, such as the fin(s) and the
horizontal stabilizer, will move in and out of the local flow regions in which they are
embedded. To make matters even more complex, all these motions will take place not in
a manner simultaneous with the motion of the aircraft, but with a certain delay, mainly
due to the convective time lag. This delay is a function of the distance of the station
under consideration (say, at the fin) from the station at which a particular flow
phenomenon originates (say, at the vicinity of the nose, in the case of forebody vortices).

The response of the forebody vortices to the oscillatory pitching motion of a cone-
wing configuration is illustrated by flow visualization motion pictures made in the NAE
water tunnel. The periodic lateral motion of the vortices as well as the time delay
between the motion of the vortices and that of the model are clearly visible. Another
movie film, made in the Northrop water tunnel, shows the oscillatory longitudinal
displacement of the location at which vortices emanating from the leading edges of a
highly swept delta wing burst as the wing oscillates in roll (and as it thereby
periodically increases or decreases the effective angle of attack on each half of the
wing). The models in both these movie films are all the time at a zero angle of side-
slip and the asymmetric phemonena just described occur only when the mean angle of
attack is sufficiently high.

It should be noted that the above flight conditions are not the only ones under
which asymmetric flow may occur on an aircraft. An additional, obvious flight condition
of this kind is one when an aircraft flying at lower angles of attack is exposed to a
finite angle of sideslip. Since this is encountered quite frequently, the remarks in
this lecture that deal with the effects of flow asymmetries have a rather general applica-
tion. As already discussed elsewhere in this Lecture Series the phenomenon of vortex
burst is quite sensitive to the sweep angle of the wing and therefore is also strongly
dependent on the angle of sideslip. An aircraft flying at an angle of attack sufficiently
high for the occurrence of vortex bursts on the wings, will experience a differential
longitudinal displacement of the vortex burst location on its two wings in response to
a changing angle of sideslip, such as occurs during an oscillation in yaw, roll, or a
lateral oscillation. Even if an aircraft flies at an angle of attack below the one for
the onset of vortex bursts, an oscillatory variation in the instantaneous angle of
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sideslip may under some circumstances cause a corresponding periodic occurrence and
differential longitudinal displacement of the vortex bursts. In this regard a high
angle of attack can to some extent be considered equivalent to a combination cf a some-
what lower angle of attack and a finite angle of sideslip.

Similarly to what is the case in steady high-i flight conditions, also the
aerodynamic phenomena at high a exhibit significant dependence on both the Mach nucnber
and the Reynolds number. For instance, on a pointed slender body the vortex-induced
lateral reactions decrease with an increasing subsonic crossflow Mach number above 0.4
and become insignificant at supersonic crossflow Mach numbers. The maximum such reac-
tions occur at a critical Reynolds number where subcritical conditions prevail on one
side and supercritical on the other. On a body at zero sideslip these vortex-induced
asymmetric reactions can often be reduced and sometimes even eliminated by the use of
small nose bluntness, nose boom, nose strakes or forebody trips. Reynolds number effects
on vortex shedding can be further modified by the body motion, such as spin, coning or
pitching, particularly so in situations where boundary layer transition is present.

3. EFFECTS ON DYNAMIC STABILITY PARAMETERS

The aforementioned high-a flow phenomena have large effects on all the aerodynamic
characteristics of the aircraft including, of course, the static and dynamic stability
parameters. For dynamic stability considerations, which are the subject of this
lecture, the most important such effects are:

(a) large non-linear variations of stability parameters with angle of attack, angle
of sideslip and rate of coning,

(b) significant aerodynamic cross-coupling between longitudinal and lateral degrees
of freedom,

(c) time dependent and hysteresis effects,

(d) strong configuration dependence.

We will now discuss these effects in some detail, following - to a considerable

extent - the presentation of Ref. 1 by the present author.

3.1 Non-linearities with Angle of Attack

Large variations with the angle of attack of the various complex flow features
discussed in the previous section frequently cause significant non-linearities in the
dynamic stability parameters. Some examples of these non-linearities are presented in
Fig. 1. In the top row, the three damping derivatives are shown, as measured at NAE for
a wing-body configuration at a Mach number of 0.7 (Refs. 2-3). The curves amply
illustrate both the magnitude and the suddenness of the variations with angle of attack.
It can be appreciated that if the angle of attack about which the oscillation takes
place happens to be in the region where a sudden change in a derivative occurs, large
effects of the amplitude of oscillation may be expected. In cases like this the
derivative concept can only give an equivalent linearized description of the depcnder.ce
of the aerodynamic reaction on the variable of motion and a better mathematical formula-
tion may be needed.

Non-lineaz effects were also measured at NASA Langley (Ref. 4) for fighter aircraft
at low subsonic speeds (Fig. lb). The damping-in-yaw derivative exhibits a very sudden
and very large unstable peak at angles of attack about 600. This is usually the result
of the vortex pattern that is associated with long, pointed forebodies. The damping-in-
roll derivative shows marked irregularities and a large dependence on the amplitude of
oscillation at angles of attack between 25* and 45*. The smaller the amplitude of
oscillation, the more pronounced is the local instability in roll. It has also been
observed (although not shown here) that a decreasing oscillation frequency sometimes has
a similar destabilizing effect. These results are probably associated with the flow
separation and loss of lift on the downward-moving wing and, in some cases, may be
responsible for the occurrence of wing rock.

Equally dramatic non-linearities with angle of attack occur also in other dynamic
derivatives, such as the familiar cross derivatives (Ref. 5) between the rolling and
yawing degrees of freedom shown at the bottom of Fig. 1. It is interesting to note from
Ref. 5 that the angle of attack at which these peaks occur is largely independent of
both the wing sweep angle and the presence of vertical tails. (The height of the peak,
however, is decreased when the vertical tails are off and when the reduced frequency is
increased.) This suggests that the primary mechanism for these effects is associated
with the existence and motion of the forebody vortices.

A set of yawing and rolling moment derivatives obtained from rotary-balance experi-
ments for a current combat aircraft (Ref. 6) is shown in Fig. 2. The measured roll
damping compares favourably with flight test data (up to 201), but shows a non-linear
behaviour at higher angles of attack which is different from estimates based on static
wing pressure measurements. The measured yawing moment derivative, on the other hand,
shows a much smoother variation with angle of attack than the predicted one, but
exhibits a well pronounced peak totally absent in the estimates. In both cases the no,-
linearities are significant and, on the whole, not satisfactorily predicted.



3.2 Non-Linearities with the Rate of Roll (Spin, Coning)

Considerable non-linearities with spin rate, together with important effects of
both angle of attack and Reynolds number are shown in Fig. 3, where the nose side-force
coefficient for a model with a square forebody cross-section but with rounded corners
is shown as a function of the spin rate at a = 750 and for various Reynolds numbers.
These experiments, performed at Ames Research Center (Ref. 7), show a strong non-linear
prc spin contribution at all but the two lowest Reynolds numbers investigated. No such
pro-spin contributions were detected at -, = 450,

Anothe: example (from Ref. 8) of large non-linearities with spin rate is shown in
Fig. 4. Pitching, rolling and yawing moments for a series of general aviation models at

= 600 are shown versus reduced spin parameter. The non-linearity is pronounced and
the sense of the rolling and yawing moments can change with rotation rate from auto-
rotative to damping. The pitching moment increases by as muzh as 50 percent over the
static value, primarily due to the effect of the horizontal tail.

3.3 Non-linearities with Angle of Sideslip

An interesting set 6f kollieg moment data as functions of the reduced roll parameter
was recently obtained at the Langley Research Center (Ref. 9). The data were determined
by means of rotary-balance experiments (in which the rotation takes place about the wind
axis) at several values of the angle of attack W,) ar of the angle of Sideslip ().

Some examples of the results are shown in Figs. 5-7. It can be seen that the rolling
moment varies linearly with the reduced roll rate at lower angles of attack but becomes
non-linear at . = 300. The slope of the curves represents the damping in roll and is
negative for positive (stable) damping and vice-versa. At = 10' the damping is
positive for all investigated. At = 20' and 300 the damping is negative at small
but positive at higher t. A set of curves (Fig. 8) constructed by combining t'e above
results with the results of some forced-oscillation experiments shows the variation of
the damping in roll with the magnitude of sideslip for different angles of attack. The
damping in roll changes from unstable to stable in the range of 50 to 70 of sideslip.
Concurrent flow visualization studies have indicated that this effect is associated with
the upward displacement of. the leeward vortex from the surface of the upgoing part of
the wing, whil,, the windward vortex remains close to the upper surface of the wing. A
non-linear simulation using the data of Fig. 8 yielded a wing-rock motion in close
agreement with the results of a free-to-roll experiment, as can be seen in Fig. 9 w- re
the comparison is shown in terms of the limit cycle amplitude, (

1
) WR' and the period, PWR'

of the wing rock observed at various angles of attack, Fig. 9 also shows the results of
an approximate analytical solution based on a simplified linear variation of the damping
in roll with the magnitude of sideslip.

3.4 Aerodynamic Cross-Coupling

The high-, flow phenorr-na discussed in Section 2 illustrate cases where (a)
aerodynamic reactions (such as those ca sed by the lateral motion of the forebody
vortices) may occur on an aircraft as the result of some ;::ii',il motion such as
pitching or vertical translation, and where (b) .7'iv :1,ui>: aerodynamic reactions
(such as those caused by the longitudinal motion of the vortex burst locations) may occur
on an aircraft as a result of some Zater~a motion, such as rolling, yawing or lateral
translation. Because of this relation between the longitudinal and lateral degrees of
freedom, the above aerodynamic reactions can be said to represent the aerodynamic cross-
c~uplio between the longitudinal and lateral degrees of freedom. As already mentioned,
the cross-coupling reactions are in general shifted in time in relation to their
causative motions and therefore will have components which are both in phase and in
quadrature with these motions. When related to the causative displacements and their
time rates of change, these components of the cross-coupling reactions become static and
dynamic *rrs-'Zn 0 '€ri ,a i, respectively. (The term 8rcss lerivitives should,
however, still be used to denote the traditional derivatives that relate two lateral
degrees of freedom, such as roll and yaw.) It should be noted that the introduction of
cross-coupling derivatives requires simultaneous consideration of a!: the equations of
motion of an aircraft, rather than of separate groups of equations for the longitudinal
and for the lateral motions, as often done in the past.

The concept of aerodynamic cross-coupling, especially in relation to the i.sii
stability derivatives, was introduced only relatively recently (Ref. 10). New experi-
mental capabilities had to be developed to permit the measurement of the pertinent
derivatives. Some of these new apparatuses are briefly described in Section 6. So far,
only relatively few measurements of this kind have been performed. Some examples of
the dynamic cross-coupling derivatives obtained on simple wing-body-fin configurations
(Refs. 3 and 11) are given in Fig. 10. From top to bottom, the dynamic yawing and
rolling moment derivatives due to oscillation in pitch are shown, followed by the
dynamic pitching moment derivatives due to oscillations in yaw and in roll. The angle
of sideslip in these examples varies. In all cases, the derivatives are relatively small
for low angles of attack but attain large values and display sudden variations at angles
of attack between 150 and 20*, and - except for the bottom example, which was obtained
for a slightly different configuration - become quite irregular at higher angles of
attack, especially in the region between 32* and 380. Both the levels attained and the
suddenness of variations is larger for the derivatives of the lateral moments due to
oscillation in pitch than for the pitching moment derivatives due to oscillations in yaw
and in roll. It should be noted that these cross-coupling derivatives may be of the

,, - -
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same order, and sometimes even larger, than the corresponding traditional damping
derivatives (except for the damping-in-pitch derivatives at high angles of attack), such
as previously shown in Fig. 1. The same conclusion can also be reached when comparing,
instead of the derivatives, the corresponding terms in the pertinent equations of motion
(Ref. 2).

As can be expected from basic aerodynamic considerations, the direct and the cross
derivatives should be symmetrical with respect to zero angle of sideslip, whereas the
cross-coupling derivatives should change sign with the direction of sideslip. This is
demonstrated in Fig. 11, where the three dynamic moment derivatives due to oscillation
in roll are plotted as functions of the angle of sideslip. The antisymmetric variation
of the cross-coupling derivative with the angle of sideslip is clearly visible. Another
example of such a variation is given in Fig. 9 of Ref. 2.

3.5 Time-Dependent Effects

In addition to quasi-stead effects, such as represented by derivatives of various
aerodynamic reactions due to angular velocities, we have to consider the existence of
purely 4nstead. effects, such as those represented by derivatives due to the time rate
of change of angular deflections, a or . These derivatives have been known for many
years, since they constitute part of the dynamic results obtained with standard wind-
turnel techniques of oscillation around a fixed axis, which always qive composite
derivative expressions such as (Cmq + C.). Up to now, however, it was standard practice

to ignore the ; and A effects (or to introduce a simple correction for them) and to use
the composite derivatives in place of the purely rotary ones. At low angles of attack
the error introduced by such a procedure was often small and the simplification large
enough to be justifiable.

At higher angles of attack, however, the a and I effects unfortunately become quite
substantial and can no longer be ignored or corrected for in a simple fashion. This is
illustrated in Fig. 12, where the composite derivatives obtained from oscillatory
experiments around a fixed axis are compared with purely rotary derivatives obtained
from experiments in a curved or a rolling flow (Ref. 12). The difference between the
two sets of results represents the unsteady effects due to the time rate of change of
the angular deflection (in this case of the angle of sideslip) and becomes quite
significant for higher angles of attack.

Derivatives due to the time rate of change of angular deflections are aero-
dynamically equivalent (in the first approximation) to derivatives due to transZationa:
acceZeration in the same plane of motion. This fact renders them of high interest for
aircraft designs using direct-lift or direct side-force controls and also makes it
possible to determine them experimentally using a translational oscillatory motion in
the vertical or lateral direction. Because of this relation, a and S derivatives are
often referred to as transtational acceZeration der-'atives.

3.6 Hysteresis Effects

High angle-of-attack flow phenomena such as asymmetric vortex shedding and vortex
breakdown (burst) are frequently responsible for aerodynamic hysteresis effects. Such
hysteresis is characterized by a double-valued behaviour of the steady-state aerodynamic
response to variations in one of the motion variables such as angle of attack, angle of
'sideslip or spin rate. Fig. 13 shows an a-hysteresis in the variation of location of
the vortex burst on a delta wing (Ref. 13) and an example of 6-hysteresis in the varia-
'tion of lateral aerodynamic coefficients for an aircraft configuration (Ref. 14).
Fig. 14 shows an example of an 0-hysteresis in the side-force coefficient on a previously-
mentioned (Section 3.2) square forebody with rounded corners (Ref. 7) rotating at
a = 90* (flat spin). [This hysteresis effect was not observed at a = 75* and below, and
even at u = 90

° 
it occurred only in a relatively narrow range of Reynolds number.)

'nother illustration of hysteresis effects is the delayed lateral motion of the forebody
vortices in response to pitching oscillation, as shown in the NAE water-tunnel movie
films, referred to in Section 2.

In the presence of such hysteresis effects the dynamic characteristics of an air-
craft can be expected to be strongly dependent on both the amplitude and the frequency
of oscillation. When conducting experiments in the critical range of, say,
25* < a < 400, it is advisable to obtain data (both static and dynamic) in very small
increments of angle of attack. Dynamic data may have to be determined not only at the
frequency of the primary motion but also at higher harmonics.

3.7 Configuration Dependence

The intricate vortex pattern that exists around an aircraft configuration at high
angles of attack is very sensitive to even small changes in aircraft geometry. So is
the behaviour of this vortex pattern on an oscillating configuration. The forebody
vortices are greatly dependent on the planform. and the cross-sectional geometry of the
aircraft nose as well as on the presence of various forms of protuberances on the fore-
body that may affect the stability of an existing vortex pattern, give rise to new
vortices and create conditions for strong vortex interactions. The wing leading-edge
vortices, in addition to being a strong function of the leading edge sweep as discussed
before, are also known to be greatly affected by various leading-edge modifications,
such as apex drooping, discontinuities or contouring, and by various modifications of
the wing itself, such as addition of wing leeside fences and deflections of leading-
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edge or trailing-edge flaps. All these variations of the geometry of a wing affect not
only the position and the strength of the wing vortices but also the all-important
location at which these vortices break down.

The most common modification of the aircraft geometry intended to eliminate or to
delay the onset of asymmetric effects is the use of forebody strakes. These strakes are
often combined with leading edge extensions (the so-called LEX) or with some suitable
modifications of the shape of the forebody. An example is presented in Fig. 15, where
the effect of a flat, broad nose (called the "Shark Nose") developed by Northrop (Ref.
14), on the variation with anole of attack of the dynamic directional stability parameter,
Cn6DyN , is shown. The Shark Rose geometry attenuates the unfavourable local reduction in

that parameter and at the same time extends this favourable influence on stability to
somewhat lower angles of attack. It has also been demonstrated in Ref. 14 (but is not
shown here) that the presence of Shark Nose enhances greatly the directional stability
at small non-zero angles of sideslip (161 < 5*).

A common method of ensuring a symmetrical shedding of forebody vortices at zero
sideslip is, of course, the use of forebody strakes. Although, when used alone these
strakes often prevent the formation of a unique vortex pattern at non-zero sideslip,
thereby seriously reducing the directional stability of the configuration, they can be
amazingly effective when used in combination with a suitable nose geometry. Fig. 15
presents the effect of the Shark Nose used together with a particular leading edge
extension (LEX), which can be considered to be a form of strake. It can be seen that
the negative peak in CnBDyN is almost totally eliminated and that the favourable influence

on stability now extends to both lower and higher values of angle of attack.

The effect of strakes (or leading edge extensions) on various dynamic stability
derivatives is presented in Fig. 16. In all cases the addition of strakes reduces the
magnitude of derivatives, practically eliminates non-linearities with angle of attack in
the range investigated (except for pitch damping derivative), and makes the derivatives
independent of reduced frequency (Ref. 15). The dynamic yawing derivative due to rolling
becomes essentially zero. The negative damping in roll (for a , 131), in pitch (for
12 < a < 23') and in yaw (for a > 11') completely disappears. It should be noted, however,
that the range of angle of attack investigated extends only to i = 25*, and that the
results have been obtained for only four values of a, leaving the possibility of
existence of undetected peaks.

As is well-known, however, strakes do have certain disadvantages. Their success-
ful development for a particular application may require much trial and error. They
often adversely affect the directional stability. If mounted near the tip of the nose
radome, they may disturb the radar operations. The strake vortices may adversely inter-
act with aircraft components further downstream, such as air intakes or control surfaces.
Therefore, alternative approaches continue to be of high interest.

4. SENiITIVITY OF HIGH-a AIRCRAFT MOTION TO DYNAMIC STABILITY PARAMETERS

Several studies have recently been carried out on the sensitivity of the predicted
aircraft (or missile) motion at high angles of attgck to.the inclusion in the equations
of motion of the cross-coupling and acceleration (C and f) derivatives and of the
taking into account the various non-linear effects. These studies were reviewed in
Ref. 16, from which some examples will be included in the present lecture.

Sensitivity studies are usually carried out (a) by programming, on a computer, a
complete set of equations of motion pertinent to a particular configuration and
particular flight condition, (b) by inserting a set of stability parameters, including
- if required - some non-linear effects, (c) by varying those parameters in a pre-
determined manner, and (d) by observing the responses of the variables of motion to some
form of disturbance applied to the set of equations. The stability parameters are
usually varied individually, but may also be studied in combinations. The difference
between responses obtained for two different values of a parameter or for two different
combinations determines the sensitivity of the aircraft behaviour to the variation of
that particular stability parameter or that particular combination of parameters.

As already discussed, both the cross-coupling and the acceleration derivatives, and
in fact most of the other derivatives as well, display significant non-linear effects
at higher angles of attack. Since an analytical description of the variation of a
derivative with angle of attack may be rather complex, it is often more practical to
limit the range of angle of attack for which the analytical description is made to the
immediate vicinity of the equilibrium angle ot attack and to assume that the derivative
varies linearly with a in that narrow range of angle of attack. Such a :', :'nerzz':
derivative can then be written as a + b (a T 

)
, where aT is the trim (or equilibrium)

angle of attack.

Dynamic derivatives that are subject to a sensitivity study are often varied in a
relatively wide range, such as from zero to perhaps twice the nominal value including,
in some cases, also a change of sign. It is important that during such a variation the
remaining derivatives be kept at their nominal values rather than zero, otherwise gross
misrepresentation and, in some cases, even an erroneous elimination of the effect of a
given derivative may result. Sometimes there may be some interest in investigating the
effect of a whole group of derivatives such as cross-coupling derivatives, by including
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or excluding the entire group all at once. In cases involving composite derivatives it
is often of interest to divide the total value between the two component parts in dif-
ferent proportions and to insert the resulting two derivatives at their proper place in
the equations of motion, as purely rotary and purely time-rate-of-change or accelera-
tion effects.

As already shown many years ago (Ref. 17), the inclusion or omission of the
derivatives in theoretical equations of motion can produce large differences in the
calculated dynamic stability characteristics. In particular, it was shown that when
composite derivatives obtained from oscillation experiments around a fixed axis were
used in place of the pure angular-rate derivatives and when the 6 derivatives were

assumed to be zero, the results varied significantly from the results obtained when all
pure derivatives (both angular-rate and lateral-acceleration derivatives) were used at
their proper place in the equations of motion. A further illustration of these results
was provided in Ref. 18, where calclations - using three-degree-of-freedom linearized
equations - were made for a hypothetical delta-wing fighter configuration in trimmed
flight at a = 200 and a = 280. The purely rotary derivatives used were obtained by the
curved-flow and rolling-flow test techniques, and the lateral acceleration derivatives
by a lateral oscillation test technique.

The results are shown in the table in Fig. 17. In Case I the true values of the
purely rotary derivatives were used and the 6 derivatives were omitted. In Cases 2 to
4, both the purely rotary and the ; derivatives were correctly included. In Cases 5 to
7 the a derivatives were added to the purely rotary ones to form composite derivatives,
similar to those that would result from oscillation around a fixed axis. These coippo-
site derivatives were then used in place of the purely rotary derivatives and the
ter-is in the equations were set equal to zero.

It can be seen from Fig. 17 that the inclusion and the proper use of the
derivatives, although of only minor significance at = 200 where the r derivatives
were rather small, had a very pronounced effect at = 28' where these derivatives
were relatively large. In particular, when the derivatives were used properly (Cases 2
to 4), the Dutch roll mode was absent, the roll mode was virtually neutrally stable,
the spiral mode was very unstable and two additional aperiodic modes were indicated.
This should be compared with Cases 5 to 7, where the improper use of the derivatives
resulted in an erroneous indication of a highly unstable Dutch roll mode, highly stable
roll and spiral modes, and no aperiodic modes.

The significance of cross-coupling moment derivatives was studied in Ref. 19 and is
illustrated in Fig. 18. The measured values of composite deiivatives were equally
distributed between their rotary and acceleration parts. The non-linear effects were
taken into account by local linearization. The cross-coupling derivatives due to
oscillation in roll were unknown at the time of the analysis and therefore set equal to
zero. The various angular rates (p,q,r,_ and 6) are shown as functions of time after an
initial disturbance in the angle of attack (Fig. 18a) and angle of sideslip (Fig. 18b).
The constant angular rates for the unperturbed case (po, qo, r0 ) are also shown. Had

the cross-coupling derivatives not been included, the rates p, r and 6 in Fig. 18a and
the rates q and a in Fig. 18b woyld have remained essentially constant. It can be seen
that the departures of p, r and 8 in Fig. l~a from their constant values is much larger
than the corresponding departures of g and a in Fig. 18b, indicating a much larger
effect of the cross-coupling derivatives of the rolling and yawing moments due to
pitching than of the cross-coupling derivatives of the pitching moment due to yawing.
Fig. 18 pertains to a 2g turning flight at i = 33*.

Although this lecture is mainly concerned with stability and motion of lirraft, a
brief mention has to be included about the corresponding studies related to the motion
of missiles. A comprehensive investigation of missile motion sensitivity to dynamic
stability derivatives has recently been completed (Ref. 20). In that investigation the
importance of dynamic stability derivatives for the simulation of motion of both bank-
to-turn and yaw-to-turn missile configurations was examined, using a six-degree-of-
freedom linearized stability programme.

Among the most pronounced effects due to the variation of a dynamic cross-coupling
derivative was that due to the variation of C, at high Mach number, high load factor

q
and relatively low altitude. Sample results showing the influence of that derivative
on the simulated motion of the yaw-to-turn missile are shown in Figs. 19 and 20. It Lan
be seen that the short period (S/P), dut h roll (D/R) and roll (R) modes are quite
sensitive to the variation of C over the range +500 (per radian) and that the dutch

q
roll sensitivity increases with an increasing load factor (Fig. 19). Even a variation
of C, within a much more narrow range (0 to -50) results in a large effect on the roll

q
rate time history (four times higher roll rates at C -50 than at C, - 0), as shown
in Fig. 20. q q

On the basis of sensitivity studies such as those described above and on the basis
of some additional studies included in Ref. 16, it has been shown that the inclusion in
the equations of motion of the cross-coupling derivative Ck (and to a lesser extent Cn )

and of the acceleration derivatives C and Cm may be important for the correct prediction



of the behaviour of aircraft and missiles at high angles of attack. it was shown in
these studies that the aforementioned derivatives in some cases could have an effect
on the predicted motion that was as large as that of some of the well-known damping and
cross derivatives. It was also shown that it is important to be able to separate the
purely rotary and the acceleration derivatives and use them in their proper places in
the equations. Furthermore, it was found that the cross-coupling derivative Cm is

relatively important for missiles but less so for aircraft, and that the cross-coupling
derivative Cm  appears to be insignificant in both these cases.

r

5. MATHEMATICAL MODELLING

The mathematical modelling used in most countries at the present time to describe
the aircraft flight history applies strictly to flight at small to moderate angles of
attack, where non-linearities are small,time-dependent effects insignificant and aero-
dynamic cross-coupling non-existent. In view of the complexity of the aerodynamic
phenomena reviewed in Sections 2 and 3 and the effects on the forces and moments that
govern the behaviour of flight vehicles at high angles of attack a much more sophisticated
modelling is obviously required.

Substantial progress has recently been made in this area. A generalized formula-
tion which includes the non-linear pitch-yaw-roll coupling and non-linear coning rates
is now available (Ref. 21). Time-history and hysteresis effects have now also been

included in that formulation (Refs. 22 and 23). Among things still to be done is an
adequate modelling of the suddenness with which the aerodynamic reactions may vary with
the angle of attack or sideslip, and a satisfactory verification of some of the more
advanced mathematical models. The verification should be conducted by determining a
complete set of stability parameters for a particular configuration, by predicting a
series of maneuvers and by comparing them with the actual light histories. One of the
principal difficulties in conducting such a verification at the present time is the lack
of complete static and dynamic aerodynamic data for the required test cases.

6. NEW DYNAMIC STABILITY TEST TECHNIQUES

The determination of a complete set of static and dynamic stability data for a
test case of a high-angle-of-attack flight requires the development and the availability
of novel test techniques with the following, greatly expanded capabilities:

to test at high angles of attack, and to carry the associated high loads,

* to measure dyndmic cross-coupling derivatives,

to measure effects aue to c and A,

* to measure effects due to coning and continuous rolling,

to test at large amplitude of oscillation, particularly in the case of

oscillation in roll

A fairly complete review ofexisting testing techniques for determination of dynamic
stability parameters in a wind tunnel was given by the present author in Ref. 24. This
review included the significant developments that have taken place in the last few years
at several research establishments in various countries of the world, and notably those
at NASA Ames, NASA Langley, AEDC, RAE Bedford, BAC Warton, DFVLR, ONERA and NAE. Since
the development of experimental techniques plays such an important role in our progress
towards obtaining better prediction capabilities of the aircraft behaviour in high-angle-
of-attack flight, this topic clearly deserves to be mentioned in the present lecture.
As an example, a brief account will be rendered of the techniques presently available
at the National Aeronautical Establishment (NAE) in Ottawa, which may be considered as
fairly representative of the new experimental trends in this field.

In Fig. 20 a list is presented of the presently available three full-model and two
half-model apparatuses that can be used to study the primary oscillations in five degrees
of freedom, providing means to determine all the moment derivatives and some of the force
derivatives associated with these motions. Both static and dynamic derivatives are
included and the list encompasses the direct, cross and cross-coupling derivatives, as
discussed before. It should be noted that in all cases the derivatives are obtained
from a direct measurement, which is based only on an assumed relation between the aero-
dynamic reaction measured and the causative primary motion. Often this relation is
linear, but can be replaced by a non-linear or higher order formulation, if the need
arises. Since the motion is essentially in one degree of freedom, the measurement is
independent of the remaining parts of the equations of motion and therefore the results
may be expected to be valid for any formulation of these equations as long, of course,
as the principle of superposition is still applicable, that is as long as the concept
of stability derivatives can be used.

In all the full-model apparatuses the model is mounted on a balance that in turn
is attached to an elastic support system capable of deflecting in the appropriate degree
of freedom. The primary motion is imparted by an electro-magnetic drive mechanism which
oscillates the model with a constant amplitude at the resonance frequency in the primary
degree of freedom. Each balance has a multi-component capability (but always without



axial force) and is made in one piece - a most desirable feature for dynamic testing.
Each drive mechanism utilizes a high-current coil (or coils) moving in a strong magnetic
field that is generated by compact rare-earth permanent magnets. As a result, the
apparatuses are relatively slender and permit testing of realistic models of current
aircraft configurations. An example of the NAE oscillatory apparatuses is the present
pitch/yaw apparatus, shown in Fig. 22.

The high complexity of the aforementioned techniques and the lack of any previous
data on some of the recently identified dynamic derivatives made it necessary to develop
a system that would independently verify the validity of the experimental technique and
data-reduction methods employed. The same system was also conceived as a diagnostic tool
to identify, on a regular basis, equipment faults or software errors. A pictorial view
of such a system developed at NAE and called a !a-ic cibrator, is shown in Fig. 23.
The aircraft model is replaced on the dynamic stability apparatus by a special cali-
brating frame (or "rotor"), which is then oscillated in the primary degree of freedom
by the drive mechanism of the apparatus. The inertia characteristics of the rotor
duplicate, at least approximately, the inertia characteristics of the model, resulting
in a similar dynamic response of the rotor and of the model in all three degrees of
freedom. The three oscillatory aerodynamic moments, that act on the oscillating model
during a wind tunnel test, are simulated by accurately known, electromagnetically
induced, a~tern~ting loads, whose phase and amplitude can be adjusted at will. A
comparison between the known applied loads and the outputs of the dynamic stability
apparatus, obtained by processing the balance data and other relevant information by
means of the same procedure as in the wind tunnel experiments, provides an overall
calibration of the technique and of all the mechanical and electronic systems involved.
Other dynamic calibrators, simpler but based on similar principles, have been developed
for the half-model dynamic apparatuses.

A dynamic apparatus based on the principle of crtitaZ fxed--r1r.e -otio (Ref. 25)
is now being designed at NAE. An orbital motion is called a fixed-plane motion if the
model is rotated in such a way that its transverse axis remains at all times in a plane
that maintains a fixed orientation in the inertial frame of reference. The two special
cases of that motion that are important for the determination of stability derivatives
are illustrated in Fig. 24. These are:

(a) Pure Translation - the model performs a combination of a vertical oscillation
and a lateral oscillation. The two motions are 90" out of phase. No rotation is invol-
ved. All the position angles are constant and all body angular velocities are zero.
Only the aerodynamic angles are variable. With proper, rather complex, experimental
procedures the dynamic derivatives due to i and 6 can be determined.

(b) Pure Rotation - the model axis is tilted through the angle induced by the
orbital motion; the model continuously follows the velocity vector during a circular
translation. As a result, the model performs a combination of a pure pitching oscillation
and a pure yawing oscillation. The two motions are again 90* out of phase. In the
ideal case (not excessively large angles of attack), all the aerodynamic angles remain
constant and the roll rate is zero. The dynamic derivatives due to pure pitching (q) and
due to pure yawing (r) can be determined.

In addition, by suitably locking the model to the rotating sting, the apparatus may
also be used for steady rolling and coning experiments. Thus, with a single apparatus
and three experiments, it may be possible in the future to obtain all the moment deri-
vatives due to p, q, r, A and 9, i.e. the results for which at the present time three
different apparatuses and five experiments are needed. With the model locked to the
sting the apparatus will also be able to produce the aerodynamic coefficients as func-
tions of rotation rate, i.e. the information normally obtainable from rotary-balance
experiments.

7. CONCLUDING REMARKS

In this lecture a review was presented of some of the aerodynamic phenomena
associated with the dynamic behaviour of an aircraft flying at high angles of attack
and of the various effects that these phenomena have on the dynamic stability parameters
of aircraft or missiles at those flight conditions. Although only very limited
quantitative information on these effects is available at the present time, a tentative
assessment was offered of the relative significance of the various effects and para-
meters. The deficiencies of the commonly-used mathematical models of the aerodynamics
of high-angle-of-attack maneuvers were pointed out and the need was postulated for the
development and verification of more sophisticated models, that would probably have to
include significant non-linearities, aerodynamic cross-coupling and time-dependent
effects. Finally, recent developments in the wind-tunnel techniques needed to provide
the aerodynamic inputs required for such more advanced mathematical modelling were
discussed and illustrated by examples of some of the novel techniques that have been
and are being developed at the lecturer's laboratory.
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VORTEX BREAKDOWN

E. Wedemeyer

DFVLR-Gottingen, Germany
VKI Visiting Professor 1980-1982

SUMMARY

The different forms of vortex breakdown are considered. Experimental results, theo-
retical explanations, and predictions are discussed with emphasis on vortex breakdown over
wings with highly swept leading edges.

NOTATION

C ,Cz  non dimensional velocity gradients (eq. 20)

f amplitude of disturbance wave (eq. 12)

h (total head) (eq. 6)
k circulation = rv (eq. 7)

K profile parameter

e" chord length

r,o,z radial, circumferential and axial coordinates, respectively

R radius of the vortex core

S momentum flux

u,v,w radial, circumferential and axial velocity components, respectively

U,V,W velocity components of the basic flow

zE  distance of breakdown position from apex

angle of incidence

wave numbers in axial and circumferential directions, respectively

A aspect ratio of delta wing

small perturbation of the stream function

PB angle of sweep back

41 swirl angle, tan* -

*max maximum swirl angle

stream function

St angular velocity of rigidly rotating approach flow

1. INTRODUCTION

The term "vortex breakdown" denotes the abrupt change of the flow structure which is
frequently observed in vortex flows. The phenomenon of vortex breakdown or vortex bur-
sting, as it is sometimes called, was described first by Peckham & Atkinson (1957) who had
observed the breakdown of leading edge vortices over wings with highly swept leading edges
when the angle of attack exceeded a critical value.

Becauqe of its unusual nature and its implications on aircraft performance, vortex
breakdown has become a field of intense research. A typical example of vortex breakdown
is shown in figure I which is a photograph of the flow over a delta wing taken in the hy-
drodynamic tunnel at ONERA by Wer1L (1960). The flow has been made visible by the injec-
tion of dye near the tip of each of the leading edge vortices. Following the dye filaments
as they move in tight spirals about the axis of the vortices we observe at a certain dis-
tance fromthe apex an abrupt change in the structure of the flow. The streamlines origi-
nally near the vortex axis suddenly change direction and begin to spiral anout an expand-
ing body of stagnant fluid until finally the filament breaks up into large scale turbulence.

Vortex breakdown is known to occur in many other vortical flows as well, e.g., in
swirling flows in ducts, in flame holders and combustion chambers and in the trailing vor-
tices behind wings. Two examples of vortex breakdown of swirling flows in a circular duct
are shown in figure 5. The flow is again visualized by a thin dye filament at the vortex
axis. The two photographs in figure 5 show two different forms of vortex breakdown which
are called the axisymmetric or bubble form (Fig. 5a) and the spiral form (Fig. 5b). The
spiral form closely resembles the form of breakdown usually observed over deltz wings, wherea
whereas the bubble form seems to reprnsent a completely different type of breakdown. In
the bubble form the central filament reaches a free stagnation point from which it expands
in a nearly axisymmetric flow about a body of recirculating fluid. The stream tube forming
the envelope of the bubble almost closes in the wake of the bubble and, further downstream,
becomes non-axisymmetric before it decays by the onset of turbulent motion.

It may be conjectured that the observed spiral form of breakdown only appears to be
different fromthe bubble form as a result of some displacement of the dye filament away
from the vortex axis which would, indeed, give the appearance of a spiral form after an
axisymmetric breakdown. This possibility was carefully investigated by Sarpkaya (1971b)
by changing the location of dye injection very near the axis. From all experimental evi-
dence there seems to be no doubt that the spiral form of breakdown is real, i.e. that the
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ifluid particles originally at the vortex axis follow a trajectory of spiral form after
breakdown.

The practical importance of vortex breakdown has motivated much experimental and theo-
retical work and has excited controversial opinions. Various explanations have been given
for the breakdown phenomenon and theories have been developed with the goal of predicting
the location of vortex breakdown or the conditions under which it may occur, but none of
the proposed explanations has so far found general acceptance. Although the interest in
vortex breakdown originally arose from its application to leading edge vortices, most of
the more recent work - experimental and theoretical - sas concentrated on investigations
of the breakdown phenomenon exhibitedby swirling flows in circular ducts. This nray be
partly due to the fact that the flow in ducts can be more easily controlled and is more
nearly axisymmetric than the flow in the vortex core over slender delta wings. All exist-
ing theories of vortex breakdcn assume - for reasons of simplifying the governing equa-
tions of motion - that the approach flow (upstream of breakdown) is axisymmetric. In fact,
most investigators disregard the asymmetric features of breakdown altogether taking the
point of view that vortex breakdown is an essentially ,axisymmetric phenomenon and that
asymmetries are only secondary effects resulting from instabilities within the axisymmetric
breakdown bubble. Another point of view is taken by Ludwieg (1962), (1965). (1970), wbo
explains the spiral form of breakdown as a hydrodynamic instability of the approach flow
against small helical disturbances. That is to say, there are at least two different me-
chanisms for vortex breakdown. In a review article on vortex breakdown Ludwieg (1970)
emphasizes : "it cannot be expected tha" all sudden changes of vortex structure, which are
called vortex breakdown, can be explained by one theory only".

In the following sectiors a description is given of the significant physical features
of vortex breakdown followed by a discussion of the proposed explanations and the prevailing
theories. Since this papers is one in a series about high angle of attack aerodynamics,
it concentrates on the vortex breakdown of leading edge vortices over highly swept wings.
Much theoretical work dealing with axisymmetric vortex breakdown will be discussed only
briefly. Detailed surveys of this subject are found in review articles by Hall (1972)
and Leibovich (1976).

Very few investigations of vortex breakdown have included compressibility effects.
A discussion of these will be given in a separate lecture of this series.

2. EXPERIMENTS

Since Peckham & Atkinson (1957) discovered vortex breakdown over wings with highly
swept leading edges, the phenomenon has been studied experimentally by a large number of
authors. The breakdown over slender delta wings or highly swept flat plates was studied
extensively by Werld (1960, 1971), Elle (1960), Lambourne & Bryer (1961) and Lowsen (1964)
using flow visualization techniques. In the experiments of WerlA (1960) a 601 delta wing
was mounted in the ONERA hydrodynamic tunnel (Fig. 1). The flow was visualized by ejecting
dye from the leading edges near the apex of the wing. The dye, marking the streamlines
passing over the leading edge, formed a fine filament on or close to the axis of the lead-
ing edge vortices. Since the vortices are formed by rolling up of the separated vortex
sheets, the fluid particles passing over the leading edge near the apex of the wing form
streamlines near the vortex axis while streamlines passing over stations further down-
stream of the leading edge form a nearly cylindrical helix about the vortex axis.

The location of vortex breakdown is recognized by a sudden deflection or expansion
of the central dye filament (Fig. 1).

In some cases the dye filament forms a bubble-like structure at the early stages of
breakdown (Fig. 2) but the bubble is never closed or nearly closed as observed in vortex
tubes. Figure 2 also shows the influence of suction on vortex breakdown : while the left
vortex has burst already near the apex, the right vortex could be stabilized by suction
near the vortex axis so that non breakdown occurs. The opposite effect is obtained by
stagnation of the flow (Fig. 3). By placing an obstacle near the axis of the right vor-
tex, the position of vortex breakdown is moved forward. The sensitivity of the vortex
breakdown to solid bodies inserted near the axis, which was also observed by other inves-
tigators, implies severe limitations to the possibility of measuring the flow field within
or near the breakdown region by means of probes. Lambourne and Bryer (1961) reported that
the effect of a body on the breakdown position depends on the size of the body and its
axial position relative to the natural bursting point and that useful probe measurements
should be possible only with sufficiently small probes.

The effect of yaw anglL is shown in figure 4 : for the case shown here, breakdown
occurs only at the side which is turned into the flow direction. This is in accord with
the observation that the tendency to breakdown increases with decreasing sweepback angle.
Figure 6 shows the variation of the bursting point with angle of attack for a 75' sweepback
delta wing : the position of the bursting point moves, with increasing incidence, towards
the apex of the wing. The effect of sweep angle is shown in figure 7 : the angle of in-
cidence has been adjusted so that breakdown occurs just ahead of the trailing edge. It
is seen that the critical angle of attack decreases with decreasing sweepback.

The results obtained in the ONERA hydrodynamic tunnel (Werle, 1971) are summarized
and compared with the results of other investigators in a diagram reproduced in figure 8.
The angle of incidence, x, is shown as a function of sweep angle for breakdown positions
at the trailing edge (zE ta) and midchord position (zE - 1a/

2
). The diagram confirms

what has frequently been observed : that the Reynolds number has no significant influence
on the breakdown position.

Similar experiments have been performed by Lambourne & Bryer (1061), who observed the
process of breakdown in much detail on a flat plate delta wing of 650 sweepback in wind
tunnel end water experiments and on a flat plate with variable sweep angle in a wind tun-

nel. The results of these investigations largely confirm the res.lts of the ONERA hydro-

dynamic tunnel. In addition, Lambourne & Bryer (1961) investigated the effects of acce-
leration and deceleration of the flow, and the effect of an axial pressure gradient pro-
duced by flaps and camber of the wing.
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The authors emphasize that an essential feature for the occurrence of vortex breakdown
is a region of low total pressure near the axis of the vortex. They conclude that vortex
breakdown results from stagnation of the flow in the presence of an adverse pressure gra-
dient. The required pressure gradient is attributed to the deceleration of the external
flow and viscous effects. It is noted that a small change in the external flow is suffi-
cient to produce a large pressure gradient at the axis because the pressure gradient is
magnified towards the axis of the vortex. This explanation of the breakdown mechanism

anticipates the essential part of most of the theories of axisymmetric vortex breakdown.
The physical mechanism for the retardation of the flow was later investigated by Hall

(1965) who calculated numerically the variations of axial velocity and pressure along the
axis and along an outer cylindrical stream surface. The result of this calculation is il-
lustrated in figure 9, which shows that the variations of pressure and axial velocity along
the vortex axis are much larger than along an outer stream surface. This magnification
effects is brought about by the large radial pressure gradient present in swirling flows.

2.1 Experiments in vortex tubes

In the course of experimental studies of the vortex breakdown phenomenon, it became
apparent that experiments could be performed more easily with swirling flows in tubes.
The apparatus which was used by Harvey (1962) for his observations of vortex breakdown is
shown schematically in figure 10. Air was drawn by a small fan through a transparent tube
of 4 ft length and 3.5 in diameter. The swirl was imparted to the fluid as it moves ra-
dially inward over a set of adjustable vanes mounted in the inlet section. The ratio of
swirl velocity to axial velocity could be increased by increasing the angle of the swirl
vanes. In addition, the size of the viscous core of the vortex could be changed by boun-
dary layer suction applied at an annular slot in the center body of the swirl generator
(Fig. 10). In this way a family of velocity distributions of the approach flow (upstream
of vortex breakdown) could be obtained.

Basically, similar apparatus for experiments in water were used by Sarpkaya (1971a,b,
1974) and Faler & Leibovich (1977, 1978). Escudier et al. (1980) used a vortex tube in
which the flow enters the generator section of the tube through a tangential inlet slit.
In all cases, velocity distributions of a similar kind were generated. The circumferen-
tial velocity distribution, v, can be represented approximate by Burger's vortex

v(r) = 1-Kexp(-ir2 21(

which approaches a rigidly rotating viscous core near the vortex axis r z 0 and a poten-
tial vortex for large radial distances. The axial velocity component, w, has a jet-like
profile with a maximum velocity at the vortex axis. It can be approximated (see Faler &
Leibovich, 1977) by :

w(r) = w, + w 2  exp(-ar2) (2)

It should be noted that these velocity distributions are quite different from those of
leading edge vortices (eq. 18) although they may be similar within the region of the vis-
cous subcore.

In Harvey's experiments, the flow was visualized by smoke which was injected into the
center of the vortex through a hole in the tip of the center body of the swirl generator.
For experiments in water, flow visualization was accomplished in a similar way by a cen-

tral dye filament.

Observations

In all experiments with vortex tubes it was found that vortex breakdown occurs when
the swirl component of the flow was sufficiently large. The amount of swirl can be char-
acterized roughly by the maximum swirl angle bmax where the swirl angle '0 is defined by
tant = v/u. The swirl angle is one of the quantities that can be determined by observing
the trace of a smoke filament injected into the flow field at a given distance from the
axis. A radial distribution of the swirl angle of the flow just upstream of breakdown is
shown in figure II.

Vortex breakdown was found only if the maximum swirl angle 4max exceeded a critical
value of about 45*-5

° 
depending somewhat on the shape of the velocity profiles. The ob-

served values of the critical swirl angle are in close agreement with the theoretical pre-
dictions discussed in section 3. In Harvey's experiments, only axisymmetric forms of
breakdown were observed giving the impression that this form is typical for experiments in
tubes where the approach flow is strictly axisymmetric. However, Sarpkaya (1971a,b, 1974)
and later Faler & Lelbovich (1977) found other forms of breakdown, especially the spiral
form shown in figure 5b. Which form of breakdown actually occurred depended mainly on
the amount of swirl.

Observing the flow in mildly diverging tubes, Sarpkaya obtained a sequence of break-
down patterns with inc. easing swirl. Schematic sketches of the observed patterns in the
order of increasing swirl are shown in figures 12a to iZe. The shaded areas indicate re-
gions of stagnant, reversed or turbulent flow. For the smallest amount of swirl at which
breakdown first occurred, the dye filament assumed, after a suddenr kink, the spiral form
shown in figure 12a. Successively increasing the vane angle resulted at first in a dis-
tortion of the filament which tends to turn back towards the initial kink (Figs. 12b,c).
For still larger vane angles the breakdown pattern approaches an axisymmetric form. Once
a near-axisymmetric Lreakdown form is obtained, further increase of the vane angle does
not change the flow pattern but only moves the location of breakdown further upstream
The flow downstream of the breakdown bubble becomes unsteady and non axisymmetric. In
some instances, however, it wa observed that the flow downstream of the bubble did not
at once degenerate into unsteady turbulent motion but had a tendency to form a nearly
closed bubble downstream of which A new central dye filament is observed. Figure 13 shows
a configuration which was obtained by Harvey (1962) by acceleration of the flow downstream



of breakdown. The original flow is nearly restored behind the breakdown bubble until,
further downstream, a second breakdown occurs. Figure 14 shows a formation of even three

bubbles in succession which was observed by Serpkaya (1971b) when the vane angle was sud-
denly increased. The complete or partial recovery of the flow downstream of tne breakdown
bubble leads Harvey (1962) to conclude that this type of breakdown is not due to the onset
of some sort of instability. Hydrodynamic instability implies that initial small distur-
bances grow without return. Instead, the bubble form of breakdown gives the appearance
of large amplitude standing waves.

Other forms of disturbances have been observed by Sarpkaya (1971b) and Faler & Lvibo-
vich (1977) in which the central filament deviates from the axis more smoothly forming a

spiraling tape, eventually splitting into two branches forming a "double helix" as shown
in figure 15. These disturbances are not really breakdowns as they have no free stagnation
point and no reverse flow region. They may be considered as progenitors of the spiral form

of breakdown as they occur at swirl rates just below the critical swirl for spiral break-
down.

Conditions leading to breakdown in vortex tubes

From observations of breakdown in tubes the following conclusions can be drawn
1. Breakdown occurs only at high swirl rates with peak swirl angles of about 4,ax > 45'.

2. A necessary condition for breakdown is an adverse axial pressure gradient appearing near
the vortex core. Increasing swirl reduces the necessary pressure gradient and breakdown
position moves upstream. The same upstream movement of the breakdown position is obtained
by placing an obstacle into the flow downstream.

3. A condition related to adverse pressure gradient is a divergence of the streamtubes
ahead of breakdown. Sarpkaya (1971b)obtained breakdown in a divergent tube at a 20 smal-
ler peak swirl angle than that found by Harvey in a cylindrical tube. With increasing
angle of divergence, the position of breakdown moved upstream (so long as no separation
at the tube walls was present) (Sarpkaya, 1974).

3. EXPLANATIONS OF VORTEX BREAKDOWN

The various explanations given for the phenomenon of vortex breakdown can be classi-
fied into two categories :

1. Explanations which are not related to flow instability.
2. Explanations which relate breakdown to the onset of hydrodynamic instability of the
approach flow.
If the approach flow is assumed to be stable, there is no reason why an originally axi-
symmetric flow should undergo a change into non-axisymmetric flow.

All explanations of the first category restrict themselves to the axisymmetric form
of breakdown. Some authors (Lambourne & Bryer (1961), Benjamin (1962, 1967)! hold that

observed asymmetries are secondary effects, caused by hydrodynamic instability of the flow
within or downstream of the breakdown bubble.

Secondary instabilities are, indeed, observed downstream of axisymmetric breakdown
where the flow becomes irregular and turbulent (see e.g., Garg & Leibovich, 1979). It is,
however, not plausible that the spiral form of instability (shown e.g., in Fig. I or Fig.

5) should be an essentially axisymmetric phenomenon, since the flow, in this case, is asym-
metric in the earliest stages of breakdown. It is more plausible to take the view, sug-

gested by Ludwieg (1970). that not all forms of breakdown can be explained by the same me-
chanism. Although none of the proposed theories of vortex breakdown is generally accepted,
it appears, at the present time, that stagnation of the low energy flow at the vortex cen-
ter is an essential feature of vortex breakdown, whether axisymmetric or non-axisymmetric.

For reasons of simplicity, all theories of vortex breakdown assume that the approach
flow is axisymmetric. It is not obvious that this assumption is not too restrictive in the
case of spiral breakdown since an asymmetric breakdown pattern could be a consequence of
asymmetries in the approach flow. However, in view of the fact that spiral forms of break-
down are observed in vortex tubes, where the approach flow is axisymmetric, it appears
justified to consider only axisymmetric approach flows since these seem to contain all

features relevant for non-axisymmetric as well as axisymmetric breakdown.

3.1 Theories not related to flow instability

The first attempt to derive a criterion for vortex breakdown was made by Squire (1960)
who investigated the possibility of axisymmetric waves travelling upstream or downstream
in a cylindrical swiiling flow. Squire found that two different cases can be distinguished

The two cases, which have subsequently been called "supercritical" and "subcritical" in
analogy to flows in open channels, can be defined as follows .
(i) In "supercritical" flows, usually connected with low swirl velocities, only downstream

travelling waves are possible.
(ii) In "suocritical" flows, connected with large swirl velocities, upstream travelling

waves and standing waves are possible.
In the limiting "critical" case, which divides the subcritical and supercritical

regions, standing waves first become possible for infinite wavelength or zero wave number
respectively.

The "critical" condition, i.e., the condition that long upstream tavelling waves be-
come possible, is proposed by Squire as a criterion for vurtex breakdown. This criterion
is based on the argument that, if standing waves can exist, disturbances which are present
downstream could spread upstream and cause the breakdown. Although this argument is no
real explanation for the phenomenon of vortex breakdown, it has drawn attention to the fact

that the critical state has a decisive role in the evolution of breakdown. There is expe-
rimental evidence that the bubble form of vortex breakdown always occurs near the critical
state (Harvey, 1962).



The critical state

Assuming inviscid stationery and axisymmetric flow, the equations of motion can be
expressed by a single equation for the stream function ,(r,z), with

rw = ; ru - 21 (4)ir 1z
(r,z) are the coordinates and (u,w) the velocity components in radial and axial direction.
The equation for (r,z) is

_ - 1 +_vL- = r 
2 

dh k dk (5)
.r' r )r IZ

2  
d5  d,

where h is the total head

2= + 1 (u2+v2+w
2 )  

(6)

and k the circulation k = rv (7)

In an inviscid stationary flow, total head and circulation are functions of , alone.
Equation (5) is in general a nonlinear equation for the stream function. In a cylin-

drical flow, * is a function of r only : o = +(r). Considering now small axisymmetric dis-
turbances of the basic cylindrical flow, the stream function may be written

= #(r) + ;(r,z) (8)

The linearized equation for the small perturbation p(r,z) becomes

!E _ i P + 2 _ + L(r)v = 0 (9 )

,r, r ir 'JZ
2

where
2 2L(r) : I

1  
dK2 I dr 

W  
+ 1rW 

d W  
(10)

(r3 
2 

dr W d
2  

rW dr)

K = rV, and (. ,W) are the velocity components (v,w) of the basic cylindrical flow. The
boundary conditions require that 0 vanishes at the axis and at r- or, if the flow is con-
fined in a cykindrical duct of radius R

P(0) = P(R) = 0 (11)

Considering, with Squire, axisymmetric waves of the form

v(r,z) = f(r)cosz (12)

one obtains an ordinary differential equation for f

rr " fr + (L(r)-a
2
) f 0 (13)

with boundary conditions f(O) = f(R) = 0 (14)

Equations (13) and (14) constitute a Sturm-Liouville eigenvalue problem. It can be shown
that there is always a maximum eigenvalue am. If a2 < 0 all a

2 
are negative and, there-

fore, no standing waves are possible. This is the supercritical state.
If L(r) is positive ni sufficiently large in 0 < r < R (which is the case for suffi-

ciently large circulation K), the Sturm-Liouville system, equations (13) and (14), even-
tually has a positive eigenvalue am; i.e., standing waves of the form of equation (12)
exist and define a subcritical state. 2

The critical state is defined by am 0 , i.e., by the existence of standing waves
with infinite wavelength. If standing waves of finite wavelength exist, it can be shown
that upstream travelling waves also exist which have a large wavelength. (Solutions for
travelling waves are derived from eqs. (9) and (10) if W is replaced by W-C where C is the
wave speed and C > 0 represents downstream travelling waves).

As outlined above, Squire explains breakdown by the spreading of disturbances in up-
stream direction which is only possible for subcritical flows. Thus, according to Squire,
subcritical flows are subject to vortex breakdowo

Benjamin's theory

A quite different interpretation of the role of the critical state was given by
Benjamin (1962, 1967) who proposed that vortex breakdown is a finite transition from a
supercritical flow to a subcritical flow. Considering eq. (5) for the case of cylindrical
flow P - (r) :

32 a -i r
2  

dh k dk (15)

r
2  

r ar d- di

Benjamin has shown that if h and k are specified functions of o, a pair of conjugate solu-
tions vA(r) and * (r) can exist, which satisfy eq. (15) with appropriate boundary condi-
tions , (0) 0, #(R) - 'R' It is possible also that more than one pair of mutually conju-
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gate states exists, but Benjamin assumes that transition is always between a pair of "ad-
jacent" conjugate states so that one state, e.g., 4A, is a supercritical and the conjugate
state kB is a subcritical state adjacent to the critical state.

Benjamin states "that supercritical flows are liable to undergo spontaneous transi-
tions to the subcritical state". This transition is seen in close analogy to the hydraulic
jump. It is shown that the subcritical state has a large value of the momentum flux

R

S = 2 (pw
2
+p) rdr (16)

In order to assure conservation of the momentum flux, small standing waves superimposed on
the subcritical state are postulated which are shown to cancel the excess momentum flux.
This appearance of small downstream waves is sufficient for mild transitions. For strong
transitions it is proposed that turbulence must occur to establish the necessary equilibrium.

Benjamin's explanation of vortex breakdown does not give an account of the physical
mechanism that brings about flow retardation and the formation of a breakdown bubble. The

theory relates the upstream and downstream flow without considering intermediate states.
In order to fill this gap, a number of attempts have been made to actually calculate the
flow in the breakdown region.

Calculation of the flow in the breakdown region

Hall (1965, 1967) developed a method by which the flow can be calculated starting from
an initial upstream condition and proceeding step by step in the downstream direction.

In addition to the initial condition, a boundary condition - for example a pressure dis-
tribution - is prescribed at the edge r = R of the vortex core. The method is based on
the assumption - similar to that used in boundary layer theory - that changes in the axial
direction are small compared with variations in the radial direction. The corresponding
approximation is called quasi-cylindrical. It is found that, as the calculations proceed
downstream, eventually a point is reached where the quasi-cylindrical approximation fails,
i.e., where calculations cannot be continued further downstream because the axial velocity
gradients inside the vortex become infinite. This failure of the quasi-cylindrical appro-
ximation is analogous to the failure of two dimensional boundary layer calculations near
the point of separation. In a similar way, Hall identifies the failure of the quasi-cylin-
drical approximation with the onset fo vortex breakdown.

For inviscid flow it can be shown (Ludwieg, 1970) that the point at which the quasi-
cylindrical approximation fails is identical with the critical state. This suggests a new
physical interpretation of the critical state : although the external flow changes only
slowly, appreciable velocity gradients occur inside the vortex when the critical state is
approached, indicating a rapid retardation of the flow which finally leads to stagnation
and flow reversal.

Bossel (1969, 1971) made simplifying assumptions in order to be able to calculate the
flow in the breakdown region. Considering a rigidly rotating approach flow V = r., with
constant axial velocity W in a cylindrical duct, the(inviscid) equation of motion (eq. 5)
becomes linear :

. . .- 2. .! -i-- r' - 4"" (17)

Ir
2  

r Sr az
2  

W W2

and can be solved by superposition. Prescribing a suitable downstream distribution of
axial velocity and swirl a transitional flow is obtained which forms a bubble downstream
of a free stagnation point. The shape of the bubble is in good agreement with experimen-
tal observations as shown in figure 16. Since Bossel's calculation assumes inviscid flow.
it cannot be expected that correct results are obtained throughout the interior of the
bubble where viscous effects must be important.

More-recent approaches to vortex breakdown include theories of Mager (1972), Randall
& Leibovich (1973), Bilanin (1973) and Huang (1974). The theory of Randall & Leibovich
is based on an expansion for long axisymmetric waves (Leibovich & Randall, 1973). The
authors consider flows in a slowly diverging tube allowing for acceleration
flow. The flow is completely determined when the basic approach flow and the tube geometry
are prescribed. The computations, which include viscous terms, have confirmed that bubble
type flow patterns can be obtained if the upstream conditions are close to critical. The
solutions are consistent with experimental obse vations although they contain inconsisten-
cies such as reversed swirl in the interior of the bubble.

A number of investigators have numerically solved the full Navier-Stokes equations for
Reynolds numbers from four to several hundred. Kopecky & Torrence (1973) considered the
flow in a cylindrical tube for an initial swirl velocity given by eq. (1) and uniform axial
velocity. Grabowsky & Berger (1976) consider a vortex core surrounded by an irrotational
flow. The Navier-Stokes solutions are important insofar as they reveal the internal struc-
ture of the breakdown bubble which cannot be described properly by approximate theories.
The numerical computations have shown that the Navier-Stokes equations admit of axisymme-
tric solutions with embedded regions of recirculating flow which resemble the bubble form
of breakdown.

In spite of severe shortcomings of the various theoretical approaches, it seems pos-
sible now to construct at least a good qualitative explanation for the axisymmatric form
of breakdown. An essential feature is the existence of a region of low energy flow in the
viscous subcore near the vortex center. A small adverse pressure gradient in the external
flow is magnified - as a result of swirl - towards the axis. The flow near the axis, having
low total pressure, is decelerated rapidly. On reaching the critical state, finite gra-
dients of the external flow produce infinite gradients near the vortex axis, indicating
that the vortex core undergoes an abrupt change. A quantitative description of the flow
in the breakdown region can only be obtained by solving the full nonlinear equations oft motion.



3.2 Theories related to flow instability

Jones (1960), Petersohn (1970) and Ludwieg (1962. 1965) investigated the possibility
that vortex breakdown is caused by hydrodynamic instability. The idea is that small initial
disturbances grow, due to flow instability, and become large enough to cause strong distor-
tion of the original vortex flow wich subsequently may lead to breakdown,

It is known that rotating flows are - similar to laminar boundary layers - subject to
a number of flow instabilities. The two main types of flow instability in rotating flows
are :
(i) A generalized inflection point instability.
(ii) An instability of the Rayleigh-Taylor type for rotating flows extended to account for

an additional axial component.
All stability theories of vortex breakdown assume, for simplicity, that the approach

flow is cylindrical, i.e., the slow conical growth in the streamwise direction is neglected,
similar to the case of the stability theory of laminar boundary layers. It is also assumed
that viscosity has no direct effect on flow instability, i.e., the stability of the approach
flow is investigated with respect to small perturbations, neglecting viscous effects in the
disturbance flow. This last assumption seems to be justified in view of the fact that the
breakdown position is nearly independent of Reynolds number.

The structure of a leading edge vortex over a slender delta wing

The stability of the vortex flow depends, of course, on the structure of the vortex,
i.e., on the velocity distributions of the circumferential (V) and axial (W) component.

Under simplifying assumotions, Hall (1961, 1966) derived a solution for the velocity
distributions in leading edge vortices over slender delta wings. In particular, Hall as-
sumed that the vortex core is slender, axisymmetric and conical and that the velocity dis-
tributions are smooth, i.e., that the original steps due tc the rolled up vortex sheet are
smooth out by viscous effects. Under these conditions, Hall (1961, 1966) finds for the
velocity distributions of the vortex core :

V = C /K + - tn _ (swirl component) (18a)

W = C (K-tn r) (axial component) (18b)

U =- C r (radial component) (18c)

where R is the radius of the vortex core (which, for conical flow, increases in proportion
to the distance z from the apex of the wing). C and K are constants of integration, so
that eq. (18) describes a two parameter family of velocity profiles. The constant K is a
shape parameter for the velocity profiles while C determines essentially the magnitude of
the velocities.

The velocity profiles V and W, given by eq. (18), are shown graphically in figure 17
for various values of the profile parameter K. The velocity distributions have a singula-
rity at r = 0 where V and W become infinite according to Hall's inviscid solution. Clearly,
viscous diffusion becomes appreciable near the vortex axis and changes the velocity pro-
files within a small Viscous "sub-core". For laminar flow, Hall (1961) and Stewartson &
Hall (1963) have derived a boundary layer type correction for the sub-core which is shown
qualitatively by the broken lines in figure 17. Near the vortex axis, the velocity pro-
files approach rigid body rotation and constant axial velocity. Measurements of velocity
distributions by Earnshaw (1961), Hummel (1965) and Anders (1981) have essentially con-
firmed the velocity distribution given by eq.,.(1B) with viscous corrections. If a leading
edge vortex is exposed to a pressure gradient (e.g., near the trailing edge of the wing),
its structure must change, but Ludwieg (1962) has shown that the new velocity profile (ex-
cept for the viscous subcore) is given again by a profile of the same family with a diffe-
rent value of K. The parameter K decreases in the direction of increasing pressure.

Stability analysis of Jones

Hydrodynamic instability as a cause of vortex breakdown was first suggested by Jones
(1960). He investigated the stability of a leading edge vortex given by Hall's solution
(eq. 18) with respect to axisymmetric disturbances. Jones made it plausible that Hall's
vortex can become unstable but he did not succeed in providing any proof or in deriving a
stability criterium. Even if instability with respect to axisymmetric disturbances could
be demonstrated, this certainly could not account for the spiral type of vortex breakdown.

Ludwieg's stability criterion

A general stability criterion for helical flows (i.e., cylindrical flows having axial
and circumferential velocities) was derived by Ludwieg (1960). According to Ludwieg's sta-
blity analysis, a helical flow is most unstable to spiral disturbances of the form :

i = i(r) exp i(az+yP-et) (19)

Ludwieg's criterion is a generalization of Rayleigh's criterion for rotating flows and, as
in Rayleigh's criterion, it is a local stability criterion which attributes instability to
a local unstable stratification of the flow. Local stability or instability depends on the
non dimensional velocity gradients (C ,C.) where are defined by

C dVr dWd (20)

The flow is stratified in an unstable manner if

(1-C )(1-C') - ( -C ) C2 < 0 (unstable) (21)



and in a stable manner if the left hand side of eq.(21) is larger than zero. A stability
diagram, showing stable and unstable regions in a (Ce,Cz)-plane is shown in figure 18. For
Cz = 0, the stability criterion reduces to Rayleigh's criterion which in this notation reads

C, < -1 Z unstable C1 > - I stable

It is seen that the radial gradient of the axial component, Cz, has a strong destabilizing
effect. The stability criterion, eq. (21), was also experimentally verified by Ludwieg
(1964). Although Ludwieg's criterion is derived, strictly, for flows in a small annular
gap between concentric cylinders, it is believed that it applies, to a high degree of ap-
proximation, to more general flows. This was partly proved by Wedemeyer (1969) by investi-
gating the effect of gap-width and curvature of the velocity profi-les on the flow stability.
These investigations have shown that - for helical flows - instabilities are mainly due to
local unstable stratification, so that a general helical flow becomes unstable if it is
locally unstable according to Ludwieg's criterion.

Ludwieg's theory of vortex breakdown

Applying Ludwieg's stability criterion to the flow field of Hall's vortex, the follo-
wing results are obtained which can best be explained by use of the diagram in figure 18.
The (Cp,Cz)-values encoun ered in Hall's vortex (eq. 18) always lie on the lower half of
the parabola C = - 1/2 C , which is shown in the diagram. The inner endpoint C, = Cz 

= 
0

corresponds to the vortex axis (r=O), the outer endpoint is a function of the profile para-
meter K and correzponds to the outer edge of the vortex core. Various endpoints are denoted
in the diagram by the corresponding value of K.

Taking into account the oeviation from the inviscid vortex within the "viscous subcore"
the locus of the (C,,Cz)-points in the stability diagram is altered as shown by the broken
line. The stability diagram shows that for leading edge vortices having a profile para-
meter smaller than K = 1.16, the outer parts of the vortex become unstable.

There is another instability, near (C,,Cz) = (1,0) which corresponds to a small region
near the vortex center well within the viscous subcore. The latter instability, which is
present in every real vortex, was considered by Petersohn (1970) as the cause of vortex
decay which he had observed on vortices above delta wings. Petersohn found that within the
unstable region of the viscous subcore, high turbulence levelsexist. The turbulence
spreads in the radial direction giving rise to further growth of the viscous subcore, which
in turn inc-eases thie unstable region. This process goes on until the vortex is completely
transformed. The m,:chanism described above accounts well for the gradual decay of a vortex
core but it can certainly not explain the abrupt changes observed in vortex breakdown.

In contrast, Ludwieg (1962, 1965) attributes vortex breakdown to the instability of
the outer parts of the vortex. Ludwieg shows that an originally stable vortex, having a
profile parameter K > 1.16, is transformeo in an adverse pressure gradient into a vortex
with a smaller profile parameter which is less stable and eventually becomes unsteable if
the profile parameter decreases below the value of K = 1.16. Once the vortex becomes un-
stable, spiral disturbances of the form given by eq. 19 are amplified. Since the approach
flow and initial disturbances are steady, preferably standing disturbance waves occur which
are amplified in the streamwise direction. Among these waves are two-vortex modes, corres-
ponding to a circumferential wave number y = I and four-vortex modesecorresponding to y= 2.
Also high modes are possible but the lowest modes are probably the most unstable ones.

For the onset of vortex breakdown, only the two-vortex mode (y=l) is responsible.
Figure 19 shows, schematically, the disturbance flow generated by the two lowest modes and
the resulting distortion of the original axisymmetric vortex : the vortex becomes eccentric
and elliptical. Proceeding in the downstream direction, the distortion grows and - due to
the spiral nature of the disturbance waves - the whole cross flow pattern rotates about
the vortex axis. The eccentricity of the vortex increases rapidly so that the viscous sub-
core is displaced from the center towards the circumference. Figure 20 shows the effect
of this process schematically : the minima of total and static pressure are shifted rela-
tive to each other resulting in a flow field where a minimum of velocuty occurs beside the
maximum. Due to the exponential growth of the disturbances, the region of low velocity
increases rapidly and the fluid in this region undergoes a rapid deceleration which subse-
quently leads to an abrupt expansion or burst of the vortex. Naturally, this type of vor-
tex breakdown is highly asymmetrical.

Ludwieg's theory of asymmetric vortex breakdown was experimentally verified by Hummel
(1965) who measured the velocity and pressure distribution within a leading edge vortex at
several axial positions before and after breakdown. Many details of Ludwieg's theory were
confirmed by these measurements. In particular, breakdown was found to take place after
the outer region of the vortex becomes unstable. Proceeding downstream the line of con-
stant total pressure become distorted, clearly demonstrating the increasing eccentricity
and ellipticity of the vortex. The lines of constant dynamic pressure, shown in Fig. 21
show the development of a minimum of the velocity beside the maximum and the rapid expan-
sion of the region of low velocity which subsequently leads to bursting of the vortex. The
experimental facts, observed by Hummel, make it highly probable that this form of vortex
breakdown is caused by flow instability and that it develops essentially in the way envi-
saged by Ludwieg.

Prediction of vortex breakdown on delta wings

It remains to relate the unstable flow conditions which lead to vortex breakdown to
the geometric and aerodynamic parameters at which they occur.

Since vortex breakdown on slender delta wings occurs at first behind or near the trai-
ling edge of the wing, Ludwieg assumes that the instability is brought forth by the pres-
sure rise encountered at the trailing edge. In fact, Ludwieg (1962) has shown that an ad-
verse pressure gradient changes the velocity distribution so as to make the vortex more
unstable. We may, therefore, conclude that vortex breakdown occurs at or downstream of
the trailing edge when the vortex flow over the forward part of the wing is stable and be-
comes only unstable due to the pressure rise near the trailing edge. With increasing angle
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of attack, the breakdown position moves from the trailing edge upstream towards the apex
of the wing. This behaviour can be explained by assuming that with increasing angle of at-
tack, the vortex becomes more unstable. The prediction of the breakdown position is, of
course, extremely difficult. If breakdown occurs, its position depends on many unknown
factors : the initial velocity distribution within the vortex, the axial pressure gradient,
the existence of initial disturbances, and the rate at which the initial disturbances are
amplified to the point where breakdown occurs. Considering a related but simpler problem,
Wedemeyer (1979) investigated the conditions under which the vortex is stable over the
forward part of the wing where the flow field is still conical and not influenced by the
trailing edge. In order to be able to predict the stability of the vortex, its velocity
distribution must be computed first. Assuming conical flow, the velocity distribution
within the vortex core is one of the class of Hall's solutions with a profile parameter K,
which is yet to be determined. The overall flow field is obtained by matching the solution
for the vortex core with an "outer" solution which is computed by the method of Smith(1968).

In Smith's calculation of the outer solution, an approximate model is used where one
or several outer turns of the spiral vortex sheet are computed, while the inner part of the
vortex is represented by a concentrated line vortex at the vortex axis. The line vortex
was introduced in order to avoid the numerical difficulties of handling an infinite number
of turns. To join inner and outer solution, the line vortex is now replaced by a vortex
core according to Hall's solution, having the appropriate core diameter and circulation to
fit continuously into the outer solution. In this way, the profile parameter K is uniquely
determined as a function of aspect ratio A and angle of incidence a of the wing. The lead-
ing edge vortex is considered to be stable if K > 1.16 and unsteable if K < 1.16 as sug-
gested by Ludwieg's stability criterion.

Figure 22 shows the stability boundary so obtained, in the (N,a)-plane. The diagram
shows that above a critical annie of incidence, which depends on the aspect ratio, no sta-
ble vortex exists. The critical angle of incidence decreases with increasing aspect ratio.
Also shown in fig. 22 is the boundary corresponding to K = 0.8. For this K-value, the
outer 50 percent of the vortex core (the outer 30 percent of the radius) has become unstable.

The theoretical predicitions are compared with experimental data for vortex breakdown
observed by Earnshaw & Lawford (1964). The observed ranges of vortex breakdown for a num-
ber of delta wings are indicated in the diagram of fig. 22 as solid vertical lines. The
lower endpoints of the line correspond to breakdown at the trailing edge, and the upper
endpoints indicate the angle of incidence at which breakdown has reached the apex of the
wing. For larger angles of incidence, no leading edge vortices were observed. The figure
shows that vortex breakdown is observed only within the unstable region and that the range
of vortex breakdown follows in general the theoretical stability boundary. For large as-
pect ratios, predicted and observed values for the stability boundary diverge. This can
be explained by the fact that theoretical predictions are based on slender-body theory
which is not applicable to large aspect ratio wings. Also the assumption of axisymmetric
flow in the vortex core becomes inadequate for larger aspect ratios.

The good agreement observed for small and moderate aspect ratios is certainly a strong
support for the stability theory of vortex breakdown.

4. CONCLUSIONS

The various explanations of vortex breakdown have been divided into two categories
theories which relate breakdown to flow instability and theories which do not. In the
present paper, the view is proposed that the two forms of vortex breakdown - the bubble
form and the spiral form - are essentially different phenomena, which admit of different
explanations. This view is not generally accepted; some investigators hold that the prin-
cipal mechanism of breakdown is exemplified in the axisymmetric form and that observed
asymmetries are secondary effects resulting from initial asymmetries or instability of the
breakdown bubble against asymmetric disturbances. The various explanations of vortex
breakdown are consistent with many experimental observations : all theories predict vortex
breakdown to occur within the observed range of swirl angles and the sensitivity of break-
down to an axial pressure gradient, nut none of the theories can predict the flow in the
breakdown region and the location of breakdown with an accuracy sufficient to be checked
against experimental observation. On the basis of present experimental evidence, it appears
that the spiral form of breakdown is initiated by instability against spiral disturbances
while the bubble form can apparently not be related to any flow instability.

The present paper does not consider the effect of vortex breakdown on the aerodynamic
characteristics of the wing since this subjetc will be discussed in another paper of the
lecture series. Experimental observations show that the lift increased due to vortex se-
paration is always limited by the occurrence of vortex breakdown. There is, at present,
no theory that should predict the effect of vortex breakdown on the lift of the wing.
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Fig. I Vortex breakdown on delta wing Fig. 2 Effect of suction on breakdown

B 
= 

60o (Werl4, 1960) (Werle, 1960)

Fig. 3 Effect of stagnation on breakdown Fig. 4 Effect of yaw on breakdown
(WerlL, 1960) (Werl6, 1960)

(a) Bubble form (b) Spiral form

Fig. 5 Vortex breakdown in a vortex tube (Faler & Leibovich, 1977)
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a) a 21.61 75'ANGLE OF SWEEPBACK
b) Q 2 7.2 * L=ANGLE OF INCIDENCE
c) a 32.60 Re =2,104
d) 0. 37.8*
e) 0L. 26

Fig. 6 Effect of angle of incidence on the breakdown position
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SUMMARY

This paper describes a novel concept which has been developed to provide powerful directional
control effectiveness for a fighter aircraft at high angles of attack, where more traditional controls
have very limited capability. The concept utilizes the energy concentrated in the strong forebody
vortices (which form on slender bodies at high relative incidence) by controlling the lateral orienta-
tion of the vortices with respect to the body.

A large volume of research which has been performed in recent years to attenuate the magni-
tude of the asymmetric forces and moments on slender bodies such as those on missiles and some
fighter aircraft. This body of work showed that the forebody vortices on these configurations are
very sensitive to small disturbances in the flow, such as would be caused by asymmetric surface
imperfections on a body, especially near the apex of the nose.

The present concept grew out of this more general body of work and seeks to utilize the
inherent sensitivity of the vortex positioning and its bi-stable nature to an advantage allowing con-
trol of the forces which are developed. As it turns out, the direction or sense of the asymmetric
vortex pair is much easier to control than to attenuate,

Part A of this paper describes the work which was done to develop the concept for application to an
aircraft and, as such. is directed toward the effects of the concept on aircraft forces and moments and on
the flight mechanics of the aircraft during maneuvering at high angles of attack.

The objective of this part of the study was to utilize the side force associated with asymmetric vor
tices, in a controlled manner, to enhance the ability of the fighter to recover from a departure from con-
trolled flight. The results from these water tunnel and wind tunnel experiments show that a small amount
of tangential blowing along the forebody near the apex can effectively alter the forebody vortex system
and generate large restoring yawing moments. Six-degree-of-freedom digital simulation results show that
this concept can substantially enhance departure recovery characteristics of fighter aircraft with long,
slender forebodles.

Part B of the paper describes the results of experiments which were conducted on a cone model,
where the principal test objective was to develop an understanding of the fluid mechanics involved In
the process of vortex control. Knowledge gained in these more generic tests should allow the concept

to be applied to a wider range of configurations.
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NOMENCLATURE

Al primary attachment line SI primary separation line

A2 secondary attachment line S2 secondary separation line

P-P x longitudinal position (from apex)

C - static pressure coefficient
P d nozzle lateral offset

CyB side force coefficient from balance
a angle of attack, angle of incidence

side force coefficient from integrated , = / relative incidence

surface pressures at xIf 
= 

0.87 c

C blowing moment coefficient aT threshold angle of attack

0 sideslip angle
d base diameter of forebody

semi angle at apex of forebodyiaxial length of forebody c

1id forebody fineness ratio On nose semi-apex angle

NI .free-stream Mach number 0 circumferential angle around cone surface.

measured from windward generator: nega-

q. free-stream dynamic pressure tive on port side

Re Reynolds number O- jet position

sR forebody roll angle (with roll degree ofr nd nose bluntness freedom)

A. APPLICATION TO ENHANCE DEPARTUREISPIN RECOVERY OF FIGHTER AIRCRAFT

A. 1 INTRODUCTION

For fighter aircraft that operate in the air combat maneuvering (ACM) arena, flight at high angles of
attack (AOA), near tie limits of controllability. is an inherent part of both offensive and defensive maneu
vering. Reluctance to operate in this regime because of possible departure from controlled flight limits the
capability of the an-machine combination to deliver its maximum performance. Pilot confidence is the key
to effectively operating close to control boundaries, and pilot confidence is a function either of the aircraft
system's natural resistance to departure or of the pilot's ability to easily recover from the occasional out of
control condition associated with high AOA maneuvering. Unfortunately, many aircraft in the inventories
of the free world's air forces exhibit a high degree of susceptibility to departure and spin entry. Such air-
craft have a departure threshold that is generally eyond maximum lift but well within the ACM gross maneu
ver en, elope. Many of these aircraft also have poor departure recovery characteristics, and generally re-
quire the pilot to act quickly in order to regain control of his aircraft. Since most pilots spend relatively
little time near control limits in training or in normal operational flvinv. they are often unprepared for their
first departure. The standard out-of-control reaction is frequently one of panic, followed by ejection.

In an attempt to improve this situation, military training commands have instituted programs to better
prepare the pilot for the disorientation he will experience in a departure and to give him a better chance of
taking positive recovery action in a timely manner.

Engineers and scientists are also tackling the problem. One engineering approach has been to use mo-
tion and attitude sensors in conjunction with the aircraft's control system to "automatically" recover the air-
craft from the departure. State-of-the-art sensors can determine whether the aircraft has departed from
controlled flight and can determine the direction of motion much more quickly than the average pilot. Rela-
tively simple control laws can be programmed into a control system to enable it to respond to these sensor
inputs and place the control surfaces in position to optimize the chances of recovery. Such a control system
would be much more reliable than the average pilot; the only drawback to concepts developed using this ap-
proach is that. for most aircraft, control effectiveness in the departure AOA region is severely degraded
when compared to control effectlveness at lower AOA. This sometimes forces the designer to lower the
threshold AOA for the automatic recovery system into a region in which it could be activated unnecessarily.
If more effective control devices could be developed, however, this general approach could be used to
design a system with the potential to dramatically reduce the loss of life and equipment resulting from out-
of-control flight accidents.

Part A of this paper describes an analytical and experimental study undertaken to develop a novel
control concept that is highly effective in the AOA region above stall, and could be mechanized in the man-
ner outlined above. The vortex blowing control concepts tested in this study were designed to alter the
asymmetric orientation of the forebody vortex system, taking advantage of the large aerodynamic forces
produced by this asymmetry. The effects of these blowing concepts on the overall stability and control
characteristics of an aircraft at AOA are reported in Part A of this paper and in Reference 1. Companion
papers by Peake, Owen, and Johnson (References 2 and 3) discuss the fluid mechanics and topology asa-
ciated with forebody blowing about a slender cone model.
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A.2 BACKGROUND

A. 2.1 Forebody Flowfields at High Angles of Attack

It is well known that an asymmetric vortex system forms on the leeside of aircraft and missile fore
bodies at high AOA (References 4 through 9). The degree of asymmetry and the strength of the vortices
depend on several parameters. the primary ones being AOA. fineness ratio (l1d), nose semi-apex angle
On ) . and nose bluntness (r n /d ).

At incidences generally greater than twice the nose semi-apex angle. these asymmetric vortices be
come strong enough to produce values of side force and yawing moment large enough to influence the de-
parture resistance of an aircraft (References 10 through 15). These asymmetric side forces may not only
generate a departure from controlled flight but. once the departure has occurred. they may aggravate the
tendency of an aircraft to enter a flat spin mode. In addition, since these vortices have been observed to
remain in an asymmetric orientation even under coning conditions, they can oppose recovery from a spin
(References 16 and 17).

These vortices have been observed to behave in a bistable manner, and are usually oriented in one
of two mirror-image states (References 18 through 20): the mirror-image orientation assumed by a vortex
is influenced by minute geometric imperfections, especially near the apex of the nose.

A.2.2 Asymmetric Vortex Control

The overall objective of the present study was to harness the power of this vortex system and use
the side force generated by its asymmetric nature as a control device. Such a device would be effective in
the AOA region beyond stall and could be used, with proper system design and following appropriate con
trol laws, to greatly enhance the capability of an aircraft to recover from a departure from controlled flight.

A.2.3 Previous Research

The basic concept of controlling the yawing moments generated by long, slender forebodies to aid
spin recovery was first proposed by Neihouse et al. in 1960 (Reference 10). These investigators pursued
three means of controlling the yawing moments: strakes or spoiler strips placed along the inboard side of
the nose (right side in a right spin), induced circulation about the forebody produced by rotating a conical
nose section, and flap-type surfaces placed either on both sides or only on the inboard side of an aircraft
nose. Each of these concepts proved effective in promoting rapid recovery from various types of spins on
different models. Similar experiments using asymmetric nose strakes. reported by Chambers et al. in 1970
(Reference 21), showed equally promising results on a different aircraft configuration. Kruse conducted
experiments on the effect of spinning an axisymmetric body about its longitudinal axis, and noted that the
peak-to-peak variation of side force decreases with increased spin rate. His data also showed that the time-
averaged side force is reduced as the body is spun (Reference 22). Cornish and Jenkins conducted experi
ments with symmetric tangential blowing near the nose of an aircraft but were unsuccessful in affecting the
spin recovery characteristics of their particular configuration (Reference 23).

A.2.4 Present Studies

The present work concentrated on the experimental evaluation of concepts to control the forebody
side force through asymmetric tangential blowing near the apex of the nose. The concept of augmenting the
spin recovery capability of a fighter aircraft by controlling, through blowing, the side force produced by the
nose was first proposed by Skow in 1977 (Reference 24).

Several pratica considerations were taken into account in order to screen out devices that would not
be applicable to fighter aircraft regardless of their effectiveness. The screening criteria used were:

1. The tangential blowing concepts must be sufficiently effective to not require abnormally large
quantities of air or unattainable mass flow rates.

2. The blowing nozzles must be located in a region aft of the radar antenna so radar performance
would not be affected adversely.

A.3 EXPERIMENTAL APPARATUS AND TEST PROGRAM

A.3. 1 Water Tunnel Tests

Prelimhiary tests of various forebody vortex blowing control 'oncepts were conducted in early 1978
in the Northrop 16- by 24-inch diagnostic water tunnel on a 0.025-scale model of an F 5F aircraft. The
Northrop water tunnel is a single-return, low-turbulence facility and is operated at a test section velocity
of 0.1 meter per second (0.35 foot per second), which corresponds to a Reynolds number of approximately
I x 10

5 
per meter (3 x 104 per foot). The F-5F model was equipped with two parallel rows of dye injection

orifices located on the lower surface of the fuselage forebody. Visualization of the forebody flowfield is
achieved when the dye flows out of these orifices and is entrained into the separated shear layer or layers.
which in turn roll up into well defined vortices.

The water tunnel tests were conducted to screen a large number of potentially useful blowing schemes
by comparing, in a qualitative manner, the relative capability of each concept to control the forebody vortex
orientation. The blowing concepts tested consisted of small nozzles located on the surface of the forebody
at various locations. The angle of the blowing jet relative to the free-stream was also varied. Water was
supplied to the blowing nozzle through a small tube running down the centerline of the model. Accurate
mass flow rates were set by using a water flow meter in the supply line, external to the tunnel. Additional

water tunnel tests were conducted on two tangent-ogive-cylinder bodies to determine the effect of vortexIa
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blowing control on more generic shapes. The tangent ogive forebodies had fineness ratios (l/d) of 3.5 and
5.0. Each was tested with a common circular-cylinder afterbody (1,d = 4.5). Tangential blowing in a down
stream direction was tested for a matrix of positions on the surface of both bodies.

The experiments were performed over an AOA range of 0 to 60 degrees. All water tunnel tests were
performed at zero sideslip angle. Vertical and lateral positions of the vortex cores were determined at a
fixed longitudinal station for the matrix of nozzle geometries at various blowing rates. In this manner the
relative effectiveness of each concept was evaluated and optimum nozzle locations were determined.

A.3.2 Wind Tunnel Tests

Based on the results of the water tunnel tests, the most promising nozzle geometries were selected for
proof-of -concept testing in the wind tunnel.

Testing was conducted in the Northrop low-speed wind tunnel. This tunnel is a horizontal. atmo
spheric, single-return facility capable of test section Reynolds numbers up to 7.9 x 106 per meter (2.4 x
106 per foot) and dynamic pressures up to 9580 Newtons per square meter (200 pounds per square foot).
The test section is 10 feet wide, 7 feet high, and 20 feet long. The tunnel has a contraction ratio of 12: 1.
which gives a streamwise turbulence level of less than 0.1 percent in the test section.

Tests were conducted using a 0. 1-scale F-5F model equipped for asymmetric blowing at two fuselage
stations on the upper surface of the forebody. A plenum chamber for the blowing system was located in the
nose of the model. This plenum chamber was pressurized from an external source through an air supply
line routed from a support near the back of the sting. forward along the top of the model, and buried just
aft of the canopy. Care was taken to ensure that the supply line was nonmetric. Figure I shows the model
installation in the tunnel and illustrates the blowing apparatus.

-(A-IAI (B)

FIGURE 1. WIND TUNNEL TEST MODEL

The blowing nozzles were designed to provide choked flow at the nozzle exit plane. A nozzle calibra-
tion was performed to determine actual discharge coefficients. Plenum total pressure and temperature and
nozzle mass flow rate were measured and used to compute nozzle jet velocity and, hence, the blowing momen-
tum coefficient (C)M).

Wind tunnel tests were performed at a dynamic pressure of 2494 Newtons per square meter (50 pounds
per square foot). corresponding to a Reynolds number of 4.3 x 106 per meter ( 1.3 x 106 per foot). Plenum
pressures for the blowing system ranged from 1. 1 to 4.2 x 106 Newtons per square meter (165 to 615 pounds
per square inch), yielding blowing momentum coefficients (Cu) based on wing area of between 0. 008 and
0.032. Data were taken over an AOA (a) range of 0 to 90 degrees in 2-degree increments and over a side
slip (fl) range of ±25 degrees in 5-degree increments.

A.4 DISCUSSION OF RESULTS

A.4.1 Water Tunnel Tests

A. 4. 1. 1 Asymmetric Tangential Blowing Concepts

Water tunnel experiments performed with the 3.51/d tangent-ogive forebody indicated that, for the
range of longitudinal positions tested (approximately 1.0 to 2.0 body diameters aft of the apex of the nose).
the most effective tangential blowing arrangement was with the nozzle directed aft and on the same side of
the body as the higher primary vortex. (This would be on the side opposite to the direction of a departure
or spin, since the driving side force is produced by the vortex in the closest proximity to the surface.)
The topology of the asymmetric vortex development is discussed by Peake et at. in References 2 and 3.

As shown in Figure 2, with the model at zero sideslip angle, when a sufficient quantity of mass flow
Is directed in a concentrated jet beneath the high primary vortex, the asymmetric primary vortex system
can be induced to form in its mirror-image state. The blowing coefficients shown are referenced to the



model base diameter. The blowing momentum required to induce a complete reversal of the vortex core posi
tions (i.e.. mirror-image state) was found to be a function of the longitudinal position of the nozzle relative
to the apex of the nose. the radial position of the nozzle relative to the windward generator. and the model
AOA. As seen in Figure 3. significant reductions in required momentum coefficient are noted as the nozzle
is moved toward the apex of the nose at a constant nozzle lateral offset (Y d). The approximate locaition of
at typical radar antenna is shown for reference. Note that significantly higher value. ol jet momentum are
required to produce reversal at higher AOA.

CM.0.0 a-350
, 

I-00 Co- 0.0

Cu o.0 a4,o 0.0o CJU -o.30

FIGURE 2. DEMONSTRATION OF VORTEX CONTROL ON A 3.5 CALIBER
TANGENT-OGIVE MODEL
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FIGURE 3. VARIATION IN BLOWING REOUIREMENTS
WITH LONGITUDINAL POSITION OF NOZZLE

Figure 4 illustrates the effect of nozzle radial position on blowing control effectiveness. As the nozzle
is displaced angularly away from the leeward generator at a constant longitudinal position, an increase in
blowing effectiveness is noted. The optimum radial position appears to correspond to a lateral position
slightly outboard of the center of the higher vortex core.

Water tunnel experiments performed on the F - 5F model using the tangential, aft -blowing concept
yielded the results shown in Figure 5, These results are consistent with those obtained with the tangent-
ogive models and illustrate that, at zero sideslip angle. it is possible to induce the vortices to reverse orien-
tation (i.e., mirror-image state) with sufficient quantities of blowing on a realistic fighter aircraft
configuration.

I
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FIGURE 5. DEMONSTRATION OF VORTEX CONTROL ON A FIGHTER MODEL

A. 4.2 Wind Tunnel Tests

From the results of the water tunnel tests previously discussed, the most promising vortex control
scheres were chosen for proof of-concept testing in the low-speed wind tunnel. Two blowing nozzle loca-
tions were selected.

A.4,2.1 Vortex Blowing Control Concepts

Figure 6 presents the measured effect of aft tangential blowing on yawing moment at zero and ±5 degrees
of sideslip for the F-5F aircraft. With blowing off. &n asymmetry in the yawing moment at zero sideslip begins
to develop at an AOA of approximately 32 degrees (0/ On 2.0). With blowing on. even at the lowest jet
momentum coefficient tested (C. = 0.008). the asymmetry begins to develop slightly earlier, at an AOA of
24 degrees ("O n = 1.5) and. nt zero sideslip. forms in the opposite sense to the blowing-off case. The

asymmetry in the side force or yawing moment is very easy to see at zero sideslip, but the asymmetric nature
of the primary forebody vortex system applies a strong hias to the forces and moments at nonzero sideslip as
well. Inspection of the data in Figure 6 at p = 

±5 degrees indicates that the vortex blowing concept reverses
the sense of the bias at ADA up to approximately 50 degrees.

At AOA beyond 24 degrees, the largest incremental change in yawing moment is obtained at the lowest
momentum coefficient tested. The increment then increases approximately linearly as the jet momentum coef-
ficlent is increased, up to the maximum mass flow rate tested.
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FIGURE 6. VORTEX BLOWING CONTROL EFFECTIVENESS

Figure 7 presents the incremental yawing moment generated by the vortex control system as a function
of AOA. These data are compared with the incremental yawing )ment produced by full deflection of the
conventional rudder of the F -SF. Note that even the lowest jet . omentum coefficient tested provides yawing

moments in the AOA range from 35 to 55 degrees that are compar ible to those produced by the rudder at
very low incidences. Also, it is interesting to note that the vortex control effectiveness begins to increase
in the same AOA region in which rudder effectiveness is declining rapidly. This leads to a rather interest-
ing conclusion: at low AOA, directional stability and control are best provided by aerodynamic surfaces io
cated behind the aircraft center of gravity. e.g.. a vertical tail and a rudder, and at high post stall AOA.
directional control as well as stability can best be provided by an aerodynamic device located ahead of the
center of gravity, near the apex of the nose.
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FIGURE 7. VORTEX BLOWING CONTROL EFFECTIVENESS

Figure 8 illustrates the effectiveness of the vortex blowing contr,1 device as a function of sideslip at
a constant angle of attack (o= 47 degrees). These data indicate that over a very wide range of sideslip

angles, the vortex blowing control device produces a significant incremental yawing moment (in this case a
yawing moment to the left in opposition to the yawing moment produced by the blowing-off vortex asymme

try). The reversal in incremental yawing moment at a sideslip angle of 6 degrees caused some concern, but

the impact of this phenomenon on the effectiveness of the device could not be assessed by inspection of the

wind tunnel data only; simulation of the overall effectiveness was required.

A.4.3 Six - Degree- of- Freedom Simulation

The capability of the blowing concepts to augment the departure and spin recovery capability of an

F-SF fighter aircraft was evaluated by means of a digital six-degree -of- freedom (6DOFI computer simulation.

The baseline aerodynamic model used in this simulation has been validated by comparison of calculated and

flight test trajectories of many coupled. high-AOA maneuvers flown during spin tests of this aircraft. An

algorithm was developed to model the incremental forces and moments generated by the blowing devices, as
determined from the low-speed wind tunnel experiments.

Maneuvers were simulated by specifying grossly aggravated control inputs. whic' were found during

spin susceptibility testing to produce departures and spin entries. The departures and spins generated
were found to be difficult to recover from using traditional recovery control inputs both Inflight and in the

simulation.
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The threshold AQA and yaw rate at which the device was activated were variee in the simulations, as
was the blowing mass flow rate. The optim~m yaw rate/AOA threshold and the general effect of blowing
momentum were determined in this manner. Figure 9 presents a typical series of time histories ait a given
mass flow rate in which the threshold AOA was varied. Recoveries are seen to be sigrificantly improved
when the blowing device is activated early in the departure but severely degraded when the device is ae
tivated after the departure has been allowed to progress toward spin entry.
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A blowing threshold angle of attack. a T . of 40 degrees provides good recovery augmentation and is

well beyond the AOA for maximum lift coefficient, and thus has no impact on the maneuvering capability of
the F- 5F aircraft. For each simulation a yaw rate deadband of ±40 degrees per second at an AOA of 40 de
grees, decaying linearly to t20 degrees per second at an AOA of 60 degrees, was used. In this manner the
blowing device is not activated until the yaw rate exceeds the deadband limit.

Figure 10 illustrates the final blowing control device schedule superimposed on the ACM gross
maneuver boundary fox the F-5F. A sample trajectory of a typical ACM is also shown. The maneu-
ver simulated is a high-speed, high-g. maximum rate windup turn to the left with the aircraft at an
AOA near the maximum lift coefficient (CLmax). From this initial condition (indicated by EJ on the
figure). the pilot initiates a high-g turn reversal by applying full right rudder and aileron. Since
most fighter aircraft are designed to roll about the flight path rather than the body axis, a large yaw
rate develops in addition to the commanded roll rate ( T ). This yaw rate couples with the roll rate
to produce a large nose-up pitch rate ( ( ). The combination of yaw rate and high post-stall AOA
produces a departure from controlled flight and a spin entry ( ( and ( ). At this point the pilot
senses loss of control and initiates a conventional recovery, which is unsuccessful due to the reduced
control effectiveness at high AOA; the aircraft enters a developed spin ( ® I. For the case of a
vortex blowing-assisted recovery, the blowing device is triggered when the maneuver trajectory crosses
the activation threshold ( A ). The blowing device generates a strong side force on the nose in
opposition to the direction of yaw, allowing an immediate recovery ( ).
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FIGURE 10. SAMPLE DEPARTURE TRAJECTORY

A.5 PRELIMINARY ASSESSMENT OF DESIGN FEASIBILITY

Using the results of the experiments and simula,.an discussed, some preliminary system design work
was done to assess the feasibility of applying the blowing control concept to fighter or trainer aircraft.
Factors considered in the feasibility study included effectiveness. reliability, complexity, impact on other
systems, and suitability of the device for retrofit to in service aircraft.

The wind tunnel experiments and 6-DOF simulatic showed that an acceptable level of departure recov
ery unhancement could be achieved at blowing coefficie, ts (Cu) of 0.015 to 0.025. The required duration of
blowing was found to be between 3 and 5 seconds. In order to maximize the reliability of the system, engine
bleed air was not considered as a potential source for the blowing jet. inasmuch as engine flameouts at high
AOA and yaw rate are to be expected. A solid propellant system was chosen as the most attractive source of
blowing. Figure II shows a schematic diagram of the proposed blowing system.

1 i i u mmmmmmmI llllIlll~illl~Jm
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FIGURE 11. VORTEX BLOWING CONTROL SYSTEM SCHEMATIC

The solid propellant blowing system is estimated to require approximately 4.25 x 10 3 cubic meters ot
propellant. The total system weight is estimated to be less than 9.1 kilograms.

Figure 12 illustrates the region of the flight envelope ovcvr which the system is designed to produce
the required blowing momentum coefficients. This region encompasses the low speed transient area in order
to provide maximum departure recovery enhancement, and is well outside of the primary ACM arena so that
the maneuvering capability of the aircraft is not impacted adversely.
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FIGURE 12. DESIGN ENVELOPE FOR VORTEX
BLOWING CONTROL

A.6 CONULUSIONS AND RECOMMENDATIONS

ased on small-scale water and wind tunnel experience, it has been shown that asymmetric tangential
blowing along the surface of the forebody of an aircraft can be used to control the orientation of the lee
side vortex system at high AOA. Further. it has been shown that the forces and moments produced by
these vortices can be used. in a controlled manner, to greatly enhance the predicted departure recovery
characteristics of an existing fighter aircraft configuration. Blowing rates required to produce these forces
and moments were shown to be small owing to the fluid amplification afforded by vortex growth. Volume
requirements are reasonable, and indicate that such a concept could be applied to a new aircraft or retro
fitted to an existing aircraft with minimum impact on other aircraft systems.

Further experiments must be conducted on a large-scale free-flight model to substantiate the predic
tions. Further analysis should be done to determine whether this concept could be used not only as a de
parture recovery enhancement device but also as a departure inhibitor.

I
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B. DETAILS OF THE FLOW STRUCTURE

B.1 INTRODUCTION

B. 1.1 Asymmetric Vortex Wake About a Forebodv at Incidence

Asymmetric vortices on the leeward of flight vehicles at high angles of incidence (References 8.
14. and 25 through 27) can cause severe stability and control problems. The asymmetric flow induces
side forces on the forebody and consequent yawing moments that may overwhelm the counteractions
available from control surface deflections. Analogous with the flow about most aircraft and missile
forebodies at incidence, where crossflow effects dominate, is the flow about a slender cone. Having
already established the structure of the symmetric separated flow about a circular cone at moderate
incidence (References 3, 28, and 29). where free shear layers spring from primary and secondary
separation lines to form well-organized, spirally coiled vortex motions. we may use the cone as a con-
venient vehicle to investigate the asymmetric flow complexities at elevated attitudes. Rather than des-

troying the asymmetric vortices to alleviate the induced side loads, our aim has been to retain the power
of the vortices by controlling their orientation (References 1. 2. 3. and 24). The emphasis has been to
acquire not only overall forces, pressures, and separation line locations on the cone, but to accompany
these with laser vapor screens of the asymmetric vortex wake to produce a conceptual framework of theflow. The 1.4-meter (54-inch) long. 5-degree semiangle cone was sting-mounted on a roll gear in the

Ames 1.8- by 1.8-meter (6- by 6-foot) closed-circuit wind tunnel. Two spherically tipped, interchange-
able frusta were manufactured to fit the front of the model. One frustum was smooth, and the second
had provision for blowing ports, as shown in Figure 13. The apparatus is described fully in References
2, 3, and 28.

BLOWING HOLES AT X/k = 0.12 AT 1 = -150

(RIGHT ANGLE TUBES MAY BE INSERTED
INTO ANY HOLE)

HOLLOW FRUSTRUM

5 BLOWING PIPE

- - - -. - COMPRESSED
e:- :EAIR

NOSE RADIUS = 4% BASE RADIUS = 4.8 mm (0.19 a)
CONE LENGTH. = 1.37 1 (54 I

(a) NOSE PIECE

NO. 0' JET DIAM.. NO. 0, JET DIAM..
I mm (in.) I mm (in.)

7N TUBE
I NONE 10 150 34 10 132). FACING UPSTREAM

BLOWING

5 (~ 3 FCINGTUBE
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TUBE
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BLOWING

TUBE _ TUBE
9 150 3.4 O132), FACING UPSTREAM 13 O150 3.4(0.132) FACING DOWNSTREAM

NO BLOWING BLOWING

ALL CROSS-SECTIONS ARE VIEWED LOOKING FORWARD

(b) CIRCUMFERENTIAL ARRANGEMENT OF JET HOLES
(NUMBERING IS IDENTICAL WITH REF. 7)

FIGU, i14. SCHEMATIC OF WIND TUNNEL MODEL AND BLOWING NOZZLE LOCATIONS

The onset of asymmetry for a forebody alone typically occurs when the forebody angle of Incidence,
a. exceeds twice the nose semiangle, c . The ratio. 0/0., is called the relative incidence, a. an important
parameter when comparing slender nose shapes of different ".. In wind tunnels it has been found that the
onset phenomenon (References 8. 25, and 28) and the initial direction of the side force are responsive to
small changes in geometry it the nose, Reynolds number, and free-stream Mach number. This sensitivity
is detected up to relative incidences at which there are transonic conditions with embedded shock waves in
the leeward crossflow, whereupon the side forces disappear (References 2, 25, 26, and 28).
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A candidate mechanism for consideration to explain the initial development of asymmetry in tile sub
sonic vortex flow is related to tile known susceptibility to instability (Reference 30) of inflexional velocity
profiles. Such profiles exist in the vicinity of tile primary vortices and the saddle type singular point that
encloses the flow above the vortices in the crossflow plane (References 2 and 31). Some recent research is
helpful in illuminating this instability mechanism. Nishioka and Sato (Reference 32) experimentally showed
that the initially stead' symmetric laminar ftow about a two-dimensional circular cylinder becomes unstable
beyond a certain (low) Reynolds number. Tne new flow produced is time-dependent and periodic, and
develops into the Karman vortex street. A theoretical study accompanying the experiment suggests that
the steady flow becomes unstable to anti-symmetric disturbances in the vicinity of the enclosing saddle
point. Imagine the consequence of this result for impulsive flow development past the same two dimensional
cylinder. For Reynolds numbers less than this low value, the transient flow approaches a steady state as
time approaches infinity and this steady state is symmetric, but for larger Reynolds numbers the transient
flow is symmetric only at small values of t. As time approaches infinity, the steady state to which this flea
is tending becomes unstable, with the result that antisymmetric disturbances can grow sufficiently large to
once again promote the beginning of the Karman vortex street.

If we now invoke the impulsive-flow analogy and imagine a fixed plane through which a slender, circu
lar cross sectional. three-dimensional body passes with a downward velocity, one expects to ee in this
plane a flow development with time (i.e.. the structure and mechanisms) similar to that of the impulsively
started cylinder. Since the particular Reynolds number is low when the vortex street begins, we may postu
late that all three-dimensional bodies tested would evidence the instability if they were sufficiently long.
Its manifestation depends on the rapidity with which the velocity profile that becomes unstable is approached,
as well as on the size or amplitude of the initial asymmetric disturbance. So far, then. we note that tile
candidate mechanism has been developed in accordance with observations of the laminar wake. References 7
and 33. hwever, illustrate that the structure of both the laminar and turbulent isymmetric wakes about
slender bodies at incidence appear similar.

We therefore propose to extend the range of applicabihtty of the candidate mechanism to also explain ,le
as! ,metry phenome, n in fully developed turbulent flow. Furthermore. on the basis o1 this candidtie meovi:
nism. we may predict that when leeward shock waves form in the croasfiow about a three dimensional bod"y.
the effects of vortex .asymmetries in the wake will tend to disappear. Such an event is likely because there
can be no direct li',insfer of the effects of amplified disturbances in the saddle point retinoi to the boly
and vice ver

About the cone, tile local asymmetric flow perturbations developing about extremely small roughnyesses
at the nose may not only amplify downstream in the wake but may also goven the initial direction of the
asymmetry. Near mirror images of the side force /incidence performance of a slender cone. for example. are
obtained at body roll angles of ! 90 degrees (Reference 21. Tile small surface irregularities may also toad to
asymmetric transition (Reference 27). In the range of transitio al Reynolds numbers. therefore, we may
postulate an additional candidate mechanism in the existence of , steady asymmetric mean flow (Relerenec :34).
In the practical flow case of a slender body at incidence, we si all frequently be dealintg with laminar, train
sitional. and turbulent flows, where both candicate mechanisms will be possibilities. Nevertheles-. fir our
cone, laminar arid transitional flows are restricted to the region close to tine nose. so th:t we aniiicipalt the
character of the flow at tile enclosing saddle point to dominate tile wake development.

B. 1.2 Control of the Asymmetric Vortices

Because the direction of tine leeward asymmetry is sensitive to small irregularities it. the surface at
the nose, it is conceivable that the degree of asymmetry may be controlled by a single small strike to couitter
tine vorticity imparted by the geometrical imperfection; or by spinning the nose. to remove altogether the
sensitivity to nose perturbations (Reference 10). On the other hand, to perturb the flow in a controllable
and repeatable manner without a "parasite" configuration penalty, we should like to make small but measure
able changes to tine effective forebody geometry near the nose by novel active means to potentially alter the
asymmetric leeward flow structure. Some recent results of Sharir et at (Reference 35) have demonstrated
tine potential for control by air injection normal to tine surface. They advised that blowing symmetrically
from jets on the windward side of the nose of a missile configuration was effective in din-inishing the side
force. We propose that blowing from the leeward side, in the vicinity of the separation lines, should pro
duce an even greater effect on the asymmetric flow development. For comparison with various jet configura
tions employed in our experiments, the usefulness of passive devices such as an asymmetrically positioned
strake and roughness elements has also been investigated (Reference 3).

B .2 EXPERIMENTAL. RESUfLTS AND ')ISCUSSION

B.2.1 Structure of Asymmetric Vortex Wake

Up to relative incidences of more than 2 for our cone model, the leeward vortices rtmain symme
trically disposed about the pitch plane. stemming from symmetric primary and se-ondary separation lines.
S1 and S2, on the cone surface. At relative incidence slightly greater than 2.5 however, the leeward
vortices take on an asymmetric pattern. Figures 14(a) to 14(e) illustrate the sequence of asymmetric
flow field developments up to6= 3.6 at M. = 0.6. obtained in the wind tunnel using a vapor screen illu
minated by an expanded laser line set normal to the cone surface. The view is towards the apex of the
cone from the bne of the body; the roll orientation of the cone was fixed. Eigures 15(a) to 15(e) are
corresponding interpretations of the leeside vortex wake. as projections of the three-0imensiot.al stream
surfaces in the experimental external flow onto crossflow planes normal to the cone surface. These pro
jetlons provide the continuous patterns of crossflow streamlines in association with a limited number of
singular points (i.e., zero velocity points In the crosafow plane) that yield a conceptual framework of
the fluid mechanics. Notice. in Figure 15(a), the following ch-tracteristic features: The primary vor
tices result from the separation of the windward boundary layers at S I. and the induced boundary layer
growth from the attachment line At near the leeward ray is eventually caused to depart from S2 as
secondary vortices of opposite sign to. and tucked beneath, the primary vortices. Additional attachmentI



10-13

lines. A2. are found between the separation lines. S1 and S2. The characteristic convergence ti skin
friction lines towards a separation line. and divergence away from an attIachment line. are di splaved in
Figures 16(a) and 161(b).

VIEW FROM BEHIND CONE BASE
VERY UNSTEADY

11 o/0=2.6 (b) 0,10 C 3.2 () 0/0 3.

(d) j0 c ~.4 1.) -3.6

FIGURE 14. LASER VAPOR SCREEN - DEVELOPMENT OF VORTEX ASYMMETRY
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FIGURE 15. LEESIDE VORTEX WAKE STRUCTURE

Let us assume an asymmetric disturbance to originate at the nose. of the same rotation, say. as tie
port side primary vortex. If this disturbance amplifies in the vicinity of the enclosing saddle point as a con
sequence of instability of the inflexional velocity profiles, there will be an effective increase in the vorticity
of the port side primary vortex. This vortex will enlarge slightly and move away from the surface as shown
in Figures 14(a) and 15(a). As the relative incidence increases up to 3.2, the feeding shear layer continues
to stretch, as shown in Figures 14(b) and 15(b). At a relative incidence of 3.3, in conjunction with the
appearance of gross unsteadiness of the secondary vortices, the elongated shear layer itself passes through
a shedding stage, as shown in Figure 14(c). until at a relative incidence of 3.4 there is definitive evidence of
a third spiral vortex motion, as shown in Figure 14(d). In order that the two vortices of the same rotational
direction be able to coexist in tandem on the left-hand side, the rules of topology (Reference 9) instruct us
that a new saddle point must be inserted between them. as shown in Figure 15(c). As the relative incidence
increases still further, the starboard-side primary vortex begins to grow, as shown in Figures 14(d) and (e)
and 15(d) and (e). resulting eventually in the repetition of the shedding process for the opposite side; these
incidences at which shedding occurs correspond with the maximum induced side loads. Note that the onecrossfiow streamline emanating from the enclosing saddle point to the body at Al as shown, for example, in
Figure 15(e). always partitions the left- and right-hand sides of the wake. Except during the shedding pro-
cess. each flow field is constituted of well organized spiral vortex motions. In addition, scanning the plane
of the laser vapor screen from the nose to the base of the forebody demonstrated virtually identical structure
of the crossnfow along the entire length of the cone.
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air, blowing its aI controlled disturbance. into the stream near the nose but onl the leeside. Let us also locate
the jet biet ween thle primary and secondary sepiarat ion I lies S I and S 2 onl one side of the leeward meridian.
it dispositijon chosen to he situated beneath thle prnarN vortex that initillyv lifts off the surface ( Reference
I ) . Figure 1 7 illustrates at proposed model of tlte flow it, terms of thle crossflow strieaimlines in at platte neat'
the ha se of tile cone loolking towards thle apex . to tie figure. thle jet issu inig normal to tie surface is situi

ated to tile rilht of the leeward meriditan. T he ensuing in teract ion between thet free ,trteanland0( thle let plume
penetrating downstream produces a new pair of skewed coot rarotatitig vortices above the forebody vortices.
In Figure 17. the median tine of the jet efflux is depicted as at crossflow streainte commiencing at the colie
surface attd terminating at the saddle point that intercontiects the jet vortices. It is seen that the skewed
orienitationi of the jet vortices must occur to attain a biiliince of forces or, the four vortex cores. Thle aiodel
also show:i thait intriiducing the jet voirtices into the crossflow plane moves the enclosing saddle point further
itnto the free-streim, thereiiY reiducitig its itifluetice ill the surface. In addition. the reorganized interactive
flow structute mlay prevent altogether the idevelopmient of tile shedding process that results in the formationi
of the third ;ottex .

ENCLOSING
SADDLE JETPOINT VORTICES

S

MEDIAN
LINE OF
JET PLUME

FORE BODY
PRIMARY
VORTICES

SECONDARY
VORTICES V

FIGURE 17. LEESIDE VORTEX WAKE STRUCTURE WITH
BLOWING JET

illiullx I iu" 18:)thiroiughi lxiici w i it niwil lming . 'file planies of illuiinat iii are at x 1 0i.87.
w ithi the %wIlt- loolking fiitisad .. i and 100 11tatic ;it'i'sili' pot'ts were'i situtied'l 'ii the surface. Al
thoiugli til', t li, nioist Ilusta ill I iglur 131) weret't'iiiiactriitre to tight tolviaticees. wv ili1t still e'xpect that
li'hi i:il di 'lt ti of thle aswtyfotr.,chi nost' woiuld lit unpelilictiile . 'Thu- fot' tihe liarticlir nose

frustum ii1'il ini "Iitinthug til' results Ii'lg I irr i8 (Ni. f; ill I igur'i 131. it so ha Ia' s that . ill the Mluelice iof
louwini.c ,- nst:i,hoaord vortex lifted uiff fit'st ( this is The mirro tl'imlili' if 'nurs'e. of ill(' f'low udevetopmnent
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(c) Ill, jt oifce s . 6milimte, (0.140inn) ndislutIedu it 0i 150 td'grtes, bit'eathi tile

(init illy) h igher itrtex . fill orbd'orie an', Tie iriflit ovatl biliibs close ti tile clonic. swhile tile let
vuirtict's ii thie k~ltucy hiapied bright zonti re skewed at almoiist 90 degrees frnti tile hionttal. At it blow
ill

1 
ridte. (.', .of 0i.001t4. Figure t18i h) show~s Itiat hinitia a t.vitietrc iirientattionl is tile slame as thltt with

flo plow inig. 'Ihie low port sidle vortex etihantre% the sect itii pressures% i t hat side. ptrotviditig at side force
tii ilt', left .AsC' iticrelies to 0i. 003. as sitown iti Figure 18 Si it. the surface pressure distribiutions abotiO

elich sidle if tile meriiantt plane lare almoust cintciidettt ni tihere is nti overall site force. With further addi
tin (Itf let Mmenmtium flux, as, shinsn in Ifigure I XI i tilt otrittilttili iif tihe fuireitodts vortices is the mirrotr
state tif I igure loi a . andu ilt' sidte fore is now1 Ito tiie right. Niitt thalt tiit'uugiiout tis range~t of (,', at

this given rt'lat se inluetice if 3.3. tilt skewn ess if the lii suirt ices cillnlie little. As their stretngthi ill
i'l','tes w5it)li tile ilicrelting C ' , I the ir effect is reflected it I tiv res ist'il orinittittl of thIei fitreitay vort ices.
prnduin ilg a stible I'll I conlfigu ratI in. 'lii jet vortices 'titer Ithi' relativ e amoutts of free-st ream etitritied
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B . 2. 2. 2 Effectiveness of Blowing in Changing Side Force Magnitude and Direction

The change in overall Flide force coefficient (C yB, Measured with the balance) as the rate of air in-

jection C, grows. is depicted in Figure 19. The cone is at a constant relative incidence of 3. 2, slightly less

than the setting at which the vapor screen pictures of Figure IS were taken and close to that at which shed
ding to form the third vortex was seen in Figure 14. Figure 19 provides force polars not only for air injected
normal to the surface (Configuration 6 iln Figure 13). but also for tangential blowinzg both upstream and down
stream along a conical ray (Configurations 10and 12 respectively).

Remembering that the objective of the blowing is to exert positive control over the orientation of the
forebody vortices, we see how this might be achieved (Figure 19) for. first, yielding C yB_0 for a minimum
blowing rate and. second providing a rannge of side force that might be used for maneuvering (the different
offsets tt Ch = 0 are caused by the three different asymmetric blowing port arrangements). With regard to

the former the upstream pointed jet is the optimum arrangement at this particular relative incidence
t th = 3.2). but the downstream injection provides C 0 over an extensive range of C (0.0025 < C<s.0055).

With regard to t she latter, both normal and tangential injection perform creditably, but normal injeation is
pr red. Inection also suppressed the substantial fluctuations in side force (Reference 3).

Corresponding with blowing rates greater than 0.005 (see the right-hand side of Figure 19). Figure
20 presents the effect on the side force at constant C t as a is increased to 4. The effectiveness of up-

stream and downstream tangential blowing in delaying the onset of ort a rr also in reversing the de
force development relative to the no-blowing case is presented in Figure 20. Note also the degradation
in controlling the direction of the side force when a pair of jet symmetrically disposed at 0 + 150 degrees

about the leeward meridian is used. although the onset of asymmetry is usefully delayed. This offset in
CyB at low relative fcdonte occurred for all configurations. Whether this was due to angularity in the

fstre am or model misalignment is speculativel in either event the offset has no bearing onhe thrends of

the results.

I
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FIGURE 19. SIDE FORCE POLARS

Finall, test was performed at a relative incidence of 3.2 to investigate the effect of rolling the iiiodel
with the downstream pointed jet off (Configuration 11 of Figure 13) and then with tile blowing rate at 01.0054
(configuration 12). Tile circumferential positions of tile blowing tube during tile roll excursion ire .hm n
at the bottom of Figure 21, the view again looking forward from the base of tile cone. The datum setting in
roll a ogle of the body. oR-0 degrees, is when the jet is located 150 degrees from the windward ray. its shown

if) tile bottoi left hand side of Figure 21. The side force continues to be measured in the wind axis systel,
of co rdinrates. Roiling iii an anticlockwise sense. we see. in the foreiody roll angle range if 0 to :10 degre,,
that the jet is able to reverse the direction of the side force in comparison with tile no lowing case, this is
tie &ontrol exerted y blowing beneath the higher (if the two primary vortiires. Once past OR - 31 del7 ree-

however, tire ability of the jet to reverse the side force is lost. In the body roll angle range of 30 degrees
s R <55 degrees, the jet issues beneath the low vortex and exaggerates the side force magnittitle, but

R
effects no control over aide force direction. In the remainder of the body rolling sequence 130 degrees
<0 < 180 degrees) with the jet flow positioned ol the windward side. the blowing changes neither the ide

force amplitude nor its direction to tiny significant extent. Thus. Figure 21 shows that tire single air iet
can only effect reversal of the side force when blowing beneath the high vortex (0 degrees.eoi< 30 de

grees and can only n.olulate the amplitude when blowing on the leeside (0 degrees<#, <70 degrees). When

blowing froni tile windward side, tile jet's behavior is analogous to that of a solid roughness element.

H.3 CONCLUSIONS

Small quantities of air injected froni a single orifice near the nose prevent shedding (i.e., formation of
i iditional vortices) in the asymmetric vortex wake about a slender conical forebody. Injecting air also
Iermits control of the magnitude of the induced side force at angles of incidence up to (at least) four times
the semi nose angle. The blowing location was inboard of the primary separation line on one side of the lee
ward meridian at 150 degrees from the windward ray.

When the jet is situated beneath the higher of the two asymmetrically disposed primary vortices, the
control is additionally effective in reversing the direction of the side force.

The thrust coefficient. Cu . based on the maximum cross sectional area of the forebody. is no greater

than 0.006.

Asymmetric injection from the windward side of the cone proved ineffective in controlling either tile
magnitude or the direction of the side force.

The choice between blowing either normal to the surface or tangentially upstream or downstream
is open. It would depend on the C. available and whether the objective was to provide either a nominally

zero side force or a finite side force and prescribed direction for lateral control purposes. in the design
range of incidence.

- 4_ __
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INFLUENCE OF CONFIGURATION COMPONENTS OF

STATICALLY UNSTABLE COMBAT AIRCRAFT ON THE
AERODYNAMIC DESIGN FOR HIGH ANGLES-OF-ATTACK

DR. G. WEDEKIND

DORNIER GMBH, FRIEDRICHSHAFEN

GERMANY

1. INTRODUCTION

With the design of future combat-aircraft new problems appear, which do not exist for

fighters flying today. These problems are caused by the fact, that one tries to design

these aircraft unstable in the longitudinal mode, to.get improved performance. Further,

one intends to shift the upper limit of the maneuver range up to angles-of-attack which

are far beyond the angle for maximum lift. These two facts cause special problems at

high angles-of-attack, which will be discussed in this presentation.

Although these problems do not affect the main factors of design, they nevertheless

must not be neglected, because they have a large influence on the design.

In this presentation the influence of some aircraft components on the design of stati-

cally unstable aircraft will be shown in order, to give a certain insight into the ba-

sic problems of such aircraft. All tendencies related to aerodynamics, which will be

shown in this presentation, are derived from wind-tunnel tests.

Figure 1.1 shows a typical wing as an example of those which will be discussed here.

These wings have the following features:

- the span is mostly defined by the stationary turn-rate at transonic speed,

the weight, and the thrust of the aircraft

- the aspect-ratio is relatively small, and the leading-edge is swept to get

low supersonic wave-drag

These features lead to wing-planforms similar to that shown in figure 1.1.

Because the problems at high angles-of-attack have to be seen in connection with the ba-

sic requirements of the design, and because most of them cannot be understood without

having a general overview, the presentation will be built up as follows: (fig. 1.2):

1. Show the basic requirements for a combat aircraft, especially for an air-to-air

combat fighter.

2. Show the effect of an unstable design on the performance of such an aircraft.
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3. Show the limits of instability due to the control system.

4. Show the problems at high angles-of-attack due to longitudinal instability and

lateral and directional stability.

The last point is the real topic of the presentation. The first three points are to be

seen as an introduction.

2. REQUIREMENTS OF A COMBAT AIRCRAFT

In figure 2.1 typical requirements of combat aircraft related mainly to air-to-air mis-

sions are listed:

- high sustained turn-rate is demanded at transonic speeds and at low supersonic

speeds

- large maximum lift is required, because of a small corner speed

- to get high maneuverability, controllability is required at angles-of-attack above

that of maximum lift. For instance the usable angle-of-attack region should exceed

aCLmax by at least five or ten degrees.

One can find the regions of these requirements in a diagram "angle-of-attack versus

Mach number" as shown in figure 2.2. Only the main requirements are shown. There are

additional requirements, such as high agility of the aircraft, which means that a high

potential of acceleration is needed.

The discussions in this presentation however will be confined to the requirements

shown above.

The following should be noted:

- For the stationary turn-rate at subsonic speed the induced drag coefficient

(K-factor) and the wing area is of predominant influence

- For the stationary turn-rate at supersonic speed an additional influence

is present due to the zero-lift drag.

- The maximum lift is a function of large trimmable C Lmax andi of course also

the size of the wing area.

- Very many components have a larger influence on lateral and directional sta-

bility and control at high angles-of-attack, which often interfere with each

other. It is therefore almost impossible to give a systematic overview of

all influences.

To get high turn-rates and maximum lift, a destabilisation seems to give some advanta-

ge. In the following chapter will be shown how an unstable design affects the aircraft-

performance.
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3. EFFECT OF AN UNSTABLE DESIGN ON AIRCRAFT PERFORMANCE

The effect of an unstable design can be demonstrated by means of a polar of a simple

tailless configuration with trailing-edge flaps (figure 3.1). The left side of the

figure shows the polar CL = f(CD), for several flap-down deflections. The right side

shows the diagram CL = f(Cm), where the moment reference point is at the aerodynamic

center, which means that this diagram is valid for aircraft with neutral stability.

Such an aircraft is trimmed by a very small flap-deflection. As can be seen from the

polar CL = f(CD ) the drag-coefficient is relatively poor. The coefficients with a posi-

tive (down) deflected flap are much better. To trim these deflections, which give

a nose-down pitching moment, it is necessary to shift the center of gravity aft, so

that the wing itself balances this moment by a nose-up-moment. That means that the air-

craft has to be flown unstable. The optimum instability for tailless configurations

with small aspect ratio is in the order of a static margin SM =w(Xcg - Xac)/C % -15 %.

When a horizontal tail and leading-edge flaps are added, the problem becomes more com-

plicated. But in this case too, an unstable aircraft has better drag-coefficients than

a stable one.

3.1 Effect on sustained turn-rate

The effect, that the static margin has on the sustained turn-rate, can be seen better,

in a plot of CL-S over CD.S (figure 3.2). The maximum drag CD*S or D/q for stationary

flight is equal to the maximum thrust Tmax/q. From these values the maximum lift CLt. S

for the stationary turn-rate can be found.

In addition to a low induced drag-coefficient, an appropriately large wing area is need-

ed to get a large CLt. S.

In figure 3.2 the polars for a series of three configurations having different SM are

plotted for the same subsonic Mach number. The design with the smallest instability

(SM = 0 %) has a larger wing area as a compensation for the relatively poor induced

drag coefficient.

All three configurations are designed for the same sustained turn-rata at subsonic

speed. The small differences in C Lt S are related to different weights: The config:ca-

tion with the smallest instability, having the largest and heaviest wing, demands the

largest CLt.S. The zero-lift drag differs slightly, but its influence on the sustained

turn-rate at subsonic speeds is quite small.

At supersonic speeds there is a different effect:

Because of the smaller maximum thrust Tmax /q at that Mach number and the larger wave

drag, the zero-lift drag has much more Influence. The wave-drag, depending on the maxi-

mum cross-section, is larger for the configuration having the larger wing,

So a remarkable advantage is to be seen for the most unstable design with the smallest

wing. In figure 3.3 the maximum sustained turn-rate for subsonic and supersonic speed

is plotted varying static margin and wing area independently. At subsonic 
speeds insta-

bility can be substituted by a larger wing area. At supersonic speeds this Is not pos-

sible. Here the improvement due to enlargement of the wing area is almost compensated by

the increase of the zero-lift drag.

'I
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3.2 Effect on the corner-speed

The corner-speed Vc is the speed, where the load-factor at maximum lift equals the maxi-

mum possible load-factor due to structural limits (figure 3.4). The smaller Vc the more

maneuverability an aircraft has at lower speeds or higher altitudes. Therefore a small

corner-speed is favourable.

Varying static margin and wing area independently has a similar effect on V as on the

sustained turn-rate at subsonic speeds: Instability can be substituted by wing area.

3.3 Conclusions

An unstable design provides large advantages only for aircraft which must have good per-

formance at supersonic speeds. At a given sustained turn-rate at subsonic speeds the

following can remarkably be improved by destabilisation:

- wave-drag

- sustained turn-rate at supersonic speeds.

4. LIMITS OF THE UNSTABLE DESIGN DUE TO THE CONTROL SYSTEM

Instability is limited by several factors. On the one side the control system which has

to stabilize the configuration artificially, has a certain reaction speed, which gives

a limit to destabilisation. On the other hand there is a limit in the region of high

angles-of-attack which will be discussed later.

4.1 Motion of an unstable aircraft

The motion of an unstable aircraft can be roughly derived from figure 4.1. (For more

exact evaluations flight-mechanical calculations have to be made).

For an aircraft which can rotate around the pitch axis, the following equation of mo-

tion can be set up.

The acceleration of the increase in angle-of-attack, a, multiplied by the product of

mass m times the square of the inertia moment-arm ry equals the moment due to the dist-

urbance Aa. For an unstable design Cm, is positive, and therefore the result is an ac-

celerated motion which follows a cosh-function. The time to double t2 is one -f several

variables, on which the needed reaction speed of the control system depends. The equa-

tion for t2 shows, that the static margin is only one variable, 
which affects the time

to double. From this equation the following conclusions can be drawn:

- An aircraft with a small wing, like a Starfighter for example, can bear a

much larger static margin than one with a delta-wing.

- Because of the larger density of air the aircraft reacts quicker at low alti-

tude than at high altitude.

- At high speed the time to double is smaller than at low speed, but at low speed

the disturbances in a due to gusts are larger, so that at low speed (landing)
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there are mainly the same problems related to artificial stabilisation than

at high subsonic speed.

4.2 Conclusions

At this point the following facts can be summarized

- An unstable design gives improved performance especially to a supersonic combat

aircraft

- To avoid a restriction of the maneuver angle-of-attack it is desirable to make

the aircraft controllable above the a for maximum lift.

- Because the unstable design causes similar problems to the flight control system

at low speed and high angles-of-attack as at high speed, the behavior at high

angles-of-attack has a large influence on the design of an unstable combat air-

craft. It can restrict the choice of the wing planform as will be shown later.

5. PROBLEMS AT HIGH ANGLES-OF-ATTACK

In the region of high angles-of-attack attention has to be paid to the following points:

- limit of maximum usable instability

- pitch-up problems

- problems due to lateral and directional instability

- problems related to roll and yaw control

The first two items are related to longitudinal motion, which ale strongly influenced

by instability. The last two are mainly independent of the static marlin.

5.1 Limit of usable instability

At high angles-of-attack there is an additional limit of usable instability which is

now explained more precisely (figure 5.11:

On this figure the maximum nose-down moment (flaps down) of a tailless configuration

for different static margins is plotted over a. When destabilizing a configuration the
following effects result:

- At low a the maximum nose-down moment reduces because the center of gravity

approaches the aerodynamic center of the flaps

- the derivative 3Cm/ma becomes more positive because of the unstable design

- Therefore, when increasing the instability, the Cm = f(a)-curve points to more

and more positive values at high angles-of-attack. That leads to a zero pitching

moment at a certain static margin or even to a so called "trim gap" when destabi-
lizing further. An aircraft with too much instability will pitch up when flying

into this region and stay at the upper limit of the trim gap, which would be very

undesirable. So, always a minimum pitch-down moment, a so called recovery moment



Cm rec' is needed. This fact gives an upper limit to the maximum usable instabi-

lity, SMmax, which must not be exceeded.

It is assumed for this presentation that the minimum pitch-down moment be zero, and the

recovery moment is produced by a vector nozzle or a similar device.

The maximum usable instability for a tailless aircraft is mainly a function of

- wing-planform, (which means: leading-edge sweep, aspect ratio, size of the wing-
strake etc.)

- further parameters like the form of the vertical tail (twin or single), flap

size and so on.

The influence of some of these parameters on the maximum usable instability will be

shown in the following sections.

5.1.1 Effect of strake-size andlea ing:£d £_sw££

The increase of strake-size and leading-edge sweep has the effect that the nose-up ten-

dency is increased as shown in figure 5.2 for the example of a strake-variation and for

constant static margin (SM = -10 %). When increasing strake-size or leading-edge sweep,

the maximum usable instability is reduced. If one wants to get similar instabilities for

configurations with larger leading-edge sweep, one is forced to reduce strake-area down

to negative strake-areas (which can be defined as "negative strakes") that means "gothic"

wing-planforms. In figure 5.3 the result of a wing-trend is plotted. The maximum insta-

bility SMmax (Cm rec 
= 

0) is shown as a function of strake-size for three leading-edge

0

sweeps AO = 45°1, 56'
, 
and 63'

.

To get a negative trailing edge sweep, which improves the pitch-down characteristics at

high a, the aspect ratio is varied simultaneously. One can see the following:

- An increase in strake-area reduces instability

- an increase in leading-edge sweep reduces it too

- the larger the leading-edge sweep, the smaller the dependency of instability

on strake-area.

One can assume that all the configurations, having roughly the same weight and the same

engine, will have approximately the same span. Therefore the configuration with the lar-

gest leading-edge sweep will have the largest wing-area and the largest reference cord-

length E, and, from the point of flight control, its maximum instability has to be redu-

ced in comparison to that with a wing having a smaller leading-edge sweep. Configura-

tions with different wing-planform but equal time to double are marked with circles.

When comparing different wing-planforms for highly unstable aircraft one should use

such trends.

.......



5.1.2 Effect of the form of the vertical tail

Vertical tails can be designed as single or twin tails. A twin vertical tail makes sense,

when large strake areas are used, because they possibly reduce nonlinearities in lateral

stability at higher angles-of-attack. Furthermore twin verticals - especially when cant-

ed - normally can improve lateral and directional stability at high a due to the V-tail-

effect. But there is one big disadvantage of twin verticals on configurations without

aft-tail, especially at a high-wing configuration: At higher angles-of-attack it seems

that the flow breaks down in the region of the verticals, i.e. the pitch-up tendency is

increased. Because of the reduction of maximum instability, related to pitch-up, a twin

vertical tail reduces the maximum usable instability.

In the upper part of figure 5.4 this effect is shown for a tailless configuration. SMmax
is reduced very much.

5.1.3 Effect of an aft-tail

When the vector nozzle, which can provide for the recovery moment, is replaced by a ho-

rizontal aft-tail, Cm rec has to be produced aerodynamically. As shown in the lower part

of figure 5.4 an aft-tail configuration can be designed for similar instabilities. The

reduction in maximum usable instability related to a twin vertical tail is reduced.

5.2 Maximum occuring Instability

5.2.1 Desired behaviour

A further effect at high angles-of-attack, which must not be overlooked is the possible

occurence of a pitch-up. By this is not meant here the usual definition of pitch-up at

stall conditions, breaking stable or breaking unstable in a CL = f(Cm) plot. By "pitch-

up" is meant in this presentation an increased aCm/a. at higher a relative to that

at low a. As was already seen in the figure 4.1, Cm. is the important factor for the

time to double and not the unstable static margin, defined as SM = (Xcg - Xac)/c'. Con-

trol has to be designed for the maximum Cma. If a maximum Cma occurs in the region of

higher angles-of-attack, as shown in figure 5.5, the aircraft will not any longer have

an optimum performance, because the basic instability at low a has to be reduced. A

more "optimum" Cma-function should possibly have a pitch-down at higher angles-of-at-

tack, for example to reduce the problems at landing, when large flap deflections are

needed to stabilize the configuration. Furthermore the center of gravity can shift back-

wards and thus increase the instability, when the aircraft fuel is exhausted, especially

when the heavy engines are in the tail of the aircraft.

Maximum possible instability is a function of many factors; for example the design of

the control system and hydraulic system, hinge-moments, and so on. So, maximum instabi-

lity can't be evaluated except with realistic simulation.

Especially with configurations without aft tail, the Cm-problem can become aggravat-
ing: In figure 5.6 a typical flap-effectiveness AC, is shown as a function of a and

flap-deflection. This effectivity is reduced with increasirg a, beginning at a , 200

up to a , 400. Unstable configurations are trimmed by a positive flap deflection in this

a-region. This fact can result in an additional positive Cm as shown in figure 5.7.
! Stable confJgurations, trimmed by negative flap-deflections, don't show this effect.
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Especially configurations, which realize only small maximum instabilities are disadvant-

ageous: At low , there is a relatively large nose down moment and a relatively small

positive Cm. At high angles-of-attack Cm rec is zero. So that the Cm -curve at low

points to a "wrong" direction. Therefore there has to be a pitch-up somewhere at

medium <.

Two values for maximum pitch-up can be defined

- a trimmed maximum pitch-up, which should be analysed more extensively, because

it is the more important value for the configuration (MPT)

- an untrimmed maximum pitch-up, which is always larger than the trimmed

one (MPU).

Some results for the untrimmed maximum pitch-up are shown in the next section.

The trimmed pitch-up doesn't depend directly on the untrimmed one, but a configuration

with a large untrimmed pitch-up is suspected to have a large trimmed one too.

5.2.2 Untrimmed maximum _itch:9L

5.2.2.1 Effect of basic static margin

The basic instability SM at low , itself has a certain influence on the pitch-up. In

figure 5.8 this dependency is shown for an example of a strake variation. The variable

MPU (maximum pitch-up untrimmed), defined as MPU = Cma max/(CL )low, doesn't become

zero, when the basic instability SM goes to zero. This tendency is more or less valid

also for the trimmed pitch-up. That means that the basic instability has to be reduced

very much for a configuration with a large pitch-up tendency, when the maximum possible

instability is given by the flight control system. This figure further shows that the

maximum occuring instability can become very large.

5.2.2.2 Effect of leading-edge sweep and strake-size

Because of the fact, that the trailing-edge flaps provide for a pitch-up tendency at

unstable configurations, it is necessary to choose a wing-planform giving a pitch-down

tendency to balance the flap-effect.

The kind of wing-planforms required, will be analysed in the following section.

5.2.2.2.1 Effect of leading-edge sweep

Figure 5.9 shows the maximum pitch-up untrimmed (MPU) for configurations without strake

as a function of leading-edge sweep. The trailing-edge sweep is negative for all confi-

gurations from which this figure is derived. That means that the aspect ratio is varied

simultaneously with sweep. The following facts can be seen:

- All configurations with flaps up havinq a leading-edge sweep exceeding

A0 ^ 500 show a pit-h-up.

- With flaps down pitch-up occurs, when the leading-edge sweep exceeds an

angle of Ao = 450
.



-The smaller the sweep the larger the difference between the curves "flaps

up" and "flaps down". At large leading-edge sweep this difference is small.

The last statement is only true, if leading and trailing-edge flaps are both deflected.

The dependency of the maximum pitch-up untrimmed (MPU) as a function of leading and trail-

ing-edge flaps separately deflected, shows figure 5.10: the maximum pitch-up untrimmed is

reduced very much by a leading-edge flap deflection.

One should be cautions with the absolute values shown here, because many more components

of the configuration have an influence. The last two pictures are valid for "well rounded

noses". For example a sharp nose results in a lower pitch-up, this influence is larger

the smaller the leading-edge sweep. A positive trailing-edge sweep intensifies the pitch-

up.

5.2.2.2.2 Effect of strake-size

In figure 5.11 the maximum pitch-up untrimmed (MPU) is shown for several wings with dif-

ferent strake-sizes. As can be seen, for the 450 and 50
0
-wing, a strake provides charac-

teristics of a wing with higher sweep:

- the pitch-up with flaps up is increased and the curves "flaps up" and "flaps

down" approach.

Configurations having a large leading-edge sweep can have a low level in pitch-up or

even a pitch-down, as long as a "negative strake" is provided.

5.2.2.3 Effect of an aft-tail

For configurations with a horizontal aft-tail these problems can be reduced very muth.

With a low tail the following effect occurs (figure 5.12): A trailing-edge flap deflect-

ed down causes a strong downwash at the horizontal tail. With incressing angle-of-attack

this downwash is reduced due to the flow separating at the flaps. Therefore the effective

angle-of-attack of the tail aH is increased with increasing a, a fact that results in

a pitch-down tendency due to a low horizontal tail. This mechanism works as long as

-the flow isn't separated at the tail itself

- the tail is kept free of the wing's wake.

This is the case for normal trim-positions of an unstable aft-tail configuration over

the whole angle-of-attack region. Figure 5.13 shows this effect as tested in a wind-

tunnel. The tail-off configuration shows a slight pitch-up untrimmed (PU) when flaps

are deflected and a pitch-down-tendency when the horizontal tail is on.

If the position of the aft-tall is higher, irregularities in Cm can occur at higher

angles-of-attack, because the tall is within the wake of the wing.
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5.2.2.4 Effect of a Canard

As can be seen in figure 5.14, a canard produces a certain pitch-up tendency. In the
upper part of the figure the PU is shown as a function of CL for a canard-off confijura-
tion with different flap deflections. The lower part shows corresponding results for the

canard-on configuration with 6N,F - 360/100. The center of gravity is held at the same
position, so that the basic instability SM at low a of the canard-on configuration is
larger than that with canard-off. At higher lift the PU of the canard-off configuration

with 6N, F = 360/100
, 
which already shows a bad behaviour, is increased by the canard.

This increment does not vanish, when the canard is deflected.

5.2.2.5 Effect of the form of the vertical tail

A twin vertical tail increases the pitch-up tendency as it decreases the maximum usable

instability.

5.2.3 Trimmed maximum Ditch:u2

The maximum pitch-up trimmed (MPT) is defined in a similar way as the maximum pitch-up
untrimmed (MPU). As already shown in figure 5.7 it has to be smaller than the maximum

pitch-up untrimmed.

On the MPT relatively little information is available for the time being, because of the

following facts:

- The MPT depends on the instability used

- in trend-studies many configuration variations were tested only with very few
flap-deflections. It is therefore not possible to get trends of the maximum

pitch-up trimmed, because it is necessary to test many flap-settings to

evaluate the real maximum.

If one tries to get trends, as for a strake-variation for example, one is often forced
to build up the various aerodynamic coefficients from different tests, which reduces

the accuracy of the obtained pitch-up values.

For a configuration with a leading-edge sweep of 630, such a build-up is shown in
figure 5.15. The maximum pitch-up trimmed (MPT) is plotted as a function of the maximum

usable instability SM, according to figure 5.3. The strake area is varied correspond-
ing to SM. Two curves are plotted: one with nose-flaps down (IN - 200) and one with
flaps up (6N = O0). As expected the "negative strakes" reduce the maximum trimmed pitch-
up. But there is a reversed tendency related to the nose-flap effect: The untrimmed ma-
ximum pitch-up (MPU) with nose-flap up is larger, as can be seen in figure 5.10. Here
the configuration with flaps up shows a smaller trimmed maximum pitch-up (MPT). The

reason for it is not yet determined.

ows



5.2.4 Conclusions

In summary:

- As one cannot allow a much larger instability at low speeds than at high speed, a

pitch-up tendency as defined above is undesirable for a highly unstable configura-

tion

- As a consequence, a highly unstable configuration without aft-tail is confined to

certain wing-planforms: Wings having a small leading-edge sweep and a certain

positive strake area up to those having a larger leading-edge weep with a "negative

strake", which means "gothic" wing planforms.

- An aft-tail can improve behaviour in pitch very much

- A canard seems to cause some pitch-up tendency.

5.2.5 Cranked_wings

It is striking, that this wing-trend for highly unstable aircraft doesn't include the so

called "cranked wing" which is used on several current aircraft projects. Figure 5.16

shows some of these projects gathered from literature.

It is commonly assumed, that the cranked wing has several advantages.

- Unloading of the flow at the wing-tip relative to a mere delta-wing

- At high Mach numbers (M , 1.5) the aerodynamic center moves forward which

results in a smaller stability at these Mach numbers.

Against these advantages there seems to be one bi disadvantage: the behaviour in pitch.

All tests with cranked wings (having a concave crank of the leading-edge), known to the

author, show a pitch up as can be seen in (figure 5.17) for the F16-SCAMP configuration

(ref. [1]).

This is a typical wing with a large pitch-up and a small usable instability. Although

the configuration will be flown indifferently (at a Cm rec = O!, one can estimate that

it has a maximum trimmed pitch-up (MPT) of about -10 %. But less extremly cranked wings

also show a pitch-up. The phenomenon has not been analysed till now. The reason for it

can be possibly explained by the Polhamus-analogy (figure 5.18). According to this ana-

logy the vortex-lift equals the theoretical suction force normal to the leading-edge.

The component of the suction-force in the direction of flow, CT, is independend of

leading-edge sweep. So the total suction force normal to the leading-edge grows with

leading-edge sweep. That means that the suction force at a cranked wing is larger at the

inner and more forward part of the wing. Because the suction force and the vortex-lift

too has a quadratic dependency on a, there has to be a pitch-up tendency, beginning imme-

diately at low angles-of-attack. Therefore cranked wing don't seem to be a good solution

for a highly unstable aircraft.

5.2.6 CriticalMach-rangerltdto2thU

As can be seen from HIMAT-data for example (ref. 121), the most critical Mach range is

the low Mach number region (figure 5.19), because at higher Mach-numbers a general trend



into the direction of pitch-down is found. As mentioned in 121, the HIMAT-configuration,

when having a basic instability of SM = -10 % at low a and low Mach-number, destabilizes

up to a MPT of -30 %. Because of this fact an angle-of-attack limiter was used already

in the model, which was flown statically stable. To my knowledge the HIMAT-configuration

hasn't flown unstable yet [3]. The reason for it is not the pitch-up problem, but the

high reactionspeed caused by the smallness of the model (the fuselage length is about

five meters). Therefore the flight control system was not able to stabilize this quick

motion around the pitch-axis.

5.2.7 Pitch-u due to sidesli1

Another variable, which must not be overlooked, is the pitch-behaviour at sideslip. As

the recovery moment is relatively small, a large pitch-up due the sideslip cannot be

allowed in the high-a region. Figure 5.20 shows such a pitch-behavior due to sideslip

for a configuration with and without strake. For this example the strake gives a pitch-

down tendency.

5.3 Lateral and directional stability at high angles-of-attack

The following section deals with some items about lateral and directional stability at

high angle-of-attack. This stability is essentially independent of the longitudinal

stability, but it depends strongly on many small components of the configuration.

It is very difficult to get a systematic overview about this theme, because of the

large amount of details playing a role and interfering with each other.

The problematic ranqe in angle-of-attack is that, where the flow is separated only

partly. That is, the region roughly above the a for CLmax (a , 300) up to the a, where

the flow is totally separated (a , 40o). Above this angle-of-attack the problem disappears

in most cases, and there is no big change in stability up to very high a any more. The

reason for this problem seems to be that a flow being separated partly reacts strongly

to small variations, so that an angle of sideslip can provoke strong aerodynamic forces,

which need not have the same tendency as at low angles-of-attack. If one intends to fly

up to the angle-of-attack for maximum lift or even slightly above it, this problem has

to be resolved.

To give an example of the difficulty to estimate the lateral and directional stability

of a configuration, figure 5.21 shows two almost similar configurations (from [41). One

of them is stable and the other one is unstable in lateral motion at high a. From this

it can be seen, that one has to be very cautious in making general statements about

stability in the high angle-of-attack region. But on the other hand this figure indi-

cates, that it seems to be possible to stabilize many configurations by small variations

as long as they don't have components destabilizing too strongly.

5.3.1 Common criteria related to lateral and directional stabilitX

The so called dynamic directional stability Cnodyn is a value which predicts in the

first approximation the stability of an aircraft at high
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Iz
Cn 8 dyn CxS -

where Cn8 and C1 B is the directional and the lateral stability (in body-axes) respecti-

vely and Iz/Ix is the ratio of the inertia moments around the roll (x) and the yaw-axis

(z) respectively. This ratio normally is very large for combat aircraft (about 5 to 10),

so that the lateral stability is the most important variable related to stability at

high ". Cnt dyn is the simplified coefficient E of the characteristic equation for later-

al motion, which has to be positive when stable.

In 14) a very interesting comparison can be found between the divergence tendency of

contemporary aircraft and the measured CnB dyn from their windtunnel models. For the

most of these comparisons it could be shown, that the aircraft had no divergence

tendency, when the Cn8 dyn was stable (positive) from windtunnel tests. For the most of

the rest of the cases, where the comparison did not prove right, it could be shown that

either Cna dyn was too small so that the simplification of coefficient E was not justi-

fied, or that there were local instabilities at small angles of sideslip.

Therefore the following requirements have to be met:

- positive Cn8 dyn over the whole angle-of-attack region used. (The coefficient

shculd not go below a certain positive value, for example 0.2 rad
-
1)

- no local instabilities in the permitted region of sideslip angle, that means

an essentially linear behavior in B, especially of CI.

To get an idea of the reasons for lateral/directional stability of a configuration,

flow-pictures in a water-tunnel should be taken. But it will be very difficult an

needs much experience to take such pictures, which really show the reason for stable

or unstable behaviour respectively. In the next section a description of the influence

of different aircraft components will be attempted, based on force-measurements in wind-

tunnels.

5.3.2 Effect of different aircraft comeonents on lateral and directional stability

5.3.2.1 Leading-edge sweep

It is commonly assumed that an increasing leading-edge sweep results in an increased in-

stability due to sideslip. At larger leading-edge sweeps, beginning at about A = 550,

a leading-edge vortex occurs at higher a, which will breakdown at a certain angle-of-

attack, causing a certain unloading of the wing.

At a certain sideslip-angle 8, the leading-edge vortex on the foregoing part of the wing

will break down first, unloading this side of the wing. The result is * positive roll-

ing-moment lowering the foregoing wing and causing an even larger side-slip-angle, lead-

ing to an unstable motion.

But from our experience, this effect does not seem to be so strong, that it cannot be

overwhelmed by other effects. For example the SCAMP-configuration, having an extremly

high leading-edge sweep, shows relatively good lateral stability (figure 5.22).

GREER 141 also presents a configuration (config. N) having a large leading-edge sweep,

which remains stable in CnBdyn over the whole o range (00 a 4 400) tested.
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5.3.2.2 Forebody

It seems that the forebody of a configuration, meaning all components in front of the

wing's apex including strakes, canards, air-intakes and the shape of the fuselage-nose,

has to be regarded as an unity, which has to be optimized as a whole. Here the inter-

ferences between the components are extremly large, and the whole forebody will influence

the flow over the wing in the critical -range. Because of the complexity of these in-

fluences, only a small amount of trends can be shown here, which need not be valid in

every case.

5.3.2.2.1 Strake

A strake intensifies the vorticity of a leading-edge vortex. From this point of view one
tends to assume that it will destabilize the configuration at high anqle-of-attack. But

tests about a strake-variation at a configuration having a leading-edge sweep of
A° = 450 show that there seems to be a certain optimum strake-size for this configura-

tion (figure 5.23). To judge the performance of a configuration at high angles-of-at-

tack, one should look for the lateral stability C 1 6. The best strake shown here is that

with an area of 4 % of the wing area. The largest strake causes a strong instability

between a = 300 and 400. But the 4 % strake is still not optimum. It produces an irre-

gularity at a , 33
.

Tests of a slightly different configuration have shown that a strake size of about 3 %

will be the best for this special wing (figure 5.24). Large strakes commonly stabilize

at low a and destabilize at high a.

5.3.2.2.2 Canard

A canard should have an effect similar to a strake, but it can be deflected when used
as a horizontal tail. Figure 5.25 shows tests of such a canard configuration.

Because a canard used as a horizontal tail always has a relatively large area

(Sc - 5 % up to 10 %), all tests known to the author show the typical effect of a too

large strake: at low a a canard stabilizes and in the critical range of a it destabi-

lizes. Even a very large deflection of the canard of -300 (nose down) doesn't make the

destabilization vanish. A further effect of a canard of this size (and of large strakes
perhaps too) is a strong nonlinearity in rolling moment C1 over 8 within the criti-

cal angle-of-attack range Figure 5.26 shows this effect at a = 350
. 
Without a canard

C 1 is an essentially linear function in a With canard on there is an extremly strong
instability within the range of a % + 60. At higher 6 the lateral stability of the

canard-off configuration is almost regained. Unfortunately the configuration was not

tested in both directions of 8, because the strong assymetry of the C 1 = f(8) curve

seems to show that there is a hysteresis in C 1 = f(s).

These effects seem to be typical for close-coupled canards. The reason for it may be

seen from figure 5.27. The leading-edge vortex of the leeward wing is reinforced by

the tip vortex of the canard, while the leading-edge vortex of the foregoing wing

is not. Thus, this vortex breaks down first resulting in a strong lateral instability.
This would also explain the restabilization at higher side-slip angles: Both tip-vor-

tices of the canard would then not be rolled in.



Long coupled canards don't show this effect because the tip-vortices of the canard are

too far away from the leading-edge vortices, so they can't be rolled in.

Very small canards as that on the Mirage 4000 for example can't be used as an empennace.

Tests about this configuration are not known to the author. Possibly such a small canard

may be optimum for this configuration.

5.3.2.3 Wing position

The difference of a high wing and a low-wing configuratirn in stability is shown at

figure 5.28. The low wing is a little bit better in directional stability, but in la-

teral stability there is no clear tendency.

5.3.2.4 Shape of the leading-edge

Most of the variations of the wing's leading-edge have a large influence on the lateral
and directional stability at high a. As already mentioned by Greer (41, this influence
is reduced when increasing the leading-edge sweep. A large stabilisation is related to
a deflected leading-edge flap as shown in figure 5.29. As can be seen, the lower part of
the critical a-range is stabilized. A slat, as shown in the next figures 5.30 and 5.33
for two different configurations, has a different characteristic of stabilisation. In
both cases lateral stability is improved over the whole tested high-a region.

5.3.2.5 Form of the vertical tail

A canted twin vertical tail can improve lateral and directional stability. As shown in
figure 5.32 the stabilization is larger for larger cant-angle v, of the verticals. Oppo-
site to leading-edge flaps it stabilizes in the upper part of the critical a-range. The
reason for this stabilization is that the foregoing part of the V-tail produces more
lift and drag and therefore a stable rolling-moment, especially at high a.

5.3.2.6 Outboard stores

Outboard stores can have a large influence on stability. As an example, the influence
of a store (3x Mavericks plus pylon) on a wing-station is shown in figure 2.33. There is
a difference in behaviour between a high-wing and a low-wing configuration. The high-wing
configuration is stabilized in C,, very much due to outboard stores (left side), whereas
the low-wing configuration is stabilized only slightly and the pylons alone destabilize it
a little bit. The stabilizing effect due to stores seems to be a function of their posi-
tion in z direction. The lower the store the more it destabilizes. After 151 a center-
line store (tested at a F5, a low wing configuration) destabilizes very much. Whereas
outboard stores and landing gear all show a stabilizing effect.
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5.3.3 Conclusions

The lateral and directional stability at high a can be influenced by a lot of small va-

riations of the configuration. For some variations, like leading edge flap deflection

for example, one can give a general trend: A deflected flap stabilizes. But for many

other ones like strake variation it is almost impossible to predict the results. Per-

haps one can state the following, considering the small extract of wind tunnel data

shown here:

- Everything in front of the leading edge of the wing is suspected to have a

strong influence on lateral stability (C z), and the forebody of the fuselaqe

including strake etc. has to be seen as an unity, which has to be optimized

as a whole.

- Components which are more forward like the fuselage nose (not demonstrated

here) will also have an influence on the yawing-moment at . = 00

- leading-edge flap and slats have generally a stabilizing effect.

- components being more aft only show a minor influence with one exception:

A canted twin vertical tail, which is not located totally within the wing-

wake, will stabilize at high a.

5.4 Controllability at high a

The controllability can become a big problem at high a, because in a normal case the

efficiency of aileron and rudder becomes smaller in this region. The fact, that an air-
craft is stable at high a, does not mean a controlled fliqht can be achieved in every

case. For that, one needs a certain controllability.

5.4.1 Roll-control

For roll control ailerons are normally used, but these loose much efficiency at high i.

In figure 5.34 are plotted the C. and C1 of three different types of roll-control. At
high a a part-span aileron has only a small efficiency. A full-span aileron has a rela-

tively good efficiency, but one cannot use it, because one has to trim by flaps in a

normal case. A good device for roll-control at high a seems to be the taileron. In the

figure, there is shown the taileron-effectivity at a configuration with flap down and
trimmed for SM = -8 %. One can see that it has its full efficiency at high angle of at-

tack. It is possible to get even more C1 from it but then the adverse yawing-moment

coupled to C1 becomes too large. For this evaluation a limit in Cn of +0.15 in the pro-
verse direction and 0.1 in the adverse direction was used. At a 1, 350 there is a mini-

mum in CL' which is related to the recovery moment of the unstable configuration. At

this a the tail is loaded the most, so that there remains a minimum reserve for roll

power.

5.4.2 Yaw-control

Yaw-control can become a problem too at high angles-of-attack. In figure 5.35 is shown

the rudder-efficiency for a single and a canted twin vertical tail in a hioh-wing

a iA-wn
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configuration. Rudder-efficiency of the twin verticals begins to decay at about a 200

where that of the single vertical remains constant up to a , 40o. So the single vertical

seems to be the best solution for a configuration at high angle-of-attack, but one also

has to pay attention to the adverse rolling-moment caused by rudder deflection at

a ' 350
. 
This has to be compensated by roll-control. If this, for its part, has an ad-

verse yawing-moment, roll-control and yaw-control can compensate each-other, so that

there is no controllability at all.

6. CONCLUSIONS

Problems in longitudinal motion occuring at high angles of attack, which are related to

unstable design, were shown in this presentation. Although this a-range is not the region

where the basic maneuvers of a combat aircraft are flown, problems can become so aggrav-

ating here, that they have a big influence on the design of such a configuration.

In the second part of the presentation some effects of configuration components on late-
ral and directional stability at high a were shown. Because of the complexity of these

effects it is not possible to give an entire overview about this subject. But problems

related to lateral stability at high a have to be solved if limitations in the maneuver-

range of a combat aircraft are to be avoided.
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SYMBOLS

AR aspect ratio

c reference chord

C D  drag coefficient

C Di induced drag coefficient

CL lift coefficient

C1  rolling moment coefficient

CLmax max. lift coefficient

CLt lift coefficient at turn-rate

C L 
3
CL/aa

Cm  pitching moment coefficient

Cm ac Cm around the aerodynamic center

Cm cg C. around the center of gravity

Cm rec recovery moment coefficient

Cm. Cm/a

Cma max max. Cm.

Cn  yaw-moment coefficient

Cn6 'Cn/"

Cn8 dyn dynamic directional stability

C S  suction force coefficient

CT thrust coefficient of the leading-edge suction

C V  vortex-lift coefficient

D drag
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K-factor CDi/CL. - AR

L H  lift of horizontal aft-tail

M Mach number

m mass

MPT maximum pitch-up trimmed (in %

MPU maximum pitch-up untrimmed (in % E)

n load factor

nma x  max. load factor

PU pitch-up untrimmed (in % c)

q dynamic pressure

ry inertia-moment arm

S reference area

Sc  canard area (in % S)

SM static margin

SMmax  max. instability (when Cm re = 0)

Sst r  strake area (in % S)

t time

t 2  time to double

Tmax  max. thrust

V speed

V speed

Vc  corner-speed

Xac location of aerodynamic center

Xcg location of center of gravity

a angle-of-attack

"CL max a of max. lift

a of horizontal aft-tail

acceleration in
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c Root cord l<:gh of a wing panel
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C Pressure coefficient - P - p

pq
Peel rnormal force coefficient based on body cross-sec*:,on,: areU

0 Vor' x irdutoed normal force -oeff ic ient
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I Vo>'ex lift irterference factor
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i. C)ara.teristir length for flow ievelopmont u~ed in l:e.1-. aralcoy
Nor-dimensional spanwise loading function a' F

'LILc - p. d x)

i; Litt on, a 'tail, panel due to vortex intnrterencv

(L Lift on a )ta: i I panel at incidence an,;!e

IA Aft erbody length ( i.e. bodly lengt h eso .,iitng hve

Fre--t ea, value of Mach namt-e!

PCeD Reyro ilds number based on body dr a:ce! r and freest rca ipeed

r Dis'a-. c from a vortex to a point at his-h vo-loc:1 is ...

1, irdius of spherical blunt ing 'Df a nose

T 9oy radius at the trail) panel location

R 4 adilal1 loa7t ion of a body vortex (S,, Fig. 6)

N Radius of the body at the base of the nose

rc Radius of a viscous vortex core as suggested by Oberkampf's method

s P Semi-qpan of parnel (gross)

S T -ross semi-span of a (tail) panel

S' Nett semi-span of a wing panel

V, Crossflow Velocity (- V. sina) or oncoming velocity relat.,; - ylinder in
2-Ain'ensional flow

V Frvestream flow velocity
v Induced velocity due to a vortex
V Flow velocity in working section

vr. Radial and circumferential velocities in the leeside wake

x Distance along local chord of a wing panel
s Distance along the body

x S Distance along the body at which first boundary layer separation/body vortex
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Local value of incidence or angle of attack

B /-!-' -- l
r BV Strength of a body vortex

r Circulation or vortex strength
6CN,v Change of normal force coefficient on a body due to changes of pos2iions of body

vortices along the length of the body
oN Semi apex angle of a sharp-nosed body

SBV Polar coordinate of a body vortex (See Fig. 6)

0 Roll angle
0 Circumferential angle of pressure tappings on the body

Non-dimensional spanwise panel coordinate w

SUBSCRIPTS

5 Sheet value ITot value used in connection with circulation estimatest Total value

I. INTRODUCTION

This lecture is specifically concerned with the discussion of vortex generation
from the body of a missile and with subsequent interaction or interference effects.

As well as outlining the results from various experimental studies it is important
to discuss the development of prediction methods. In the case of body vortices this
would be applied both to their initial generation, subsequent trajectories and consequent
interaction effects. In general, the desire to predict any aerodynamic quantity, as
opposed to having to measure it, has long been a requirement in missile lerodynamics.
The available resources within the initial feasibility stages of a missile design are
inevitably limited, probably precluding the acquisition of aerodynamic design data by
testing the large parametric range of configurations which might be necessary. Thus
prediction methods must be used.

In terms of the total normal force on a missile it can be argued that the
importance of vortex interference terms can, in some cases, be quite small either
because the interference loads themselves are snall or because they may be generated on
a wing or tail panel rolled into the leesid-:' wake. The latter feature would mean that
regardless of the size of the force generated on it, the component in the pitch plane
direction due to the panel will be small due to a large angle through which it must be
resolved. However, it must be recalled that not only the prediction of normal force is
important. Side force and perhaps rolling moment must also be estimated and, for the
latter especially, an adequate prediction of both the magnitude of load on a leeside
panel and its spanwise distribution (or equivalently lateral centre of pressure) would
be essential for high accuracy in the final answer.

The earliest work on vortex flow fields by BAe (DG) consisted of a compilation of
a bibliography (Ref. 1) which sought to collate references on vorex effects available
at the time (1975). This search was not limited to body vortex effects, but the next
study (Ref. 2) was a specific experimental investigation of body vo:-'ex interaction with
wing panels on a missile configuration at supersonic speeds. BAe (!)') involvement was
then continued by a series of water tunnel and low speed wind tunnel experiments aimed at
gathering more data, both qualitative and quantitative, on the same phenomena.

Superson:c investigations weie continued with a short series of tests to complement
the earlier work by the present author described in reference 2.

The studies have concentrated on the assessment of flow visualisation, force and
moment and surface pressure data taken in a variety of experiments. Tests to quantify
the flow field details by flow survey techniques have not been undertaken directly by
BAe (DG). However, there has been close involvement with plans by the Royal Aircraft
Establishment to undertake a comprehensive set of flow survey tests using yaw meters to
explore leeside body vortex wake characteristics. As a forerunner to this programme
a set of tests of a similar nature, but much less extensive, was carried out by Aircraft
Research Association (Ref. 3).

Research interest on this topic is not confined to the U.K. Both in the U.S.A.
and Europe investigators have been active in the field and, in general, similar lines
of approach have been taken in response to similar demands for aerodynamic prediction
method development ind in the further understanding of flow fields. However, the number
of references to the specific problem of body vortex interaction with lifting surfacs is
not large.



Before proceeding it is worthwhile here to make three important genera' state-
ments:

(a) The range of angles of incidence considered in this lecture has been
ieliberately chosen to ensure that, in the main, a body vortex system w.b
be set up symmetrically dispcsad to the pitch plane.

(b) Whereas vortices from front fuselages are important to the aircraft aero-
dynamicist, the aims of the missile designer have been uppermost in the
thoughts of the author when considering material for this lecture.

(c) Only configurations with circular cross section bodie3 have been considered.

2. REVIEW OF THE LITERATURE

2.1 VORTEX CHARACTERISTICS OF ISOLATED BODIES OF REVOLUTION

2.1.1 Experimental Studies

The tests of Gowen, Perkins, Jorgensen, Gapcynski and Raney (Refs. 4 - 8) first
explored what are, by now, the familiar characteristics of the contra rotating vortex pait,
with large rotational areas in the flow field, significant local changes of dynamic and
total pressures and, in compressible flows, the local Mach number. Such efforts at
investigating the details of the flow fields were a natural extension to the efforts icing
made (Refs. 9 - 10) to formulate empirical prediction methods for the non-linear aero-
dynamic (i.e. normal force and pitching moment) characteristics of slender bodies of
revolution. Attention was mostly confined to supersonic speeds and incidence angles up
to approximately 250. Data was sought on the leeside flow behaviour as an input into

such methods as that developed by Nielsen and Kaattari (Ref. 11) which conidered inter-
action phenomena on downstream surfaces.

Data from Jorgensen and Perkins (Refs. 7 - 8 is notable since it provided a
source which was referred to by many later authors, for example Spahr (Ref. 12), who
needed an input of body vortex characteristics. The locations and strengths were deduced
from flow survey information and were then correlated using, effectively, the impulsive
flow analogy as a basis to relate vortex development along the length of a three dim-

ensional inclined cylinder at incidence to the development with time of the two dimensional
flow about a cylinder set normal to an oncoming stream-.

The analogy had been used by Allen and Perkins (Ref. 13) and Kelly (Ref. 101 and
required information on the drag characteristics of impulsively started two dimensional
cylinders. Such data was available from Schwabe (Ref. 14) and latterly from Sarpkaya
(Ref. 15). The generation of the flow in three dimensional situations could be
visualised as the product of superposition of two mutually independent flow components,
i.e. axial and crossflow. The flow characteristics evident in the latter plane could be
considered to develop separately to those in the axial direction, except that the
crossflow plane behaviour would be convected down the length of the body.

The ieasons for the vortex generation in the crossflow plane are well known. The
circular shape of the body cross section will mean that adverse, i.e. rising, pressure

gradients are set up around the circumference from the shoulder. The boundary layer
which develops on this surface is thus liable to separate on the leeside of the body at
a point which is dictated very much by the state of the boundary layer (laminar or
turbulent) and hence by Reynolds number with, for a compressible flow, the effects of

crossflow Mach number also entering in. Inside the boundary layer there is an implicit

rotational characteristic owing to the larger tangential velocities away from the

surface than inboard arising from the velocity gradients in the boundary layer. On a

simplistic level the formation of the two concentrated vortex cores on the leeside can

thus be looked upon as a result of this rotational character or vorticity acting upon the

separated boundary layer or feeding sheet. In the leeside wake this then rolls up in
towards the plane of symmetry through the body axis resulting in two concentrated vortex

cores. The flow velocities induced by the vortices will then be diverted back towards the

leeside of the body and, underneath the cores, will be directed along the surface of the

body in Dpposition to the main fl,,w direction. This then means that an equivalent system

of boundary layer development, separation and vortex formation is induced, but on a much
smaller scale and with a consequent direction of vortex rotation in opposition to the
main cores.

"NOTF; In reality there must be interaction between axial flow and crossflow. The
impulsive flow analogy which assumes independence of these components must
therefore be looked upon as a convenient way of approximating the flow development.

- - -
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In a recent paper Wardlaw (Ref. 16) produced a graphic illustration of the compexity
of the flowfield even with symmetric vortex generation. (Fig. i. An important point to
understand from such an Alustration is the large area of the flowfield which is dominated

by vortex effects, either in the main cores, feeding sheets or secondary vortices.

It was to gain an understanding of these phenomena in fixed crossflow planes and
also how, if at all, the characteristics changed downstream that the early experiments
were planned. It was found that for the angles of incidence they were concerned with, say
up to approximately 250, and for the relatively small overall fineness ratios (maximum
about 13), the vortex patterns remained symmetrical and reasonably similar in their form

in successive crossflow planes down to the base of the body. However, the strength would
increase due to the continuous nature of the boundary layer separation (and hence
vorticity feeding into the core) and the positions of the main vortex cores would move
more upward and outboard relative to the body axis. An important aim of the early tests
was, therefore, to quantify these variations and to establish whether they would be
predictable for new configurations. At the time of Perkins and Jorgensen's work this could
most sensibly be achieved by an empirical technique so they correlated their data on
vortex paths and strengths for their range of angles of incidence, and longitudinal body
stat ion.

In their original reference they presented plots which correlated vortex strength
and vortex positions against x - xs . a

a

It can bo observed by reference to the original data of Jorgensen and Perkins that
the correlation was by no means perfect (See Fig. 2) although the superposition of Raney's

results supported the general form. This was commented upon in the reports which
discussed this work and other early data (e.g. Ref. 18) and various reasons put forward
relevant to the problems of actually measuring the appropriate vortex characteristics.

One particular problem lies in the assessment of the longitudinal position at
which first separation or vortex formation occurs. Data on this can only be obtained
from surface flow visualisation or pressure distribution measurements and neither sil
provide great accuracy; in the former case due to the problems of interpreting the flow
patterns and, in the latter case, due to the practical difficulties of having a close
enough spacing of pressure tappings. Jorgensen and Perkins presented their results as a
separation zone (See Fig. 3).

The range of data in References 19 - 31 on symmetric body vortex characteristics
made available since the tests of Jorgensen and Perkins and up to 1975 can be most
easily reviewed by reference to the report of Mendenhall and Nielsen (Ref. 17). They
followed the general procedures of Jorgensen and Perkins in forming empirical correlations

of vortex strength and position against a non-dimensional parameter slightly modified
from that which had been used in Reference 8. (x - x s . sin a instead of x - xs.s).

r N a

M'idenhall and Nielsen obviously had access to extra data to supplement the earlier work
and in particular there was now enough information to be able to suggest a form of Mach
number dependency for the vortex paths and strengths and also to identify separately the
vortex separation phenomena for sharp and blunt noses. Tinling and Allen's work (Pef. 23)
had, for example, provided equivalent subsonic data to that measured by Jorgensen and
Perkins.

It must be remarked here that although the range of data available was more

extensive its greater quantity did not correspond to a closer correlation of the variables.
This can be seen from Figures 4 and 5. On the latter figure the empirical fits which
Mendenhall and Nielsen suggested should be used to specify body vortex starting point have
been superimposed. The equations are:

(for sharp bodies) xs  3
-- 321 (I1-' -

rN

(for blunt bodies) x = 10
tN - _ + 2

It was at about the time of the publication of Reference 17 that, 3udging from the
literature, there was a resurgence of interest in exploring body vortex characteristics.
This arose mainly due to increased project interest in the use of body dominated
configurations which tight operate at extremely high angles of attack thus experiencing
the problems of asymmetric body v'-rtex development with the generation of out-of-plane
forces. As an offshoot of studies into these extremely high angles of attack more data
has necome available at those lower values where symmetric body vortex formation is
maintained. Additional experimental techniques also have become available, notably
Laser Doppler Velocimetry, which could be exploited to probe these flowfields, the latte:
technique having the great merit of not disturbing the flow being measured. The ma]ority
of such flow survey studies were performed in the U.S.A. (Refs. 32 - 36).



One study performed in the U.K. in this period but which had to make use of the
well established yawmeter probe system of acquiring flow field data was that performed
at ARA (Ref. 3) and the subject of subsequent analysis by the present author. References
37, 38). If it is recalled that, at the time of the experiments, the most up-to-date
and comprehensive source of information was that of Mendenhall and Nielsen, it could be
demonstrated that there was a need to extend the data range. The test results collated
by Mendenhall and Nielsen had concentrated on the low speed and supersonic ends of the
spectrum with little in between. This was especially serious since transonic speeds
represent highly important practical areas of application for missile designs. The range
of body shapes was also quite limited in scope. The ARA tests thus attempted to
supplement the previous experimental coverage. It was shown that the empirical results
of Mendenhall and Nielsen were generally valid for the new body shapes and Mach numbers
but that errors could be encountered when assessing the vortex starting point using the
empirical correlations for sharp-nosed bodies. Another result to be found from analysis
of the ARA data was that the importance of the feeding sheet was highlighted.

The general conclusion regarding the importance of considering the flow field as
consisting of a much more complex structure than two line vortices was supported by data
taken in the same general period by Oberkampf et al in the U.S.A.

This has been documented in various papers (Refs. 39-41) and in a formal report
(Ref. 42). Using a single yawmeter mounted on a highly manoeuvrable traverse mechanism
the flow field in the leeside of an ogive-cylinder body was explored but at higher Mach
numbers (2 and 3) and Reynolds number (ReD up to 1.7 x 10') than had been considered by
prev-nus investigators. The results obtained by Oberkampf et al showed that the feeding
sheet was of great importance with up to 60% of the total circulation contained within
it. Additionally the general form of the vortex induced velocity pattern was shown to
lose much of its circular characteristic since the vortex wake was found to be highly
elongated and diffused in the crossflow direction.

One unusual feature of the flow field which Oberkampf et al deduced from their
results was the presence of "nose vortices" emanating from the very forward part of the
nose and having a circulation of opposite sign to the main conventional vortex pair.
Oberkampf and Bartel, in their discussion of these results, referred to previous tests
by Hsieh, Wang and Werle (Refs. 43-46) in which they also had hypothesised that a nose
vortex system should arise not through the conventional action of crossflow separation
but dictated more by separation of the axial flow on relatively blun, noses. Since the
possibility of generating iifferent forms of forebody vortex is by no means well under-
stood it is fortunate that due to their positioning they are likely to be well clear of
any downstream surface with which they could interfere. Ramaswamy and Rajendra Ref. 471
have also investigated this phenomenon.

The majority of experimental information referred to in this section (certainly
all that of American origin) has been collated by Wardlaw in Reference 16. He also
attempted to correlate the vortex position and strength data on the basis that the flow
would develop from the very tip of the nose. Thus his correlating parameter reduced to
the form x tans . 1xamination of his results, which are presented in the form of a

vortex posifion specified by polar angle and radius (See Fig. 6) will show that the same
degree of scatter was evident in his results as was shown by Mendenhall and Nielsen.
However, as would be expected, the general trends with speed or distance along the body
are the same.

The current situation regarding availability of experimental information on
symmetric body vortices is that, to the present author's knowledge, nothing of a large
scale nature has been published since Oberkampf and Bartel's work. However, certain items
of work in progress will yield further data in due course. There is a large programme
to investigate body vortex flow fields in the U.K. at the Royal Aircraft Establishment,
Bedford, in which yawmeter probe surveys are conducted in the 8 ft x 8 ft wind tunnel at
subsonic and supersonic speedo. Data from the first test entry is at the stage of pre-
liminary reduction and analysis. Experiments such as those recently done by Yanta and
Wardlaw (U.S. Naval Surface Weapons Centre) to investigate asymmetric vortex behaviour
at high angles of incidence, in this case by LDV techniques, may also provide information
at those more moderate values where body vortex symmetry is maintained.

2.1.2 Theoretical Methods

In the early methods the "NACA Vortex Model" was developed. This sought to model
the flow aiound the inclined cylinder as if it had two line vortices attached. These
would start as some axial station and would follow trajectories with strengths varying
along their lengths according to empirically determined rules. Thus the data of
Jorgensen and Perkins was employed to provide the necessary information. The problems
of specifying flow characteristics at any point then reduced to that of calculating two
dimensional potential crossflow with image vortices suitably positioned to ensure that
no flow was predicted to go through the body surface. Figure 7 illustrates the flow
model.

The basic model could be modified in relatively small ways by, for example,
attaching viscous cores to the line vortices in which the induced velocities decayed
linearly t. zero at the centre or by using feeding sheet representations.
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Mello (Ref. 21) provided such an approach. Relatively large changes to the methods,
perhaps revising their basic concepts, were not forthcoming until the 1970's. One major
problem of the more complex methods has been, and is, the need to specify the boundary
iayer separation characteristics of the body. This can be very difficult since, unlike
the problem of a sharp edged slender wing, the separation line is not fixed by a definite
geometric feature.

The method of Bryson (Ref. 48) was an early attempt to calculate the flow around
circalar cylinders and cones at incidence. The vortices were represented in the flow
model by the use of idealised line vortices connected to the body surface by a feeding
sheet of negligible strength. The appropriate vortex position was then calculated by
finding a solution to the problem when the load on the feeding sheet became zero.
Wardlaw (Ref. 49) took the method of Bryson and extended it into the computation of
asymmetric vortex flows, although his development was of course still capable, under the
appropriate conditions, of yielding symmetric vortex flow results. A drawback to
Wardlaw's method was however, that the use of the technique required the empirical input
of many different parameters defining the vortex system, e.g. initial strength, position,
degree of asymmetry etc. To do this successfully necessitated some prior experience in
the application of the method.

Wardlaw uses relatively high strength concentrated vortices in this method. A
departure from this was made by Angelucci (Ref. 50) and Marshall and Deffenbaugh (Ref.
51, 52) who developed techniques incorporating large numbers of elementary discrete
vortices fed into the flow field. These were tracked downstream under the influence of
the general potential flow and the velocities induced on one another. Different
algorithms were employed to account for decay of vortex strength or discrete vortex
coalescence but in general efforts were made, especially by Marshall and Deffenbaugh, to
reduce to an absolute minimum the number of empirical inputs necessary in a method.
Angelucci's technique still required the separate specification of vortex separation
lines. Recent developments (Refs. 53 - 55) by both the original author and others have
sought to improve the Deffenbaugh technique. An example of such a development is
included in the recent paper by Shivananda and Oberkampf (Ref. 56) in which the extension
of Deffenbaugh's technique into the compressible flow regime is described.

Shivananda and Oberkampf's method is capable of predicting out-of-plane forces and
moments although the limited comparisons shown indicate that it is not very successful at
the relevant high angles of attack. For lower values, however, it has been employed to
predict symmetric vortex characteristics and the test case employed is the data of the
present author's paper (Ref. 38). The method gave a reasonable approximation to body
vortex strength (i.e. the sum of core and feeding sheet values) and a similarly reasonable
approximation to vortex position for the supersonic speed data (Ml.15). The effect of
Mach number was however, over estimated, since the change in vortex strungth as predicted
by the method in going from incompressible speed to M1.15 was less than that shown by the
experimental data in changing from MO,7 to MI.15.

Another very recent publication (Ref. 47) deals with the calculation of supersonic
body vortex characteristics via the solution of Euler equations. Klopfer and Nielsen's
work was itself an extension of an earlier study (Ref. 58) on wing body combinations.The lattel
was (in terms of calculating the vortex flows) in some ways an easier problem due to the
prescribed separation line at the leading edge of the surface. For work on bodies this
is a more difficult quantity to define and Klopfer and Nielsen have approached the task
by empirical inputs of data. The results of their methods have been compared with the
supersonic body vortex wake measurements of Oberkampf (Ref. 42) and have been demonstrated
to yield better agreement with data than the vortex cloud theory of Mendenhall (Ref. 59)
in which the body leeside wake is modelled by a large number of low strength discrete
vortices, which group together to form, the "cloud" which represents the body vortex, core
and feeding sheet.

As an alternative to complex theoretical methods there is still room for the
development of much more simple methods and for the validation of existing techniques
such as the use of a viscous core around a vortex or the attachment to it of a feeding
sheet. Such an examination of various methods using the ARA flow survey data as a basis
was done by Kitson (Ref. 60). More recently still, a paper by Weihs (Ref. 61) has
reverted to simple theoretical considerations to define the positions of symmetric
vortex cores in the leeside of a body.

2.2 BODY VORTEX INTERACTION WITH LIFTING SURFACES

2.2.1 Experimental Studies

Grosche (Ref. 62) measured the flow field characteristics around a slender body
with and without delta or rectangular lifting surfaces attached. Using a single yawmreter
probe six crossflow planes perpendicular to the body axis were surveyed at equal inter-
vals along the length of the body and the crossflow vectors and total pressure loss
isobars derived and plotted. Trajectories for the body vortices were found to correlate

reasonably well with data from other investigators' previous subsonic tests.
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The maIn item of interest here, however, was the behaviour when the thin
(t/c 8 10%) monoplane wing panels were attached. From the flow survey results performed
aft Sf the trailing edge of the wings it was deduced that the wings had a significant
effect on the body vortex positions by, in the case of the delta wing, moving them down
almost from the point of which the vortices crossed the leading edge of the panel. For
the rectangular wing there was again a downward movement aft of the trailing edge but
not until after the body vortices had first been induced to move slightly upwards
relative to their positions for the body in isolation. (Figure 8 illustrates the
vertical changes in trajectory found by Grosche). A partial explanation for the changes
in body vortex trajectory was attempted by reference to the bound and trailing vortex
system of the rectangular wing inducing a upwash ahead of itself and a downwash behind.
The leading edge system of the slender delta wing panels was also thought to explain the
downwards movement of the body vortex core as it passed by the wing panel (See Fig. 9).

Downwash behind the trailing edges was also thought to explain the other maoor
feature of the flow patterns. This was the marked change of rotational characteristics
within the crossflow. For the case without wings a strong and concentrated body vortex
existed. However, when the wings were fitted the flow vectors display by no means as
much concentrated rotational behaviour, i.e. the vortex effect has become much more
diffused. Grosche interpreted this as a sign of the downwash field behind the wings
cutting off the feeding of the body vortices so that at a given axial station along the
body past the wings, the vortices will not have developed as much as they would have on
the body in isolation.

Grosche's experiments were confined to zero roll angle, and in a set of tests at
Cranfield Institute of Technology the present author sought to explore a more general
flow situation. This work was reported in Reference 2. A cruciform cropped delta wing-
body model was tested at supersonic speed (M = 2). (See Fig. 10 for model geometry).
The model was equipped with a pressure tapped wing panel whose section shape was a wedge.
Measurements were taken over an incide ce angle range of 15 to 22.50 with panel roll
angles in the leeside quadrant of between 600 and 800. The Reynolds number for these
tests was 0.09 x 10'. The surface pressure measurements were complemented by flow
visualisation tests using both the surface oil flow, vapour screen and schlieren
techniques.

Results from the surface pressure tests were used to produce both spanwise loading
distributions and values of the total integrated normal force coefficients for the panel.
The former were shown to be highly non linear (see Fig. Ii for example) and the latter
could display reversals in sign at a particular combinations of incidence and roll angle.
The flow visualisation experiments were used to derive the trajectories of the body
vortices. It was found that these were somewhat further outboard than the positions
suggested by the empirical method of Mendenhall and Nielsen.

In the concluding remarks of Reference 2 it was stated that it would be useful to
attempt further investigations of the body vortex interaction problem by directly
measuring the vortex effects on two types of configuration. First there would be the
long forebody shape as tested before whose geometry would ensure a well developed body
vortex pattern at the wing panels and then there would be a "minimum length forebody"
shape designed to minimise the vortex generation. Models with such geometries were
constructed (see inset to Fig. 10) with an improved wing panel design to allow concurrent
measurement of upper and lower surface pressure distributions on the wing panel. Results
from that test programme (Ref. 63) have only been partially analysed and are unpublished
but indicated that the use of a minimum length forebody did indeed reduce the vortex
interference phenomena, since the spanwise loading distributions were not as much non
linear. It had been the interpretation from the earlier test series that the strong non
linear behaviour was a sign of body vortex-induced downwash inboard and induced upwash
outboard of the spanwise location at which the local loading changed direction.

Recent experimental work on vortex interactions at the Von Karman Institute has
studied the aerodynamic characteristics of various missile type wings with and without
strakes in subsonic and transonic flow including pressure and force measurements and
flow visualisation. Water tunnel tests were also performed for flow visualisation
(See Refs. 64 - 70). Experiments (Refs. 66, 69, 70) were conducted with a cropped delta
wing body combination not too dissimilar in planform shape from the configuration tested
by the present author at Cranfield and elsewhere. (See Fig. 12 for geometry of VKI
model). The VKI tests were however, limited to a monoplane missile configuration at
zero roll angle. Body in isolation tests were also performed.

From a review of the literature there appears to have been very few tests in the
U.S.A. to specifically explore body vortex/wing panel interaction since research efforts
have been directed more to the problems of isolated bodies. However, one example
available to the author is Reference 71. As a part of an effort (Ref. 72) to develop
methods for calculating pressure distributions including vortex effects on supersonic
configurations this has included the assessment of body vortex effects. Reference 71
states that these are handled by an empirical technique for bodies with circular cross
section. To check out the prediction methods employed for the vortex effects, a series
of supersonic flow visualisation experiments were performed using the vapour screen
technique on a cruciform wing-body-tail combination at various incidence and roll angles
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-with different control deflections. Qualitative comparisons made in Reference 71 showed
that the agreement was reasonably good.

Variation of body vortex trajectory adjacent to the wing panel was accounted for
but not any variation of strength. Experimental data showed that the body vortex which
was in close interaction with the wing panel which was rolled into the leeward side was
reduced in strength by its passage past the wing panel. The program dealt solely with
concentrated vortex core representations and no attempt was made to model feeding sheets
or distributed vorticity. The latter possibility has now subsequently been considered
in Reference 73.

In their general review papers on vortex effects both Erlich and Wer]6 (Refs. 74
and 46) have shown results for the body vortex behaviour around missile-type shapes.
However, these have mostly been biased towards the very low aspect ratio form of strake
lifting surface with a long root chord.

Various investigators have explored the nature of interaction between vortices
and downstream surfaces by somehow generating a vortex from a separate upstream pOsition
and then letting it flow back and over the surface under consideration.

An early reference to such a study was by Smith and Lazzeroni (Ref. 75) who used
an upstream half wing to produce a trailing vortex which interacted with a rectangular
half wing mounted on a reflection plate. Patel and Hancock (Ref. 76) also performed
similar experiments, following a theoretical investigation by Hancock (Ref. 77), but
the subject wing was, in their case, two dimensional with either an aerofoil or flat
plate section. Such studies are evidently still favoured since Gillerlain and Yanta
have recently reported in Reference 78 an experimental programme of a similar nature but
which included investigation of the vortex-fin interaction flow field using a Laser
Doppler velocimeter.

British Aerospace (Aircraft Group) have also been active in this type of study.
(Ref. 79, 80). Using a small rectangular wing mounted upstream in a wind tunnel to
generate a trailing vortex, interaction was investigated by allowing the vortex to pass
by a downstream body or wing-body combination. The shapes involved were naturally
aircraft-oriented.

2.2.2 Theoretical Methods

Turning now to the calculations or prediction of vortex effects on downstream
surfaces it was recognised (Ref. 81) at an early stage that some way had to be found to
allow for the modification of loads on a wing or tail panel due to the presence of a
vortex. In most of the early reports the prime application in mind appears to have been
the interaction of a rolled up wing trailing vortex with a downstream tail panel with the
equivalent problem of canard to wing interference also dealt with. The early references
did not make mucn mention of the possibility or importance of boay vortex interactions.
Thus Morikawa (Ref. 82) considered the interference between a wing and tail near zero
angle of incidence with a semi infinite body. Sacks (Ref. 83) did consider body-wing-
tail combinations and derived formulae for the vortex induced loads in terms of the
change in complex coordinate of the vortices. This was taken further in a later report
(Ref. 84) when non zero roll was allowed in the theory but again the emphasis was on
wing-tail interference. Viscous core concepts were introduced into the equations and
experiments were conducted for wing-tail combinations (no body). Sprelter and Sacks
(Ref. 85) and Sacks (Ref. 86) also investigated vortex or wake interference effects by
the use of slender body theory which could be exploited to write equations for the
vortex induced loading distributions on slender wings or tails to superimpose on the
existing effects of incidence or sideslip. Such studies were also used in the compilation
of the overall prediction technique of Pitts, Nielsen and Kaattari (Ref. 87) and also the
more specific reference by Spahr (Ref. 12).

Pitts, Nielsen and Kaattari's method was intended to apply over a wide range of
geometrical shapes in terms of wing planform and freestream speeds but at only small
angles of incidence or control deflection and zero roll angle. Thus body vortex
generation is not considered but charts are provided to calculate the lift interference
effects of a line vortex on a pair of wing or tail panels. This was meant for use in
connection with fully-rolled-up trailing vortices from upstream wing panels but can, of
course, be used for any vortex provided it is assumed that it is adequately modelled by
a two dimensional line.

The charts mentioned above present values of a lift interference factor, i"', which
is a function of the wing planform. relative size of wing span and body radius, and
vortex position vertically and laterally relative to the surface. Pitts, Nielsen and
Kaattari assessed two lifferent theories for the calculation of the interference factor.
The theory of Alden ard Schindel (Ref. 88) was examined but in general found to be too
complex to apply on a routine basis. It was however, observed that the use of a much
simpler strip theory (i.e. assuming adjacent strips were mutually independent and
ass.igning a local angle of incidence to each with the appropriate lift curve slope)
would not introduce too great an error and would, under certain conditions, give the same
result as Alden and Schindel's linear theory. The interference factors are negative,
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thus indicating a general reduction of lift on a wing due to the presence Cf av' :-ex,
and become very large when the vortex approaches the surface and, indeed. i:re f
intersects the tip on a planform which has a non-zero tip chord. This arises die t n
infinite predictions for induced angle of attack at the tip position.

Spahr's report (Ref. 12) also considers two alternative methods of computlng tti
vortex induced load. The first approach is via the equations of slender body theory
wh:ch are used to compute the path of a concentrated line vortex past a cruciform or
monoplane wing body combination at combined angles of pitch and yaw (or inc:dence and
roll). Having done this the induced pressure coefficients can be calculated and, via
integration, the loading distributions or total induced load on a component of -he
missile could be calculated. If the result for the tctal induced load on the complete
miss~le was the only one required this could be calculated directly by the vurtresi p_.>
theorem once the vortex tra3ectories had been calculated. As _n alternative to tti!s
procedure the linearised theory of wing panels in conjunction with a reverse flow theorec
was assessed. This required the assumption that the vortices would not be dev:ated in
their trajectories past the wing panel and that they would only induce a spanwise
variation of local angle of attack. On the basis of these assumptzons ind usinq -mple
spanwise loading distributions for the wing in reverse flow charts of tre interference
factor 'i' were derived in the same manner as Reference 87 !See Fig. -3). However, Spant
removes the need for a symmetrical vortex disposition relative to the wing panel and
presents results for a single vortex acting on a single panel. Thus as:ymmetr:c vorex
positions relative to the wing due to roll angle, for example, can re tae. 'n-r ace>:,!

It can be seen that the basic assumption concernzng the st:c re ::, st " so ven:-tx
which interfered with the panels was, in both References 87 and Ii, tclal rt
adequately modelled as a line and that it would induce velocitre ccrdrng w
dimensional potential flow i.e. -. - . Mendenhall and Nielsen (Ref. 1' fo!",- i

such a procedure but then applied moe sophisticated l.ft inq surface techn.ques -c
•ompute the actual load on the wing panel itself. Up to the panel leading edge -he t dy
vortex was constrained to follow empirically derived paths and thereafte wa :acke.j
conformal mapping methods, in the same manner as Spahr's slender b~dy the-rry me.hi. N
change of strength was assumed as the vortices passed by the pa..els. iKith hi vtrit s
path obtained the local flow velocities at control points in the wing surface were
calculated as inputs into a lifting surface technique which effectively cmlculated -
in-isolation characteristics in a non-uniform flow.

The general approach of the previous methods by which a single core %oies nodel
has been used to generate local flow vellocties and angles of attack as inpo to a panel
loading method has been departed from by Oberkampf (Refs. 89 - 4) . in these three
references he describes the use of a relatively simple flow model which incorpc<rates he
representation of a feeding sheet as a line of low strength vortices ioininq a separation
point on the body to the vortex core. In his original paper with Necolaides, Oberkampf
suggests a form of vortex model shown in Figure 14. The low strength vortices representing
the sheet were spaced equally along a circular arc joing an empirically derived separation
location and the core location specified by experimental data fror Mello and Fiechter.
An experimental form of decty function was used inside the region of the vortex core area
(whose size again was specified from experimental data). This was used to compute flow
velocities at the panel location. In Reference 89 Oberkampf assumes that the variation
of local normal force coefficients of a rectangular element of wing panel will be the
same as the variation of normal force coefficients of a square panel which was tested in
uniform flow in a normal wind tunnel experiment.

An empirical spanwise and chordwise loading function is then introduced to predict
the local values across the panel surface. To test his theory Oberkampf compared data
from his flow model with Mello's results and also summed his individual panel loads to
yield rollin- moments which he compared with experimental data. For the body with a
square crucitorm tail which he considered, he found reasonable agreement, both for the
flow distribution and for the variation of rolling moment with incidence and roll angle.

A further discussion of the prediction of rolling moment, this time in supersonic flow,
was the subject of Reference 90. The same general procedure was adopted 'o calculate
the crossflow vectors, which it should be noted are strictly applicable only to incom-
pressible flow, but a different local loading procedure was used for supersonic wing
characteristics. As for the subsonic speed case reasonable agreement was demonstrated
for the limited range of experimental data which Oberkampf considered.

In the final reference of this series, Oberkampf returned to a consideration of
subsonic flow but this time considered wing panels of much more general planform than
the square ones of Reference 89. The empirical loading distribution function of the
earlier reference was maintained but the normal force variation with incidence of a small
element, although still assumed to be of the same form as that of the complete wing, was
now extended to be a non linear function of inoidence as predicted by an empirical load
estimation method. Comparisons were presented for predicted and measured panel load
coefficients for a cropped-delta tail body combination and also the result for configuration
rolling moment. Quite good agreement was found over most of the angle of attack and roll
range (See Fig. 15). Also presented was a predicted spanwise loading distribution for
the four tail panels of the cruciform set when at combined incidence and roll angle.
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Noteworthy is the reversed loading distribution apparent on the panel rolled near the
body vortex. Such a pattern is in reasonable qualitative agreement with the data for
supersonic speeds in Reference 2.

A useful feature of Oberkampf's paper was a discussion, based on his flow model,
of the sensitivity of configuration rolling mount and side force characteristics to
relative positioning of the panels and body vortices. Dependent on whether the latter
were inside or outside the radius of the tip of the wing panels the rolling moment
characteristics could exhibit highly different functional relationships with incidence or
roll angle. Putting this another way, if, for a generalised configuration, an accurate
prediction of rolling moment was required then the body vortex position ani its induced
loading effects would need to be highly accurately estirated.

A final reference in this review of past theoretical investigations of, or
prediction method development for, body vortex interaction effects is the paper by Smr'th,
Nielsen and Hemsch (Ref. 92). This paper briefly reports extensions of the NEAR
prediction method described in References 93 and 94 (a more comprehensive reference is
No. 95). It is of particular interest since it puts forward the idea that "afterbody
'7ortex" generation is possible. This means that aft of a forward lifting surface which
may locally interrupt the body vortex feeding a new body vortex system may begin to grow.
In modelling such effects for inclusion in their prediction method the authors state that
this is most effectively undertaken with a collection of vortices or a vortex cloud and
that when a tail panel is in such a position that it would be affected oy an afterbody
vortex this would not be well modelled by a single vortex.

3. SOME RECENT EXPERIMENTAL STUDIES AT LOW SPEEDS

The review of earlier work described in the previous section illustrated that
there was little information available on the specific problem of body vortex interaction
with lifting surfaces for missile applications. This section will describe series of
tests which have sought to improve this situation by yielding lata on flow situations
specifically chosen to highlight and explore the vortex interaction phenomena.

It will be observed that a common thread runs through the studies which have been
performed by the present author. This is the choice of a standard model geometry for
the experimental work. The configuration chosen was a cropped-delta cruciform wing-body
combination. The aspect ratio of the wing panels was 1.02 and taper ratio 0.59. These
could be positioned on the body of longitudinal stations of 7.67 or 4.10 body diameters
aft of the apex of the sharp tangent-ogive nose which had a fineness ratio of 3.

Especially with the wings in their aft position it was expected that the long
forebody ahead of the wing panel leading edges would ensure the proouction of a strong
well developed body vortex system which would interact with the downstream surfaces.
With the wings set in their forward position a long afterbody was available on which to
study the body vortex generation phenomena as affected by the presence of upstream
surfaces.

3.1 WATER TUNNEL TESTS

The combinations of incidence angle and roll angle chosen for the water tunnel
experiments was such that a strong body vortex flow was apparent from the forebody of
the model. Various wing panel roll angles were then set up to bring the panels into close
proximity to the oncoming vortex. For successful visualisation by the dye line methud
the flow speed in the working section was 90 mm/s for the present tests, giving a Reynolds
number based on body diameter of approximately 2000, which is obviously much lower than
any value likely to be encountered in a wind tunnel test or in full scale flight.
Consequences of such a difference will be discussed in a later section.

Output from this test programme was a series of simultaneous side and top views of
the flow patterns.

3.2 LOW SPEED WIND TUNNEL TESTS

It was considered essential that quantitative data should be acqu:red on the problem
of body vortex interaction with lifting surfaces to complement the completely qualitative
data available from the water tunnel experiments at Warton. The model used for the low-
speed wind tunnel testing in this programme was of a geometrically similar shape to the
water tun. I model previously described. The scale was however mu-h larger with a body
diameter of 0.11 m. Facilities were available to obtain pressure distribution data on
one wing panel of the model (both upper and lowe7 surfaces concurrently) and around three
circumferential rows at different points along the body's length. A general assembly of
the model is shown as Figure 16 which illustrates the different builds. Force and moment
information was also recorded in the test programme, as well as qualitative flow
visualisation tests by the smoke, surface oil and tuft methods. Combinations of incidence
and roll angle compatible with earlier water tuinnel tests were chosen. Reynolds number
was of course, much higher (approximately 4 x 10'(.
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4. DISCUSSION OF RESULTS FROM WATER TUNNEL TESTS*

4.1 FLOW PAST THE BODY IN ISOLATION

The classic dye line flow pattern was clearly evident. The combination of the
rotational velocity field set up in the leeside of the body by the vortex pair and the

general axial flow results in a helical dye line trace where the dye particles move
around the vortex centre and downsteam simultaneously. These patterns were steady., 7an-
taining their vertical and lateral locations relative to the body centre line provided
the oncoming flow was steady. Thus although the results shown in photographs ire
necessarily the instantaneous positions as recorded by a still camera, there was no
evidence that these patterns would shift their position either vert cally or laterally.

Evident from the side and top views is the large area affected by the vortica'
flow as shown by the large spread of the helix. As an indication ot the practical
importance of such a large affected area it should be remembered !hat 7any tail surfaces
of conventional missiles have nett semi-span dimensions of the same order as the dlamete.
of the body.

The predicted vortex trajectories resulting from the method of Reference 17 nave
been superimposed on composite tracings of the dye lines, both for side views and top
views. The prediction is reasonably accu-ate. Vertica& vortex positions appeal !o be
moie accurately predicted than lateral ones. Looking at this conclusion in a converse
sense, and remembering that Mendenhall and Nielsen's method arises from a compilation of
data taken in wind tunnels over a wide range cf speed and Reynolds number, it can be
stated that, from these sets of tests at least, the water tunnel results , ken at ;ow
Reynolds number have provided a reasonably reliable guide to aerodynamic behavio. at much
more realistic conditions.

One obvious feature which needs to be highlighted at this stage is how tlio Aye
line traces and hence the body vortices maintained their smooth appearance and well
ordered strulcture without drastic changes of trajectory as far aft as is .:1'. in the
field of view, or in othet words past the base of the model. This oehaviou:, t ill, r:
due course, be contrasted with changes of structure and position as *he body vertex
flows past a downstream wing surface.

4.1.1 Comarison of Results with those from other Investigations

Three VKI reports which post date the present author's original paper and report
(Refs. 98, 99) hase described experiments on body-alone or wing-body combinations and
have conta:n-d data on body vortex paths and interaction effects. These thiee reports
(Refs. 66, h9, 70) have used References 98 and 99 as a source and have ext-acted data
for compariA)n purposes. Demurie, Muylaert and Wendt (Ref. 61)) have measired the body
vortex cure positions on their body-alone model in a series of water tu;nnel experiments.
Following the earlier examples of Mello , Fiechter and Grosche, (Refs. 21, 26, 28
respectivelyt, these data have been expressed in body centred jiolar coordinates, I.e.
witn a circumferential angle and radial dimension, and were shown to agree quite closely
(i.e. within the experimental error bands) with the earlier subsonic wind tunnel infor-
mation fror Grorche. However, not surprisingly, agreement was not so good with the
higher speed data of Mello.

Comparisons of vortex position data were also made in Reference 69 with the
original data correlations of Mendenhall and Nielsen. This showed good agreement
generally although the standard for lateral position was relatively worse than for the
vertical vortex location. This conclusion followed that expressed by Deane in References
98 and 99 although the differences between vertical and lateral standards of agreement
were tore exaggerated in the latter two references. Note that in assessing the quality
of correlation with Mendenhall and Nielsen's data Demurie, Muylaert and Wendt had to
assume a value of first separation location (or first longitudinal location for body
vortex production). This was taken equal to zero (xs z 01.

4.2 FLOW PAST THE WING-BODY COMBINATIONS

Photographs are available which illustrate the various flow patterns observed in
the watEr tunnel around the wing body combinations BWA and BWF at different combinations
of incidence and roll angle. Both these ccnfigurations were assembled with the sharp-
nose body. The same nominal flow velocity was used for these experiments as for the
body in isolation thus yielding a value of ReD approximately equal to 2000.

The most notable feature of these flow patterns is that the body vortex system
undergoes a change of trajectory adjacent to the wings away from what it would have
followed if no wings had been fitted and, most important of all, undergoes a dramatic
change or breakdown of structure at some axial station near to the trailing edge of
the wing panel. (A tracing is included in this text as Figure 17).

* Illustrated in the lecture by a series of colour slides
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It was quite obvious from the visual observation of the water tunnel flow patterns
(and, indeed, this has been recorded on the cin4 film taken during these tests; that the
flow patterns were steady up to the wings, even when being deviated, but this was in
sharp contrast to the unsteady eddying flow area after the point of breakdown. This
would occur at axial stations between a position about half the chord behind the leading
edge's apex and the trailing edge. This transition from steadiness tc unsteadiness was
also evident for those cases when the panels were rolled.

If the results for the isolated body at the same angles af incidence are considered
it will be recalled how the vortex patterns stretched along the body as far as could be
seen in the field of view in the water tunnel, with no sudden deviations of trajectory
and certairly no breakdown in the smooth vortex structure. To confirm that the deviations
of vortex trajectory are indeed due to the presence of the wing panel consider now how
the results for both the SWA AND BWF configurations are generally the same, in that the
body vortex does not pass by the wing panel without being broken down in structure.

For the zero roll angle cases illustrated it is clear that, prior to the breakdown
of the vortex structure, then the vortex cores are deviated both down towards the upper
surface of the adjacent horizontal panel and also laterally away from the body centre-
line. The point at which breakdown occurred was seen to move forward as incidence angle
increased.

Comparison of the dye line traces for the wing-body and the body-in-isolation
cases 'for those parts of the flowfield upstream of the wing leading edge showed that the
presence of the wing has very little effect on the body vortex position.

For those configurations with wings set forward on the body there is, of course,
a long aftelbody on which vortex generation could be investigated. Attemps to visualise
any afterbody vortices were made in exactly the same way as for the forebody vortices.
Whereas the vortices from forward on the body were immediately visible, no equivalent
clear vortex structure could be observed on the afterbody.

The importance of the various experimental observations is underlined when current
missile aerodynamic prediction methods are considered. Within the U.K. missile Industry
at least, routinely applied techniques model the body vortices as idealised lines which
follow empirically defined paths based, for example, on the correlations of Reference 17
up to the leading edge station of the wing panel. Using the vortex vertical and lateral
locations appropriate to this station interference factors are then derived using such
methods as the linear theory charts of Spahr (Ref. 12) to predict either a direct change
to the panel load of the surface in the presence of a vortex or, equivalently, a change
to the effective angle of incidence of the panel. These methods do not either explicitly
or implicitly take account of any variation of vortex position adjacent to the wing panels.

Examples of flow patterns for 0 = 701 and 0 = 450 will be presented here for the Bi A
configuration at an angle of incidence of 250. It is obvious from these illustrations
that the a = 250, 0 = 700 case represents one of close interaction between the boly
vortex and the wing panel and also that, for these combinations of incidence and roll
angle, and for this particular model geometry, the body vortex will not pass by the panels
undisturbed but as at zero roll, is either broken down or is radically deviated in its
trajectory.

4.2.1 Comparison of Results with those from other Investigations

Reference 103 reports the use of a modified version of the present author's model
in an attempt to investigate the possibility that different flow patterns might be
observed around a wing-body combination if the wing panel was of a different shape to
the cropped delta originally used. It had been speculated that the panel planform shape
might be a critical factor since it would dictate the flow field in its immediate
vicinity and thus could quite radically affect the vortex interaction phenomena. The
particular question was addressed of whether the use of a very slender wing, which would
provoke a strong leading edge vortex system, as opposed to the original lower sweep
angle cropped-delta wing hich was apparently giving a completely separated rando eddying
flow on its top surface, would have any significant effect on the phenomena previously
observed. Would the interaction of the body vortex with a better defined, more ordered
flow structure, result say in deviations of trajectory but not the breakdown of the body
vortex structure?

A new cruciform wing set was constructed which had thr same aspect ratio and span
to body diameter ratio as the previously used cropped delta set but due to its delta
planform had a much longer root chord. The results may be summarised by remarking that
the sane kinds of vortex deviations and breakup phenomena were observed as had been
evident for the cropped delta case.

The tests by Swaby, although yiclding results different in detailed character,
indicated that the present author's water tunnel results regarding the phenomenon of
vortex breakdown, which was hitherto unexpected and certainly not accounted for in
prediction methods, were not isolated and unrepresentative since fair qualitative
agreement was achieved.
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4. DISCUSSION OF RESULTS FROM WATER TUNNEL TESTS-

4.1 FLOW PAST THE BODY IN ISOLATION

The classic dye line flow pattern was clearly evident. The combination of the
rotational velocity field set up in the leeside of the body by the vortex pair and the
general axial flow results in a helical dye line trace where tho dye particles move
around the vortex centre and downsteam simultaneously. These patterns were steady, rain-
taining their vertical and lateral locations relative to the body centre line provided
the oncoming flow was steady. Thus although the results shown in phctographs are
necessarily -he instantaneous positions as recorded by a still camera, there was no
evidence that these patterns would shift their position either vertically or laterally.

Evident from the side and top views is the large area affected by the vortical
flow as shown by the large spread of the helix. As an indication of the practical
importancP of such a large affected area it should be remembered that many tail surfaces
of conventional missiles have nett semi-span dimensions of the same order as the diameter
of the body.

The predicted vortex tra]ectories resulting from the method of Reference 17 have
been superimposed on composite tracings of the dye lines, both for side views and top
views. The predi,-tioun is reasonably accurate. Vertical vortex positions appear to be
more accurately predicted than lateral ones. Looking at his conclusion in a converse
sense, and remembering that Mendenhall and Nielsen's method arises from a compilation of
data taken in wind tunnels over a wide range of speed and Reynolds number, it can be
stated that, from these sets of tests at least, the water tunnel results taken at low
Reynolds number have provided a reasonably reliable guide to aerodynamic behaviour at much
more realistic conditions.

One obvious feature which needs to be highlighted at this stage is how the dye
line trace! and hence the body vortices maintained their smooth appearance and well
ordered structure without drastic changes of trajectory as far aft as is visible in the
field of view, or in other words past the base of the model. This behaviour, will, n
due course, be contrasted with changes of structure and position as the body vortex
flows past a downstream wing surface.

4.1.1 Comparison of Results with those from other Investigations

Three VKt reports which post date the present a~thor's original paper and report
(Refs. 98, 99) have descrihed experiments on body-alone or wing-body combinations and
have contained data on body vortex paths and interaction effects. These three reports
(Refs. 66, 69, 70) have used References 98 and 99 as a source and have extracted data
for comparison purposes. Demurie, Muylaert and Wendt (Ref. 69) have measured the body
vortex core positions on their body-alone model in a series of %ater tunnel experiments.
Following the earlier examples of Mello , Fiechter and Grosche, (Refs. 21, 26, 28
respectively), these data have been expressed in body centred polar coordinates, i.e.
with a circumferential angle and radial dimension, and were shown to agree quite closely
(i.e. within the experimental error bands) with the earlier subsonic wind tunnel infor-
mation from Grosche. However, not surprisingly, agreement was not so good with the
higher speed data of Mello.

Comparisons of vortex position data were also made in Reference 69 with the
original data correlations of Mendenhall and Nielsen. This showed good agreement
generally although the standard for lateral position was relatively worse than for the
vertical vortex location. This conclusion followed that expressed by Deane in References
98 and 99 although the differences between vertical and lateral standards of agreement
were more exaggerated in the latter two references. Note that in assessing the quality
of correlation with Mendenhall and Nielsen's data Demurie, Muylaert and Wendt had to
assume a value of first separation location (or first longitudinal location for body
vortex production). This was taken equal to zero (xs = 0).

4.2 FLOW PAST THE WING-BODY COMBINATIONS

Photographs are available which illustrate the various flow patterns observed in
the water tunnel around the wing body combinations BWA and BWF at different combinations
of incidence and roll angle. Both these configurations were assembled with the sharp-
nose body. The same nominal flow velocity was used for these experiments as for the
body in isolation thus yielding a value of ReD approximately equal to 2000.

The most notable feature of these flow patterns is that *he body vortex system
undergoes a change of trajectory adjacent to the wings away from what it would have
followed if no wings had been fitted and, most important of all, undergoes a dramatic
change or breakdown of structure at some axial station near to the trailing edge of
the wing panel. (A tracing is included in this text as Figure 17).

Illustrated in the lecture by a series of colour slides
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Illustrations of the flow patterns tncluded in References 66, 69, 70 nave .iso
shown how similar the results oblained by VKX were compared to the present author's.
A very smooth and well ordered flow pattern was seen for the case of the body-in-
isolation but when lifting surfaces were attached the body vortex was deviated down
towards the upper surface of the panel and then broken up in structure. This was most
noticeable, as might have been expected, for the higher incidence results shown by
Demurie, Muylaert and Wendt in Reference 69 for cases with and without a strake fitteo.
Results without a strake were the subject of a footnote in Ref. 691. The wing panel

shape also approximated that of the one used by the present author with a leading edge
sweepback angle of 270, a nett aspect ratio of 1.99 and a nett span to body diameter of
1.0.

The lower incidence angle cases shown by Demurie (Ref. 70), which contained a series
of photographs for a constant angle of incidence but with various wing sweepback angles,
showed that as the sweepback angle increased, or alternatively the size of the wing
decreased (the semi span dimension was fixed) the phenomenon of body vortex breakdown was
prevented. Thus, for the results with a wing leading edge sweep angle of 300, breakdown
was definitely visible, whereas for the higher sweep angles of 400, 501 and 600 it was
not apparent.

The other investigators have, however, contributed information which indicates
that the phenomenon is likely to be dependent on total incidence angle and planform
shape except at the higher angles where apparently the breakdown will definitely occur.
The VKE results showed, for example, breakdown aft of the trailing edge of a wing-strake-
body combination without any significant prior deviation of trajectory which was a
different result to that shown by the recent results of the present author, but neverthe-
less the same ultimate breakdown effect occurred.

4.3 GENERAL COMMENTS ARISING FROM THE WATER TUNNEL TESTS

Prior to the water tunnel tests it had been anticipated that their major value
would lie in yielding a qualitative appreciation of the changes in flow direction and
hence body vortex trajectory adjacent to wing panels. The possibility of such dramatic
changes of flow structure as have been subsequently found was certainly not expected.
Similarly, the tests have shown that significant interaction effects can occur at com-
binations of incidence and roll angle other than those for which the simple geometry of
the situation would indicate a "close approach" between body vortex and wing panel.

Thus vortex deviation and breakdown effects have been noted for zero roll angle
cases when the body vortex originally starts some distance from the wing panel but is
drawn towards the upper surface.

The next section will discuss the results from wind tunnel experiments, designed
to provide a more immediately representative set of data but it should be remarked that
for the configurations dealt with here, the great difference in Reynolds numbers of the
test programmes was not felt to be too much of a problem. The important feature as
far as the wing flow field is concerned is the sharp leading edge. At the high angles
of incidence considered this will definitely fix the separation of the wing flow along
the leading edge and thus it is felt that this aspect of the problem at least should be
well modelled. As far as the body flow itself is concerned there is no equivalent
salient feature to fix separation and thus it is quite likely that the vortex disposition
might be different in the low Reynolds number range compared to high Reynolds number
wind tunnel tests or full-scale applications. Even so the comparison of results derived
from the water tunnel with those from other test sources (as correlated by Mendenhall and
Nielsen) has indicated that the low Reynolds number results are not grossly in error
since the previous (wind tunnel) and more recently acquired (water tunnel) data was not
too much different in lateral or vertical vortex coordinate.

Before concluding this sub-section it is worthwhile to discuss further some
aspects of the vortex breakdown phenomenon, which is shown adjacent to wing panels.

Various wind tunnel and water tunnel studies have been performed in the U.S.A.
which have investigated the onset of vortex breakdown above isolated slender wings
(mostly deltas). These have shown that as incidence angle is increased so the vortex
breakdown will move forward across the trailing edge of the wing surface. Results, for
example, by Erickson (Ref. 104) include wind tunnel and water tunnel data which are
compared for the phenomenon of vortex breakdown at the trailing edge position. They
are shown to correlate and thus are another example which can be referred to in the
justification of the usefulness of water tunnel techniques to represent flows at higher
Reynolds numbers.

Erickson has presented a comparison of vortex breakdown onset for delta wings as
a function of angle of attack. These data have been acquired for wings in isolation and
to apply them to the cases of interest here, i.e. wing-body combinations, some thought
must be given to how the results can be read across to such shapes. The basic effect
which must be taken into account is the increase of effective angle of attack of a panel
attached to a body due to the upwash around the body. This effective change may be
predicted (strictly for small angles of incidence) by the use of slender-body theory
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whereby a wing-body interference factor (KwB) is calculated.

Although it is rather "stretching" the application of this theory it car no, be
proposed that if vortex breakdown can be predicted to appear adjacent to the trailing
edge of a wing panel in isolation at angle of attack ao, then this should appear at the
lower angle of attack oc/KwB for a wing-body combination. This rather gross assumption
can be tested by an examination of the results of Swaby. The wing used :n the exper'.7:1-:
reported in Reference 103 had an aspect ratio of 1.02 and a gross span to body diameter
ratio of 3.56, with a leading edge sweep angle of 76'.

Erickson's plot indicates an angle of incidence of approximately 33' for vortex
breakdown at the trailing edge for a delta wing in isolation. KWB for this model is
approximately 1.23. Thus if this theory is correct evidence of vortex breakdown shouli
be visible adjacent to, or forward of, the trailing edge for model incidence angles in
excess of 270.

The flow visualisation results of Swaby showed clear evidence of flow breakdown
adjacent to the trailing edge at higher angles of attack but not at angles lower than
270; thus it seems that the concept of applying the wing alone vortex breakdown
characteristics to wing-body combinations is not totally unreasonable.

Consideration must now be given to the application of such an idea to configu-
rations with non-zero roll angle. As before a very simple approach will be adopted in
predicting the effect of roll angle by crudely modelling the effect on local angle of
attack due to the flow components being resolved through the roll angle 0. On a "first
order" basis it can be shown that at a geometric incidence angle a and a roll angle 0 the
local angle of attack of a panel in the flow field would be acosO, neglecting wing-body
upwash effects. If the latter were to be included the angle would be increased to KWBscoso.
Taking a crossover between the flow regimes with and without vortex breakdown for the delta
wing of Swaby from the data for Erickson, one obtains a critical value of Kwq3acos0 = 330.
On this basis a crude diagram illustrating the flow regimes, (Figure 18) may be constructed
with KWB - 1.23.

Thus as roll angle of the subject wing increasesso the angle of attack of the
wing-body combination must increase for the leading edge vortex of the wing itself to
break down at or before the trailing edge. This is what has been observed _n practice in
the water tunnel flow visualisation experiments. Deviations of the body vortex pattern
in proximity to the wing leading edge vortex were observed either for low a (in which case
the deviations could be quite small) at zero roll angle, or at higher angles of incidence
when the panel was rolled into the leeside quadrant.

The problem remains of how to apply such results quantitatively rathe: than
qualitatively to the cropped delta wing-body combination used in these experiments. What
are basically required are data on the vortex breakdown positions for the same shape of
wing in isolation.

5. DISCUSSION OF RESULTS FROM THE LOW SPEED WIND TUNNEL TESTS

5.1 PRESSURE DISTRIBUTIONS ON THE BODY OF THE WING-BODY COMBINATIONS

Pressure data was recorded at three different longitudinal stations for botn con-
figurations BWA and BWF, Figure 16 illustrates the positions which are termed as "Front,
Mid and Rear". Consider first the BWA configuration at 0 = 0" or 70" and a = 30" (Figs.
19 and 20).

Examination of the data for the front and mid tapping rings will show that the latter
are greater than the values expected from simple crossflow considerations. The magnitude
of variation of the whole pressure distribution pattern around the body is also increased.
It therefore, appears that the lifting action of the wing panels is to induce, forward of
themselves, an upwash which increases the local angle of incidence.

The general circumferential form of the pressure distributions is indicative of a
turbulent separation with a roughly constant pressure coefficient value after a circum-
ferential angle (V) of 1350. Data from forward and mid tapping rings shows such a
characteristic with it being emphasised for the cases with high local angles of incidence
i.e. either a = 30' for the complete model or for the mid tapping ring. Such behaviour,
typical of normal body vortex generation, is however, completely lost for the rear
tapping ring. For this station, one calibre aft of the wing trailing edge, the pressure
tappings rotate with configuration roll angle such that for the 0 = 0 and 0 = 70 cases
data is available at different t values. However, enough is available in appropriate
places to be able to deduce that crossflow separation is not occurring. There is no
noticeable pressure fall and recovery as for the other two tapping rings and the magni-
tudes of the pressure coefficients are much smaller. Thus it can be said that little
modifIcation to the flow magnitude is going on from the oncoming freestream direction.

The effect of the wing panel's wake on the local angle of incidence distribution
aft of the wing is emphasised for the long afterbody inherent in configuration BWF.
Figures 21- 22 include data for this model. Notice, how for the front tapping ring,
which in this case is I calibre aft of the wing trailing edge, the crossflow separation
characteristics are suppressed but that, if the general angle of incidence is high (30"),
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or the distance along the body increases towards a poin, near the base, then "norrmal
cr.ossflow behaviour" re-establishes itself with a relatively high positive Cp or. the
windward generator followed by a fall to a low minimum and recovery to a near constarit

value for l 135. It should be however, noted that, on the afterbody, a pressure
coefficient distribut on indicative -of crossf low sep ration is never as proncunced as on
the forebody of the model.

The evidence of the pressure distributions is that crossflow separation, absent
at the front tapping station, re-establishes itself by the mid and certainly by the rear
tapping rings (although it is felt that the results for the rear station are somewhat
affected by model base and support interference).

5.2 PRESSURE DISTRIBUTIONS ON THE WING PANELS

Figures 23 - 25 contain a selection of wing panel pressure coefficient data for
both spanwise and chordwise distributions on configurations at incidence angles of
151 and 300 and roll angles of 00 and 700. Both windward and leeward surfaces values
are plotted.

The general characteristics may be summarised as follows:

(i) For either configuration (BWA or BW F ) at low i (.e. 151Y and 0 : 0' a
suction peak is evident near the leading edge at the root, on the leeward
surface.

(ii) As incidence increases to 300 the general suction level ris-s but the suction
peaks are lost resulting in a much more even distriLut:on of pressure both
across and along the panel.

(iii) Pressure distributions on the windward surface are much more uniform than
those on the leeward surface.

(iv) The major contributor to normal force for panels at 0 - i is the suction on
the leeward surface.

(v) At non-zero roll angles (0 = 700) both the suction and pressure levels on
both wing surfaces are much reduced and in some cases can, over much of the
wing planform, approach very close to one another thus resulting in a zero
normal force loading on that part of the wing surface.

(vi) Spanwise distributions of load are much more uniform than chordwise
distributions. The predominant chordwise loading occurs near the leading
edge of the wing.

5.2.1 Maximum Suctions Observed on the Wing Panel Upper Surfaces

It is worthwhile to pay attention to the flow conditions for maximum upper surface
suction since this will yield some indication regarding the state of the wing upper
surface flow field. If it retains a well ordered structure, perhaps with a leading edge
vortex present, then it is likely that high suctions will be seen at points on the
surface. If however, the upper surface flow breaks down into a random eddying turbulent
flow then these suction peaks will disappear and the pressure distributions will become
more uniform.

The minimum pressures were usually measured near the leading edge 3unction with the
body but as 0 increased this minimum could move outboard across the panel leading edge.
After the decrease in maximum suction level the point at which thls occurred could move
rearwards slightly.

It was observed experimentally that the configuration angle of incidence a at
which the sudden decrease in maximum suction was seen to occur, was higher for high 0
than for low 0. This coupled to the previously obtained water tunnel flow visualisation
evidence has given rise to the concept that the breakdown of flow over the upper surface
of the wing panel which leads to the loss in maximum suction, is dictated by the local
geometric angle of attack which may be approximated to acosO. To test the validity of
such an assumption, correlations have been made of minimum pressure coefficient on the
wing panel's leeward surface with acosR. It can be seen on Figure 26 that a rough
correlation exists with a peak in C (min) occurring around acoso = 20* for both BWF and
BW Even for the two different wigg-body combinations, with their probably quite
different vortex strengths at the wing leading edge station and hence vortex induced
velocity or angle of attack values, the general result is very much similar. This would
seem to point to the conclusion that for the purposes of assessing when wing flowfield
breakdown occurs it is not necessary to include any vortex induced velocities, or,
equivalently, it indicates that the body upwash and wing basic induced flowfield itself
are the important parameters.

This conclusion is at variance with that implicit in the work of Hemsch et al
reported in Reference 93. There, some attention is paid to the problem of representing
body vortex interaction with lifting surfaces in order to predict panel loads on
configurations at arbitrary combinations of incidence and roll angles. Embedded in their
method was a procedure which required the specification of the vortex induced velocity on
a fin panel attached to a body. Even with their "best choice" of Vmax from one wing
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panel stape Hemsch et al admitted that their flow model would not necessarily give good
predictions for a range of other shapes. They referred to the causes for poor estimates
as including the possibility of vortex bursting adjacent to a panel and lateral changes
of vortex position adjacent to the wing panel.

Returning now to the direct comparison of flow breakdown onset angles for these
shapes it can be seen from Figure 26 that an approximate boundary lies at acosO = 200.
The results may now be compared with those arising from the consideration of the water
tunnel flow visualisation. In Section 4.2 it had been suggested that a boundary between
body vortex breakdown adjacent to a panel or no breakdown would exist for a delta wing-
bo-y combination of the same aspect ratio and span to diameter ratio as the cropped-delta
wing tested here, at combinations of incidence and roll angle defined by acoso 270.
Erickson has shown that the action of adding area to the front part of a wing is to
decrease the angle of attack at which breakd-wn would occur. For a basic 701 leading
edge sweep angle wing the reduction of breakdown angle going from the pure delta to a
convex shape was shown to be approximately 40, which will probably represent an under-
estimate of the change for the cropped-delta wing considered here which has a 450
straight leading edge. This reduction in wing-vortex-burst angle of incidence due to
change of shape is however offset by an increase in necessary angle of incidence to
yield vortex breakdown at the leading edge which apparently is the phenomenon which
dominates the subsequent flow past the wing.

A more detailed investigation of the vortex breakdown characteristics of the
particular desi 4  f cropped-delta wing would be needed before it was possible to make a
definite conclus~ron. i' wever, it appears that the boundaries between vortex breakdown or
no vortex breakdown fo: the '.ng-body combinations seem to be in qualitative agreement.
A reasonable mechanism ha h ,n illustrated to explain the breakdown of the well ordered
body vortex structure, adjacent to the wing panels. A cautionary note must however be
recorded regarding the general opinioi over the use of water tunnel results for vortex
breakdown : see References 108 and 109.

5.3 DERIVED SPANWISE LOADING DISTRIBUTIONS

Examples of the results for various roll and incidence angle combinations are
shown in Figure 27. The general features of the spanwise loading distributions mirror
those of the pressure distributions in terms of a decrease in magnitude as the roll angle
increases. This reflects the reduction in local angle of incidence.

The form of the distributions is also such that for cases of zero roll angle the
shape is near elliptic as would be expected from a wing panel in subsonic flow and the
magnitude of the local loadings are scaled in proportion to the angle of attack i.e. the
spanwise shape of the loading distribution is not radically altered. For non-zero roll
angle, however, the basic shape of the loading distributions does change with s and 0.
For high values of a and 0 the shape can be highly irregular in the spanwise direction
displaying a large increase to a maximum outboard, falling away again at the tip. The
experimental results have also showed the possibility of a local reversal of sign of the
local loading direction (e.g. a = 300/350, 0 = 70o). Results for the BWA configuration
are not radically different from those for BWF'

It is notable that the data measured in the tests now reported do not show the
spanwise changes to be so drastic as those evident in the earlier data. The conventional
explanation for the sudden changes in spanwise loading is that a body vortex will induce
an increase of local angle of attack on a wing panel outboard of its spanwise location
and conversely a decrease of local angle of attack inboard. These local increases and
decreases would be reflected in proportionate increases and decreases in local loading.
The apparent change of behaviour for the spanwise loading distributions could thus be
associated wlth the breakdown of the well defined body vortex structure for the present
tests whereas in the earlier investigations no mention was made of this possibility
adjacent to the wing or tail panels of the configurations under study.

5.4 ASSESSMENT OF THE OIL FLOW PATTERNS FOR THE WING-BODY COMBINATIONS

Two effects are important. Firstly, the flow a little way upstream of the point
at which the leading edge joins the body is evidently given an extra crossflow increment
to its velocity due to forward interaction of the wing flow field. It can be seen that
the traces of the flow visualisation indicate a local flow direction approaching more
and more the crossflow direction as the leading edge position is approached. Once this
region has been passed, i.e. immediately over the leading edge area of the wing panel,
the flow evidently turns down towards the adjacent surface of the wing panel as shown by
the large predominantly white area in the photograph.

Behaviour of the body flow field beind the wing's trailing edge must inevitably be
somewhat distorted by the presence of the base and the transverse support structure, but
it is of interest to note that the local angles of attack are much reduced aft of the wing
as compared to the situation forward of it. Connected with this is the absence of any
obvious evidence that body crossflow separation re-establishes itself on the relatively
short afterbody of this configuration.

I



12-1'

Oil tlw patterns will be shown for conf:guration BWF for 0 = 0' and 30.
Ahad of, and adjacent to, the cruciform wings the surface flow pattern characteristics
are in good qualitative agreement to the BWA case, with the same general features of
flow deviation shown in two cases. One particularly no, dorthy point is the obviously
well-established character of the body vortex flow ahead of the wings for this wings-
forward case. In this case for a relatively slender nose at high incidence the -'pir.:al
techniques of Mendenhall and Nielsin (Ref. 17) would, in fact, predict x s  0. Thus the
predictions for this aspect of the flowfield would not be in too much error.

The major item of interest is the flow pattern developed around the wing and on
the long afterbody of the model. The local angle of incidence approaches 901 near the
leading edge of the wing but is very much lower (of the order 201) aft of the tra:li-g
edge. This angle then increases as distance increases along the length of the body.
Similarly it is only on the extreme end of the afterbody that there is any clear evidence
of body vortex formation re-establishing itself in the same general for as was shown on
the forebody or ahead of the wings for the BWA configuration.

The reasons for a change of flow pattern are not difficult to appreciate. The
physical presence of the wing cuts off the feeding into the body vortex which has started
upstream on the body. The structure is then disrupted adjacent to the wings which also
must, necessarily, impart an axial direction to the local flow directions immediately aft
of the trailing edge as the flow comes off the wing. However, beyond this point it could
then be expected that the crossflow would re-assert its influence on the general flow
pattern and re-establish crossflow separation. The failure to do this can simply be
interpreted in terms of a downwash field aft of the lifting wing panel. This will result
in a reduction of local angle of attack aft of the wing trailing edge. If the body-wing
comhination is at high angle of incidence then as distance along the body increases so
the wing wake will pass further up and away from the body. Thus the induced downwash
characteristics are reduced further aft on the afterbody. The local angles of incidence
will, therefore, increase with distance along the body making the possibility of flow
separation more likely.

It is of interest to consider the evidence of the present tests in the light of the

suggested method of predicting afterbody vortex development as suggested by Hemsch,
Nielsen and Dillenius (Ref. 101). Their method, which was intended for use with quite
arbitrary onset flow attitudes and upstream canard deflections, is constructed to deal
with the possibility that a computed flow direction aft of the canard position in the
absence of body vortex effects could, depending on the combination of angles of incidence,
canard deflection and roll, be anywhere in a 3600 coverage, and might have any arbitrary
magnitude. They recommend that if the local flow vector calculated by the superposition
of effects due to the canard trailing vortices and the crossflow, yields a local angle of
incidence greater than 40 and that this vector is not rotated more than 900 from the
freestream crossflow direction, then afterbody vortex generation will begin at the
trailing edge of the canard panel.

For the case considered here the application is quite simple. The wing panel
replaces the canard and since it is undeflected, and since the configuration is at zero
roll, the induced flow vectors will be in the same direction as the freestream flow
vector. Instead of calculating the magnitudes of the induced velocities at the body
centreline without the body present as Hemsch et al suggest it is here intended to
interpret the oil flow visualisation photographs to yield the necessary information.
Given the local flow angles on the periphery of the body of approximately 200 then it
should not be too much in error to state that the 40 value at the centre line would be
exceeded. However, at this point vortex formation on the afterbody is certainly not
obvious. It would thus appear that Hemsch, Nielsen and Dillenius's method can predict
afterbody vortex formation forward of the point at which it is observed to occur on this
configuration. It is felt that their conclusions regarding afterbody vortex development
might possibly be more appropriate to the type of case with which they were primarily
concerned, i.e. canard configurations, for which the size of the lifting surface relative

to the body is relatively smaller than the large wing type of models considered here.

5.5 ASSESSMENT OF FLOW PATTERNS ILLUSTRATED BY THE OTHER TECHNIQUES

The flow visualisation tests were completed by tuft spinner and smoke probe
experiments.

Uncertainty regarding the location of a vortex core arose becuase of the subjective
nature of deciding when the centre was reached and also due to the problems using a hand-
held probe and trying to maintain its position. However, even allowing for this, the
results of Figure 28 show how, for configuration BWA at a = 300, 0 = 00, the vortex is
seen to move down towards the upper surface of the Horizontal wing panel as it passes
the leading edge. Lateral movement is less well defined but the re-drawing of the vortex

positions in the crossflow plane (left-hand sketch of Fig. 28) does make it clearer that,
accompanied by the initially upwards movement well forward of the wing panel, there is a
inwards movement (Positions 1 - 5). When the vortex begins to move down it also begins
to move out (Positions 8 - 9). This behaviour is in qualitative agreement to that shown
in the water tunnel tests, but the vortex core locations as deduced from the wind tunnel
experiments appear to be closer inboard upstream on the body than those from the water
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tunnel, i.e. the vertical and lateral vortex coordinates are both less.

Whereas the body vortex structure was quite clearly evident ahead of the wings on
either BWA or BWF the tuft spinner showed that, at some point along the length of the
wing panel, the characteristic rotation was lost and replaced by an irregular motion with
the mean tuft position directed down towards the adjacent horizontal wing panel. On the
afterbody there was no evidence of any new body vortex development until the very end of
the long afterbody of configuration BWF , at the highest angles of incidence which were
tested.

5.6 GENERAL COMMENTS ARISING FROM THE LOW SPEED WIND TUNNEL TESTS

The most useful way to review the results of the various low-speed wind tunnel
tests is to consider these as an inter-related set and to consider how the conclusions
from one type of experiment have supported conclusions reached from another. Examples
include:

(i) The flow visualisation and pressure distribution tests have indicated that
the phenomenon of afterbody vortex formation may not be so prevalent as
previous investigators have indicated. The importance of considering the
local angles of attack in the assessment of whether afterbody vortex
formation will take place has been emphasised.

(ii) Upstream influence of the wings as evidenced by changes in surface oil flow
patterns has been borne out by the pressure distributions.

(iii) The results for panel spanwise loading distributions have been found to be
quite regular except for combinations of high a and 0 where loading direction
reversals have been observed. Comparison of results with those of the water
tunnel suggests that the general levelling out of spanwise loading
distribution occurs for those cases where vortex breakdown adjacent to the
wing panels has occurred.

5.6.1 Correlation between Low-Speed Wind Tunnel and Water Tunnel Results in these Tests

The results for vortex trajectories on a body in isolation have shown good agree-
ment.

The general flow behaviour adjacent to the cruciform wing panels of a wing-body
combination have been duplicated between the water tunnel and wind tunnel experiments.
Loss of body vortex structure and change of direction have been seen in both sets of
experiments. Detailed effects on the wing panel such as areas of stagnant or highly
spanwise flow have been observed in both sets of tests. On the body, forward and aft of
the wings panels, the same effects have been seen. Areas of high flow curvature
immediately upstream of the wing leading edge - body junction have been duplicated. Aft
of the trailing edge the lack of any obvious coherent afterbody vortex structure has been
noticed.

For the present test programme, therefore, involving configurations with large
areas of separated flow on the body and wing panels with sharp edges, the low Reynolds
number available in the water tunnel tests has not been a problem.

6. RESULTS FROM AN ASSOCIATED TRANSONIC EXPERIMENTAL STUDY

6.1 EXPERIMENTAL DETAILS

Tests performed by Aircraft Research Association covered two body shapes. Fitted
to a common afterbody was either a short tangent ogive nose (IN = 1.215D) or an ellipsoidal
nose ( 1 .0D). The use of the former meant that the previous geometric coverage was
enhanced since the nose semi-apex angle of the sharp tangent ogive nose (which Mendenhall
and Nielsen had deduced was an important parameter) was much greater in this test series
than for the data previously collected. (See Fig. 29). The models were pitched to
angles of incidence of 8.1, 15.1 and 20.7 degrees. Freestream Mach numbers for the tests
were 0.7 and 1.15 and the Reynolds numbers (based on freestream speed and model diameter)
were 1.46 and 1.70 x 10' respectively. Flowfield information i.e. velocity vectors and
magnitudes of total pressure, was gathered in the leeside wake of the bodies using a
rake of 16 five-hole yawmeter probes.

The data available from the ARA flow survey tests was in the form of flow vector
plots. (Reference 37 contains the complete set). Corresponding results could be deduced
for the distribution of circulation around the small segments of the flowfield bounded by
the circumferential paths of the yawmeter probes as they roll around the body axis.
(Fig. 30). Note that in certain areas the segments can become quite large. This
reflects the sparse coverage of basic flow data.

6.2 ASSESSMENT OF THE RESULTS

Before proceeding to a detailed discussion of such quantities as the vortex
position and strength as derived from the experimental data it is worthwhile making the
general point concerning the relatively large area of the leeside flowfield which can be
dominated by vortex effects.



6.2.1 Vortex Locations

From the flow vector plots body vortex core locations could be dediced s i jec'v,.
by observing where the most rapid changes in crossflow velocity vectors ccr re i

where the magnitudes of these vectors decreased to a minvi7m. lrpic:t
assumption of a viscous vortex core in whic> tangential induced ve.oci- es are te o
(ideally to zero) as the core position is approached. The results showed tthat i.,
at a given incidence angle and for a given flow survey station, the body vortex cre
would lie slightly further away from the body axis fboth laterally and vertical'y, A'
supersonic speed compared to subsonic speed. The effect of changing the nose shape !:,,-
the short sharp tangent ogive to the ellipsoid is minirial. An exanination of the resjits
also showed that the underlying trend due to either increasing incidence angle or the
distance along the body from the apex was to have an increasing value of yBV, zBV and

D D
rt * It can be remarked that changes in vertical location were always more pronounced

-DV
than changes in the lateral direction.

6.2.2 Vortex Strength

To assess the strength of the body vortices, contour integrals have been done
about the largest boundary possible in the leeside quadrant. Results have been derived
for the quantity rt where rt is the total circulation captured in this fashion. It musl

-DV
be remarked that for certain cases rt may well represent a low estimate of the total
vortex strength in the leeside since some vorticity may lie above the area covered by the
rake traverse. The distributions of the total circulation over a quite large area of ti-
flowfield make it obvious that the concept of a flow model containing only line vort' cii

(in which rt would be concentrated at a point) is inadequate. It can also be seen hiw
the majority of the circulation which is not found adjacent to the core iteself is
distributed along a region joining the core to the body surface. The typ:cal shape, an
position of a body vortex feeding sheet is thus illustrated.

The relative importance of the feeding sheet compared to the core has beer assesse)
in a crude way by estimating which segments contribute to each and f ,en rrminq a rat i,
of the relative strengths. It has been shown that the ratios r s rt art, qiite -!(,sely
grouped mostly between 0.21 and 0.35. Thus, even allowing for errors in the det in
of this ratio, one feature is clear. The circulation of the feeding sheet is by no means
negligible with respect to the total enclosed in the whole leeside quadrant.

An examination of the results also showed how the non-dimensional vortex strength
increases both with distance along the body and with angle of incidence. For a given
incidence or axial station non-dimensional vortex strengtt, in supersonic flow are also
greater than those for equivalent conditions in subsonic flow.

Changing the nose shape from ogive to ellipsoidal has very little effect on rt
-DV

6.2.3 Comparison of Experimental Data with Predicted Results

The method of Mendenhall and Nielsen (Ref. 17) is available for the prediction of
body vortex characteristics on an empirical basis. Comparison of the method with the
experimental data deduced from the ARA flow survey tests has illustrated one particularly
important feature connected with the prediction of vortex starting position.

Consider the equation Mendenhall and Nielsen suggest for vortex starting point on
a sharp nosed body:

N=32 (1 -1 A-N
N

For the ARA model eN = 44.7'. Applying equation A one calculates x. as a function
of incidence angle alone. The significant feature of the results is that the vortex
starting point is predicted so far aft. Indeed for a = 8.10 and 15.10 the starting point
is predicted to be behind the aft flow survey station. However, for the forward flow
survey location the flow vectors clearly showed a well developed body vortex system at
a = 15.1' and 20.7'. Obviously, the Mendenhall andNielsen method of equation A is mis-
leading for the particular quantity of vortex starting point on sharp nosed bodies for
high values of 

6
N , since xs should take a value equivalent to a point much closer to the

apex. The reason for this result is quite clear. Mendenhall and Nielsen's empirical
method is founded on a basis of data for quite slender nose shapes (maximum e - 20')
Thus applying equation A with eN = 44.7o is simply using it outside its intended range
of application and thus misleading results are not unexpected.
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in their description of the calculation of induced rolling moments (Ref. 101)
Hemsch, Nielsen and Dillenius refer to the use of equation A and suggest that for
0N > 300 the nose should be treated as if it were blunt. By this procedure equation F
is used:

Xs 10 2
rN -

This equation yields values which are much more reasonable than those from
equation A.

Figire 31 shows some plotted comparisons of data where the predicted results of
Reference 17 have been superimposed on the measured results. In general the trends of
changes in vortex location and strength are reasonably well predicted. Note that there
is no predicted Mach number dependency of vertical vortex location zBV . The results of

D
Figure 31 should be viewed in the light of the underlying uncertainty of any results
obtained from Mendenhall and Nielsen's technique. Reference to the original source will
immediately show that there was a large amount of scatter displayed in the correlations
which make up the prediction scheme. In an effort to quantify the effects of this
underlying scatter error bars have been superimposed on the predicted results of Figure
31. Having done this it is more easily concluded that the ARA data recently obtained is
in general agreement with the earlier correlation of Mendenhall and Nielsen for the
various trends of incidence, Mach number and axial position. Only a fraction of the
results lie outside the general error bands mostly at MI.15 and the higher incidence
angles (15.10 and 20.70). Even then the discrepancies are not great.

7. PREDICTION OF WING PANEL CHARACTERISTICS IN THE PRESENCE OF BODY VORTICES

Following the experimental determination of previously unsuspected flow phenomena
regarding body vortex interaction with lifting surfaces it was though necessary to
consider how aspects of this behaviour might be accounted for in a suitable manner for
inclusion in missile aerodynamic prediction methods. This section will review such an
attempt at deriving a calculation procedure using as a basis the method of Oberkampf (Ref.
91)*.

7.1 EXPERIMENTALLY OBSERVED FEATURES OF THE FLOW WHICH NEED TO BE CONSIDERED

The ARA flow survey tests have shown that the feeding sheet and diffuse nature of
the vortex core are important. This should be taken into consideration.

The water tunnel and wind tunnel tests have shown that, at particular combinations
of incidence and roll angle, vortex breakdown adjacent to the wing panels can occur.
This should be accounted for in a manner which allows the prediction of the spanwise
loading distributions which may be quite regular or highly non-uniform depending on the
roll and incidence angle combination.

The method of Oberkaepf was considered to be a sensible basis from which to work
since the examples shown in Reference 91 had included the prediction of a non-uniform
spanwise loading characteristic. Additionally the presence of a feeding sheet was
modelled in the method. However, even in the absence of any previously unexpected flow
phenomena it was felt necessary to change various details of Oberkampf's method prior to
incorporating any modifications to allow for vortex breakdown. In this form, incorporating
DATCOM and Mendenhall and Nielsen techniques for the isolated wing and body vortex
definitions respectively it will be referred to as the "hybrid method". (Refs. 107 and
17).

The method was implemented for a variety of flow conditions (i.e. combinations of
incidence and roll angle) and the spanwise loading distributions calculated. Some
results are shown in Figures 32 - 33. The first figure emphasises how irregular the
onset local angle of attack distribution can be even when a viscous core and feeding
sheet representation is used in the hybrid flow model.

It will be seen how, using the hybrid technique, reasonable results are given for
the distribution of spanwise loading for 0 = 00 and 450 but how for 0 = 70., i.e. in the
vicinity of the body vortex, agreement between experiment and prediction is virtually
non-existent. Even for 0 = 00 and 450 the accuracy could be much better especially near
the wing-body junction ( 0) but at least the correct trends of loading are predicted.
It is evident that attention needs to be paid to the case of 0 = 70* to improve the
results but before considering possible courses of action Figures 34 - 35 should be
examined. These show the results of integrating the spanwise loading distribution to
yield a predicted panel load and to give the lateral centre of pressure. These results
should be compared with the superimposed experimental results.

* Footnote: Oberkampf has now published further reports on this theme: Refs. 105 and 106.
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Not surprisingly the values of C g are over-predicted by the hybrid method since
the local spanwise loading was over-prelicted in the region of the root. What is sur-
prising is that the results for 0 = 700 are not worse. This reflects the overall panel
load being a result of opposing positive and negative contributors. Each could be in
error and the total could be approximately correct. This does not ensure that the span-
wise centre of pressure is correctly predicted. Inspection of Figure 35 will show that
although the correct trend of lateral centre of pressure is predicted by the hybrid
method for 0 700, especially the sudden shift for BWA, the initial values are too far
outboard compared with experiment. For 0 = 0* and 450, as for CNP, the situation is
better with lateral centre of pressure position predicted to within 10% of nett wing
semi span.

Consider now the poor predictions of the spanwise loading distribution at 0 = 701.
The main problem is that L (t) and hence, by implication, the local angle of attack
distribution, exhibits a shape with too highly pronounced peaks and troughs. The obvious
solution is, therefore, to adopt a flow model which smooths out the irregularities of the
onset angle of attack distribution. To some extent this is achieved already in the
hybrid method by the use of a viscous core and feeding sheet. However, it would appear
from these results that even with this model the vorticity is still too concentrated.

With he evidence of the wind tunnel and water tunnel tests in mind some computer
simulations have been conducted using the hybrid model as a basis. These have concerned
the use (- a well dispersed collection of small vortices. This distributed vorticity
concept was first prompted by the flow visualisation results which suggested a loss of
coherent structure and dispersion of vorticity across a wider area of the flowfield. To
a great extent the choice of position and strength of the small vortices used in the
dispersed set has been arbitrary with only qualitative flow visualisation evider,-
available to guide the analysis, whose criterion for success will be the more accurate
prediction of the spanwise loading distribution. The adopted procedure has been quite
simple. using distributions of small vortices as shown in Figure 36 the flow conditions
have been calculated as an input to the loading estimation method. The same overall
strength to the complete vortex system (i.e. all the 21 small vortices) has been used
but this has been differently placed within the leeside area. For each small vortex an
image is placed at an appropriate point to ensure no flow is predicted through the surface
of the body.

Consider the results shown in Figure 37, and compare the predicted spanwise loading
distribution with that using the standard hybrid flow model as illustrated in Figure 44
(bottom sketch in this case). The effect of spreading the total vortex strength over a
large area of the flowfield can be seen to be the reduction of the large "peak and
trough" behaviour in the spanwise load distribution making it more even across the span.
The oscillations which are still evident are the result of high induced velocities
adjacent to the small vortices which make up the distributed wake (see Figure 36). The
model can be "tuned" to yield a smoother spanwise loading distribution by incorporating
a larger viscous core around each constituent vortex. It can also be demonstrated that
once the concept of a core vortex plus feeding sheet has been departed from, and a
distributed pattern adopted, even quite radical changes in this pattern may not have large
effects on the predicted spanwise loading distribution.

Computer simulations have, however, shown that the total vortex strength contained
within the distributed pattern is much more critical than vortex position in affecting
the predicted load distributions. Note how on Figure 38 the use -f a lower total vortex
strength (dashed line) will yield a better prediction (which in this case uses a
relatively large size viscous core around each elementary vortex) than will the vortex
strength predicted in Mendenhall and Nielsen. The ratio of strengths is 36%.

It can be thus seen from these results that the dispersion of vortex strength into
a larger area of the flow at least holds the promise of improved predicted results for
spanwise loadings at high 0. However, it must be established that any change to the flow
model resulting in an improvement at high 0 does not result in a reduction in accuracy at
lower values. Figure 39 shows the effect on spanwise loading distribution at 0 = 00 and
450 of using a distributed vortex pattern. It can be seen how the changes compared to
the single core plus feeding sheet representations are not large, and how any change of
accuracy is insignificant.

Computer simulations have also been conducted to examine the results on the span-
wise loading distributions of assuming that no vortex was present at all. Pigure 40
shows results from such calculations. For 0 70 it will be seen that the resultant
"potential - crossflow only" solution does lie in close agreement with the experimental
v4lues. However, it is felt that the balance of evidence available from the recent
tests indicates that body vortices are indeed present adjacent to wing panels, that their
strength is not negligible and their interaction effects must be accounted for. A
solution to the problem of correctly predicting the spanwise loading distributions must
not, therefore, be sought by simply ignoring the body vortex but rather by optimising the
model of its structure and behaviour adjacent to the wing panel.

Although there is enough evidence to suggest that better solutions may be forth-
coming by the use of distributed vortices the choice of their position, number and
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relative strengths can only be qualitatively guided. A need exists for a systematic an.
detailed investigation of the flowfield adjacent to wing panels so that these factors -ay
be better predicted.

It is relevant here to consider evidence obtained by other investigators. Groscnc
(Ref. 28) in a series of tests described in Section 2.2 observed that significant chinges
to flowfield structure were possible adjacent to, and downstream of, wing panels.
were included which showed the effect of having an upstream wing in that the vortex
structure downsteam of it was much more diffuse than it would have been had the wing not
been present. Thus from that source there seems to be evidence that vortex dispersion
as suggested here is a possibility but no quantitative ev.dence is availavle from
Reference 28 to judge exactly where the change of structure occurred.

Other investigators have also suggested that, iln terms of adequately predicting
the overall characteristics of complete missiles, the body vortex should be assumed to
disappear aft of the leading edge of an upstream panel. Thus the version of the NEAP
prediction technique reported in Reference 93 had an option for neglecting the body
vortices aft of the leading edge of a canard surface since dispersion had been observed
over the canard section at quite modest angles of incidence (s 1 201i. It should be
remarked that the test conditions for the experiments which gave rise to this concl sion
were quite different (MO.8 and M1.75) to the recent tests reported here. Personal
contact made with NEAR investigators following the publication of Reference 100,
indicated that it was their opinion that vortex breakdown adjacent to the upstrear pane.
of their model might have occurred in the same manner as the results shown in the latter
reference. This, in turn, could have been responsible for the ccnclusions drawn con-
cerning the better prediction of loads if the body vortices were simply neglected
downstream of the forward wing surfaces.

8. CONCLUDING REMARKS

It has been shown that existing empirical prediction methods for vortex charac-
teristics can yield reasonable estimates of overall circulation contained in the
symmetric body vortex wake and that core positions are similarly well predicted. However,
it has also beer. shown that the concept of modelling the vortex wake as a single pair of
contra-rotating l tential line vortices will not adequately represent the true distributeu
nature of the vorticity. At the very least a viscous core and feeding sheet should be
added to the flow model.

When flow around wing-body combinations is considered the importance of considering
the vortices as diffuse rather than concentrated entities is emphasised. Comparison of
results for spanwise loading distributions for the predicted and experimental cases shows
that, even using a viscous core and feeding sheet model satisfactory results are not
likely to be achieved at high angles of incidence with the panel rolled into the leeside.

It is speculated that this follows from the action of the wing panel is dispersing
the previously well-defined body vortex core at some point adjacent to the wing panels.
Evidence of flow visualisation tests in water and wind tunnels has indicated that sig-
nificant changes of trajectory and drastic changes of structure are possible in such
areas. This phenomenon, subsequently corroborated by other investigators, has been
linked to the breakdown of the well-ordered upper-surface flow on the wing panel.

Exploiting evidence from water tunnel and wind tunnel tests, a rough correlation
of effects is achieved if the geometric effective angle of attack of the pitched and
rolled panel mounted on the body is considered.

Recent flow visualisation tests have also showed that the phenomenon of afterbody
vortex generation may not be as prevalent as first thought. The action of the upstream
wing panels in reducing the effective angle of attack on the body is shown to be the
important factor here.

A complete solution to the understanding of the flowfields will not, however, come
until comprehensive flow survey results adjacent to the wing panels are available. This
should then enable a more quantitative appreciation to be formed of the flowfield changes
and thus enable progress to be made in the further improvement of loading estimation
procedures which can only be tentatively modified on the basis of existing results.

This lecture is predominantly based on the author's Ph.D thesis (Ref. 110).
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STRAKE-WING-BODY COMBINATIONS

L. Vigevano

von Karman Institute for Fluid Dynamics
Chauss~e de Waterloo, 72

B - 1640 Rhode Saint Gen~se, Belgium

SUMMARY

The complex flow fields occurring around a typical strake-wing-body missile configura-
tion at high angle of attack are considered at subsonic and transonic speeds. Force and
surface pressure measurements, together with water tunnel visualizations up to 330 incidence
were carried out on flat plate trapezoidal wings and strake-wing combinations as well as

complete misrile configurations to provide a detailed description of the relative flow
fields. Emphasis is placed on the improvement in the normal force characteristics due to
the addition of the strake, and on the body-wing and wing-body interference mechanism.

Compressibility effects are considered.

NOTATION

AR aspect ratio = 4s

Sw

B body alone configuration
BW body-wing configuration
BWS body-wing-strake configuration
c wing chord
c mean wing chord
s strake chord

CM pitching moment coefficient : CM M or CM  . ._.

q .Sw.Z q .SbD

CN  normal force coefficient : C N or CN = -_

q_.S
w  q_.Sb

P-P
Cp pressure coefficient =-p q

0 body diameter
L total length of the body
M pitching moment (positive nose-up)
M_ free stream Mach number
N normal force
p static pressure
P free stream static pressure

q free stream dynamic pressure= -pU
2

R body radius

Re Reynolds rumber =

UD

ReD  Reynolds number =

s wing semi-span

Sb  maximum cross sectional area of the body
SW planform area of the trapezoidal wing

SWS planform area of the wing-strake combination
U,. free stream velocity
W wing alone configuration
WS wing-strake configuration
X longitudinal body coordinate, or chordwise wing coordinate
XS  longitudinal body coordinate, at which the first separation occurs or

longitudinal strake coordinate
Y spanwise wing coordinate

Yb lateral coordinate of the body-vortex position

Zb  vertical coordinate of the body-vortex position

a angle of incidence
V_ free stream kinematic viscosity
P free stream density

1. INTRODUCTION

The incorporation of the strake.-ing concept in modern combat aircraft design has
been successful in improving the zerujynamic characteristics of high angle-of-attack air-

craft, as shown by several practical examples, such as the General Dynamics F-16. In its
basic form, a strake consists of a small slender delta wing fitted ahead of the inner part
of the main wing leading edge, having a surface of the order of 10% of the wing surface.
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The vortex flow generated from the leading edge of the strake influences to a great extent
the flow over the main wing by promoting an induced sidewash that effectively increases
the real sweep angle of the wing (Fig. 1), and thus stabilizing the separated flow appear-
ing at high incidence (Fig. 2). A stable separation generates large lift increments, while
an unstable separation, which would occur on the wing without strake, leads to lift decay
and force fluctuations.

Attempts to model theoretically such a flow field have been successful in predicting
these features for aircraft configurations at low speed (Refs. 1,2). They make use of
classical vortex theories for slender delta wings (Refs. 3,4) to model the flow over tne
strake, together with a vortex lattice method or a panel method representing an attached
flow over the main wing. Other approaches utilize the concept of the suction analogy and
employ an "augmented" term to predict the favourable interference effects observed experi-
mentally (Ref. 5).

For the case of missile configurations there is still a lack of comparable theoreti-

cal models because of the larger body-wing interference, although vortex lattice/free vor-
tex methods have been employed (Refs. 6,7). Missile wings are often small aspect ratio
flat plates with sharp leading and side edges. Generally their half-span is of the same

order as the body radius and they operate in the presence of a long forebody. Separation

occurs over the wing already at angles-of-attack of the order of 10', the wing operates
to an important degree within the body boundary layer, and body-wing interference effects
are large.

Following the demonstration that strakes added considerable lift to a typical missile

configuration (Ref. 8), a research program was initiated with the objective of understand-

ing the physical mechanism which produces this favourable effect. The program plan involved

the study of the flow around the individual components of a body-wing-strake configuration

as well as selected combinations of those components in such a way as to elucidate the
interference effects. The results are presented in a series of VKI reports (Refs. 8-14);

a summary of pr;-t of the work appears in reference 15. This report collects together all
the results presented prior to and following reference 15 and thus serves as a final
report on the VKI research dealing with the use of strake on missile configurations.

2. DESCRIPTION OF THE MODELS AND MEASUREMENT TECHNIQUES

The basic missile configuration consists of a ogive-cylinder body of L/ = I1

fitted with two main trapezoidal wings of 27
° 
sweepback angle and AR = 2.0 and two trian-

gular strakes of 7705 sweephack angle and AR = 0.9; it is shown in figure 3 together with
the individual elements. The total AR of the strake-wing combination is 1.77. The presence
of the body brings the AR for the body-wing configuration to 2.27 and for the body-strake-
wing configuration to 1.60. The increment in planform area due to the addition of the

strake is 12%.
Separate models were constructed for wind and water tunnel tests. The wings were

thin plates with flat leeward surface and sharp leading and side edges. The bevel angle
of the edges varied according to the model size; for the models utilized for force measure-
ments and water tunnel flow visualizations it was of 10', while for the pressure measure-
ments models it was of 150 (wing alone and wing-strake combination) or 30' (complete nissile
configurations). For pressure measurements the wing and strake leeward surfaces and the
missile body were instrumented with pressure taps located along the wing span at five chord-
wise stations, as shown in figure 4. For the strake-wing model only, an additional station
was placed at 90X chord of the strake. In the water tunnel models, the location of the dye
injection holes was selected to visualize the body and strake vortices and the flow close
to the leading edge of the main wing.

Force and pressure measurements were carried out in the VKI continuous wind tunnel
S-1. The test section is 36 cm 40 cm and includes longitudinal slotted top and bottom
walls for transonic operation. Normal force and pitching moment were measured with a two
component internal strain gauge balance. Visualization tests were carried out in the VKI
water tunnel WT-I. It has a test section of 15 cm ' 15 cm and can be run on continuous or
blowdown mode. The latter was chosen because it exhibited more stable and uniform flow
conditions. Tests were recorded by means of colour photographs and video tapes. The use
of water tunnel visualization for comparative purposes with the results obtained in tran-
sonic wind tunnel tests might sound illogical; however, it has been established that for
flows dominated by large and controlled separation, reasonable similarity does exist
(Ref. 16-20). The qualitative information obtained in this way is of great help in under-
standing the complex flow fields encountered in the high incidence range. A detailed
description of the different models and measurement techniques employed can be found in
references 8-14.

2.1 Presentation of basic results

The test series carried out for the different configurations are summarized in
Table 1, together with information on incidence range, Mach number and Reynolos number,

In the following, we will make use of abbreviations to indicate the different configurations:

B : body atone
W trapezoidal wing alone
WS trapezoidal wing with strake
BW complete missile configuration (body with wing) without strakes
BWS complete missile configuration with strakes.

Force measurements are presented as non dimensional coefficients. CN and CM. Total wing

area and mean chord length are taken as reference quantities when a wing model is tested,
while the body cross sectional area and the body diameter are used for the complete missile
configurations. The moment reference point is taken at 1/3 of the basic trapezoidal wing



chord as indicated in figure 3. Pressure measurements are presented in the form of span-
wise Cp distributions on the leeward side of the models, at the chordwise stations
described in figure 4.

3. DESCRIPTION OF THE FLOW FIELD OVER THE SINGLE ELEMENTS

In this section the results of the water tunnel visualizations and the measured pres-
sure distributions are used to provide a description of the flow field around the configu-
rations B, W and WS with angles of attack up to 300.

3.1 Body alone (B)

The flow field over a long ogive cylinder body is well known mnd does not need to
be described in detail here. The typical non linear dependence of CN on a, due to the
pair of well organized vortices lying above the body, was recorded in the wind tunnel
tests. Two points are worth mentioning : (a) for the various models tested, the range of
incidence was within the range of symmetrical steady vortex shedding (Ref. 21); (b)
measurements of the vertical and lateral position of the vortex core obtained from the
water tunnel visualizations and shown in figures 5 and 6, together with low speed wind
tunnel data (Ref. 22) and with a correlation formula (Ref. 23), show that the expected
influence of Reynolds number of these quantities is small enough to validate the qualita-
tive information obtained from these tests.

3.2 Wing alone (W)

The flow over flat-plate trapezoidal wings with small sweepback angle is characterized
already at 30 40 incidence by a three dimensional bubble-type separation at the leading
edge. The separated streamlines are able to reattach only near the wing centerline, as
can be inferred from the pressure distribution of figure 7. The decrease in suction at
the 50% chord station is localized only over the inner 30% of the span. Water tunnel
visualizations show the presence of an induced sidewash in the bubble and small tip vor-
tices (not detectable from pressure results because taps could not be placed close to the
side edge). With increasing incidence, the bubble reattachment line travels smoothly but
rapidly towards the wing trailing edge (Fig. 8) and finally bursts at only 10 - 150 inci-
dence. From CN-o curve of figure 10 we can see how during the extension of the bubble the
rate of increase of normal force becomes negative to reach then a relative maximum at the
bursting point.

At angle of attack above 15' the pressure distribution over the entire suction side
of the wing is nearly uniform indicating a fully separated flow (Fig. 8). With increas-
ing incidence there is a decrease of suction level up to 24

° 
and then a small increase

with , to 330 as shown in figure 9 where only the spanwise distributions at 18% chord are
plotted for clarity. The effect of increasing M_ is to decrease the incidence at which a
fully separated flow occurs. This is clearly seen on the CN-a curve of figure 10 and is
also confirmed by pressure measurements. The bubble bursting appears at a smaller inci-
dence for M_ = 0.83 than for M. = 0.42 and is associated with a smaller suction level and
normal force. The behaviour of the pitching moment is different : in looking at the curve
CM-a of figure 11 no obvious effect of compressibility is present and the smooth character
of the transition between bubble and fully separated flow is evidenced.

3.3 Strake-trapezoidal wing (WS)

The flow field over a strake-wing configuration is much more complex than the wing
alone case. The flow over the strake itself presents all the characteristics of the flow
over a delta wing of small aspect ratio (well organized leading edge vortices, large and
highly localized suction peaks) for all the incidences tested. However, the strake-vortex
and the flow occurring on the main wing offer features which depend in an important way on
the incidence.

At incidence of 3' * 40, a weak strake-vortex is evident (Fig. 12). When it reaches
the junction between the strake and wing leading edges, instead of following a raywise
direction, it is partially entrained along the leading edge of the main wing. At the tip
of the wing these streamlines are swept back towards the free stream direction by the tip
vortices. The clear regions at the wing tips in figure 12 provide an indication of the
size of the tip vortices. In the incidence range 7 15' the sidewash induced by the
increasing strength of the strake-vortex (Fig. 13) triggers another well organized vortex
generated at the leading-edge kink. This kink-vortex has the same sense of rotation as
the strake-vortex and goes between the latter and the wing leading edge. The pressure
distribution of figure 15 shows clearly the presence of two large suction peaks at the 18%
chord station. Eventually the two vortices merge, as for a - 15' in figure 16, where it
is also possible to observe the triangular region of reattached flow close to the wing
centerline and lying between the two strake-vortices. The strength of the kink-vortex
appears to be larger than that of the strake-vortex itself. Water tunnel visualizations
(Fig. 14) confirm these observations and show how the kink-vortex bursts very soon, in
the picture approximately above the injection hole. As discussed in references I and 24,
the sidewash induced by the strake-vortex at the leading edge kink has the effect of in-
creasing the effective sweepback angle of the main wing, and the presence of a secondary
vortex has been demonstrated by several authors (Refs. 24-26) on strake-wing combinations
for aircraft configurations with AR - 3 and 32

° 
sweepback angle. It is shown here that

the same phenomenon occurs also when the strake is coupled with an AR - 2 trapezoidal
wing with 22' sweepback angle. Increasing the angle of attack above 15', the effects of
the kink-vortex on the pressure distribution at 18% chord suddenly disappear; evidently
the bursting point of this vortex has reached the kink. The resulting change in pressure
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distribution is seen in figure 16. There seems to be a switch from a strong local effect
to a more general one of the strake vortex on the whole span of the wing. This is related
to the fact that the strake vortex starts bursting at the wing trailing edge Fig. 17) and
its influence spreads over the entire span. From the CN-, curve of figure 25 it is not
possible to conclude that the breakdown point jumps forward, as in the case of a delta
wing in compressible flow (Ref. 27). In the water tunnel the breakdown point is observed
to travel gradually upstream of the trailing edge (Figs. 18-20), a general feature of
vortex bursting in incomoressible flow (Refs. 28-30). The asymmetrical outboard spreading
of the breakdown pocket is essentially due to the adverse pressure gradient encountered
in tte spanwise directinn towards the wing centerline.

At incidences above 25' 27', when the breakdown pocket approaches the wing leading
edge, another change in pressure distribution shape occurs at the forward part of the wing
(18% chord station), as seen in figure 21. The local effect of the strake-vortex as shown
by the inboard suction peak, is more pronounced. At the same incidence in the water tun-
nel visualizations the flow over the main wing exhibits a strong sidewash parallel to the
wing leading edge. This is not very clearly seen in the photographs of figures 19 and 20,
but it becomes evident when observed on video tapes which were systematically employed.
Such a flow appears to be qualitatively unchanged both in the water tunnel and wind tunnel
experiments when increasing incidence up to the maximum angle considered, i.e., 33'

.

An increase of M_ acts to decrease, for a fixed incidence, the strength of the
strake-vortex, a consistent result for a slender delta wing (Fig. 22). Compressibility
effects on the overall flow field are less easy to assess, e.g., comparing figure 23
with figure 24, in which the spanwise pressure distributions at 18% chord are plotted at
different angles of attack, a change in M. corresponds to a change in the value of inci-
dence at which the different types of flow fields are present, so that a direct comparison
at a fixed incidence is not necessarily meaningful. The overall normal force increases
with increasing M. (Fig. 25), at least up to 18' incidence. The kink-vortex appeas to be
stronger at low incidence, i.e., 7' (Fig. 26) for the higher M,, and bursts at lower .
From the pressure plots of figures 27 and 28, it is possible to see how an incremant in
M. decreases the suction level in the forward part of the wing and makes the pressure
distribution more uniform chordwise.

3.7 Comparison between W and WS configurations - Effect of the strake -

From the force and pressure measurements it is possible to make an estimation of the
effects ef fitting a flat plate trapezoidal wing with a strake. At low-to-moderate inci-
dences the presence of the strake induces very high local suction peaks on the forward
purt of the main wing but does not improve the overall aerodynamic characteristics
(Fig. 29). The explanation is that at these small angles of attack the wing alone exhibits
a rather organized leading edge separation, and the presence of the strake-vortices,
while inducing a beneficial effect on the forward part of the wing, induces a zone of
relatively low suction in the main and aft part. That the center of pressure moves forward
is confirmed by the observed change in the moment charactertistics (Fig. 30). At higher
incidences, while the flow on the wing alone begins to be fully separated, on the strake-
wing combination the flow is stabilized by the presence of the strake-vortex which induces
a high gain of "uction near the leading edge. Thus the WS configuration begins to exhibit
higher values of CN than W, and this at different values of u for different M . , according
to the compressibility effect previously discussed. As a result the strake is effective

at lower incidence for a higher M. (Fig. 29). Increasing further the incidence, the posi-
tive influence o. the strake-vortex is spread over the entire wing, and the suction level
for the WS configuration is everywhere higher than for W alone. The addition of the
strake is thus effective in improving CN at high a.,gles of attack at the expense of shift-
ing forward the center of pressure.

4. DESCRIPTION OF THE FLOW FIELD OVER COMPLETE MISSILE CONFIGURATIONS -

- INTERFERENCE EFFECTS

In this section the description of the flow field for the two complete configuration,
BW and BWS, is made on the basis of the previous description of the single elements. No
quantitative comparison of aerodynamic characteristics between complete configurations and
single elements is possible due to the model geometries. Nevertheless, a qualitative
analysis of the wing-body and body-wing interference effects, based on pressure measure-
ments and flow visualization, is attempted. Finally, direct comparison between BW and
BWS configurations will show the effect of adding the strake to the complete missile
configuration.

4.1 Body-wing configuration (BW)

Two observations of a general nature can be made
- the crossflow induced by the long Corebody increases the actual angle of incidence as
seen by the wing, as indicated by the fact that already at I10 incidence the flow over
the wing is fully separated (flat and uniform pressure distribution of Fig. 31);
- the presence of the lifting panels induces an upstream upwash and a downstream down-
wash that greatly influence the suction level on the body at the locations corresponding

to the wing root.
The first effect has, at moderate angle of attack, a negative influence on the suc-

tion exerted on the wing : the three dimensional, relatively well organized separation
that was present for the W alone does not exist for BW configuration resulting in a lower
overall suction (Fig. 31). Another detrimental effect for the configuration is given by

the upwash induced by the wing which lowers the suction on the part of the body located
just in front of the wind leading edge (see sections E and F in figure 31). As the
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visualization of the body boundary-layer shows (Fig. 34), the streamlines are first swept
inboard, and then, passing the wing leading edge, are sucked strongly outboard into the
wing. The latter is found to be a favourable wing-body interference effect : the body
boundary layer is sucked towards the wing where it finds the nigher suction level of the
separated flow. This in turn increases the suction level on the body bringing it locally
to the wing value (see sections G, H and I in Fig. 31). The body vortices in this inci-
dence range (11°-15°), a, noted by direct observation, are not very much influenced by
the presence of the wing, undergoing only a slight upwash and inboard sidewash in front
of the wing, and a downwash and outboard sidewash having passed the wing-leading-edge,
confirming the general picture of this flow field.

At high incidence the interference mechanism slightly changes, still retaining the
strong local effect on the body pressure distribution close to the wing root. The body
vortices begin to become unstable and then to burst. The bursting point moves upstream
towards the wing trailing edge with increasing incidence. This negative effect, however,
is compensated by the increase in suction featured by the fully separated flow over the
wing (Figs. 32 and 33). For . > 20' the suction on the wing for BW becomes larger than
for W alone. In addition, a higher suction level on the wing enhances the mechanism of
suction of the body boundary layer.

Compressibility affects the complete configuratior, through the behaviour of the
lifting panels : the inflection in the CN-a curve of figure 36 representing the onset of
fully separated flow on the wing occurs at a lower a for the higher M. considered.

4.2 Body-strake-wing configuration (BWS)

The flow field over the body-strake-wing configuration retains the same two basic
characteristics already evidenced for the BW configuration : an increase of the actual
incidence as seen by the wing due to the crossflow, and the upwash-downwash caused by the
lifting panels. However, this last effect is now altered. It can be seen in figure 35
that the streamlines on the body are sucked strongly by the strake-vortex onto the strake
surface and, passing below the vortex itself, pass outwards to the wing tip. The detri-
mental effect of the upwash is reduced and a high local suction is generated on that part
of the body correspondii, to the strake and the forwarc part of the wing (see sections F
and G in Fig. 31). As observed for the WS case on the aft part of the wing (50 and 80t
chord), there is a region of lower suction, located inboard of the strake vortex. This
region influences the body boundary layer reducing the entrainment mechanism and hence
the favourable interference (section I in Fig. 31). The influence of the lifting panels
on the body vortices is again similar to that of the previous configuration : for low and
moderate incidences the body vortices exhibit an upwash-inboard sidewash ahead of the
strake and then a downwash-outboard sidewash having passed the 50% chord line (Fig. 37).
At incidences greater than 15' the body vortices become stronger and are less affected
when passing close to the wing root, but start to become unstable and finally burst
(Fig. 38). The bursting point as observed in the water tunnel travels gradually upstream
(Fig. 39) with increasing incidence without reaching the wing trailing edge. On the
lifting panels it was not possible to detect the presence of the kink-vortex. In the
water tunnel tests the difficulty was due to the small model size, while pressure measure-
ments at incidences lower than II

° 
were not available and, due to the increase in angle

of attack caused by the crossflow, the incidence range for which the kink-vortex should
exist is certainly lower than 110. The bursting point of the strake-vortex reaches the
wing trailing edge at 9-10o. Up to that angle the strake-vortex pattern remains closer
to the body than it was to the centerline in the WS case. When the breakdown point moves
forward for increasing incidences, the breakdown pocket spreads over the entire wing span
(Fig. 37), and the region between the porket and the wing leading edge decreases gradually,
which results finally in a strong sidewash along the wing leading-edge as seen in figure 39.
This sidewash induced by the strake-vortex is more effective in the BWS case than in the
WS case because the body-vortex and the strake-vortex act together and the strake-vortex
is stronger in the BWS configuration due to the increased effective a. This results in a
flow close to the wing leading edge that is fed by the body boundary layer and then more
organized and more uniform. Confirmation is obtained by the analysis of the pressure
measurements plotted in figures 32 and 33. A large zone of high suction, the value of
which is comparable to that due to the strake-vortev, is spread along the entire span of
the wing at 18t. chord, and its value appears to be considerably larger than for the single
WS element.

Compressibility effects appear not to be significant for the BWS configuration : in
both CN-a and CM-Q plots of figures 40 and 41 it is not possible to detect a marked M_
influence. Only in the incidence range 0 , 20', the normal force seems to be slightly
larger with increasing M, as it was for the WS combination.

4.3 Comparison jetween BW and BWS configurations - Effect of the strake -

The improvement in normal force characteristics obtained by adding the small strake
is confirmed by direct measurements (Fig. 42) and by the analysis of the pressure distri-
butions plotted in figures 31-33. The strake appears to be effective at a lower incidence
when increasing M.. The improvement is summarized in figure 43 which plots the fractional
increase in normal force coefficient with respect to the basic configuration versus
incidence. The fractional gain due to the strake can be as high as 30%, and again the
M, effect is noticed. This high gain in explained not only by the re-energizatlon of the
fully separated flow on the wing by the strong and well organized strake-vortex, but also,
keeping mind the interference mechanism described in the previous sections, by a syner-
getic effect between the body-wing interference and the strake-vortex on the main wing
flow. As a result, the addition of a small strake is more effective for the complete
missile configuration than for the wing alone. The strake has the effect of shifting
forward the center of pressure, as shown by figure 44, . this negative effect does not
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harm significantly the pitching moment characteristics of the complete configuration
which are determined essentially by the missile body.

5. CONCLUSIONS

The improvement of the aerodynamic characteristics of a typical missile configura-
tion at subsonic and transonic speeds by the addition of a small triangular strake has
been explained as a result of the detailed description of the flow fields over different
single wing elements and complete configurations and by the analysis of the interference
effects. The understanding of the properties of such flow dominated by large separated
regions does not present an immediate quantitative aspect but does provide useful infor-
mation for practical designs, taking into account the difficulties encountered in trying
to provide them by means of theoretical or numerical approaches. In conclusion, the

following observations can be made :
- The interaction between the strake vortex and the separated flow on the main wing
depends on the incidence range and on the strake vortex strength. With increasing inci-

dence, a strong local effect coupled with the induction of a secondary vortex is followed
by a larger scale and more effective diffuse interaciton.
- The breakdown of the strake-vortex on a strake-wing combination does not have the
negative effect generally associated with conventional delta wings; instead it enhances
the mixing with the circulating flow over the wing and re-energizes it.
- The interference between body and wing panels has a strong local effect on the body

boundary layer in the region of the wing root, while the body vortices become affected
by the panel wakes at incidences larger than 20'. when bursting begins to occur.
- The presence of the strake modifies the local wing-body interference mechanism. The
negative effect on the body pressure distribution due to the upwash induced by the wing
is reduced and compensated by the lateral suction of the body boundary layer produced by
the strake-vortex.
- The body-wing interference effects and the strake-vortex effects on the fully separated
flow combine in a synergetic way through the suction of the body boundary-layer and the
vortex induced sidewash over the wing.
- The presence of a body of large diameter compared to the wing span stabilizes the flow
field over the lifting panels in such a way as it does not change qualitatively witn
incidence.
- The most relevant compressibility effect influencing both complete missile configura-
tions and wing elements is that an increase of H, shifts towards lower the improvement
in CN characteristics due to the addition of the strake. No other effect can be seen on
the complete configurations, while on the single elements (wing alone and strake-wing
combination) compressibility acts in a qualitative way changing the incidence values at
which different types of flow field are present : the general trend is again a shift
towards a lower a when M. increases.
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Fig. 14 Water tunnel visualization of the kink vortex on the wing strake
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CONFIGURATION I INCIDENCE MACH REYNOLDS NUMBER NORMAL FORCE & SURFACE WATER TUNNEL REFERENCE
TESTED RANGE NUMBER (Re. or Rep) PITCHING MOMENT PRESSURE VISUALIZATION

0.42 1.0 ?10'
0.83 1.5 .10'

TRAPEZOIDAL 0.43 1.3 10
s 
'

WING 7,33 0.83 -.8 10

ALONE 0.9 3.d .10

V;4*50,20O 14

0.42 1.0 .10x
0

°
,18

°  
8

0.83 1.5 ,10
s

STAKE 0.43 1.8 .10I
WING s

COMB INATION 70330 0.83 2.8 .10I
0.97 3.0 .10 A

OiA24° 500:2000 A

0,35AI 6001300 012

8 0.42 0.95.105 

0.83 1.4 .105

ALONE 0.83 1.4 .1o 10

S 0°30 1 600 d1300 1)x i 13

S0.42 0.95. I0
s  

x
u ° , 3 , 3°  9

WNG _.83 1.4 .105 x

BODY l 1°,33° 0.83 1.4 .10' l

00,250 - 4200 x 10

' °°.30* 6004100 0 x 13

0*3 0.42 0.95.10
s  

x9

STRAXE 0.83 1.4 .10' x
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°  

0.83 1.4 .10' A 10
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°  
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0. 35. 5600,1300 12,13

TABLE I

U_ nma i i i•mnm,,



BIBLIOGRAPHY

I i



HIGH ANGLE OF ATTACK AERODYNAMICS
Advisory Group for Aerospace Research and Development, Neuilly-sur-Seine, France
AGARD Conf. Proc. CP-247, Papers presented and discussed at the Fluid Dynamics Panel Symp., Sandfjord, Norway,
Oct. 4-6 1978. Pubi 1979.

This Conference Proceedings contains thirty eight papers, all concerned with the flight of aircraft and missiles at high
angles of attack. They are in four groups, namely, studies of configurations of practical application; mathematical
modeling and supporting investigations; design methods; and air intakes.

TECHNICAL EVALUATION REPORT ON THE FLUID DYNAMICS PANEL SYMPOSIUM ON HIGH ANGLE OF
ATTACK AERODYNAMICS
(AGARD Advisory Report AR-145, 1979) (See previous entry.) In English.
ADVISORY GROUP FOR AEROSPACE RESEARCH AND DEVELOPMENT. NEUILLY-SUR-SEINE. FRANCE.

SYNTHESE DE 32 COMMUNICATIONS SUR LES ASPECTS DE MECANIQUE DES FLUIDES DU VOL A GRANDE
INCIDENCE ET SUR LA CONCEPTION AERODYNAMIQUE DES VEHICULES AEROSPATIAUX. PRINCIPALES
SESSIONS: ETUDE DES CONFIGURATIONS D'APPLICATION PRATIQUE; MODELISATION MATHEMATIQUE:
METHOD DE CONCEPTION; PRISES D'AIR.

WIND TUNNEL CORRECTIONS FOR HIGH ANGLE OF ATTACK MODELS
ADVISORY GROUP FOR AEROSPACE RESEARCH AND DEVELOPMENT(NEUILLY-SUR-SEINE/FRANCE
Ed: NEUILLY-SUR-SEINE: AGARD; Date: 1981: AGARD-R-692: Langue: Anglais

REVUE DE DIFFERENTES METHODES DE CORRECTION POUR ESSAIS AVEC DE GRANDS ANGLES
D'ATTAQUE EN SOUFFLERIES FERMEES, OUVERTES ET VENTILEES. LES NOMBRES DE MACH VONT
JUSQU'AU SUBSONIQUE ELEVE ET CERTAINES METHODES SONT VALABLES POUR LES ECOULEMENT
INCOMPRESSIBLES.

TECHNICAL EVALUATION REPORT ON THE FLUID DYNAMICS PANEL SYMPOSIUM ON PREDICTION OF
AERODYNAMIC LOADING
NASA AMES RESEARCH CENTER, 27-29 SEPTEMBER 1976.
ADVISORY GROUP FOR AEROSPACE RESEARCH AND DEVELOPMENT, NEUILLY-SUR-SEINE. FRANCE
AGARD; Date: 1978: Langue: Anglais

PRESENTATION DES PROBLEMES DE MECANIQUE DES FLUIDES LIES AUX PERFORMANCES DES AVIONS:
ILS CONCERNENT LES ANGLES D ATTAQUE ELEVES ET LES FORTES TRAINEES ET PORTANCES, LES
INTERACTIONS VISQUEUSE/NON-VISQUEUSE DANS LES ECOULEMENTS TRANSSONIQUES. LES FORCES
AERODYNAMIQUES INSTATIONNAIRES DANS LES ECOULEMENTS SUPERSONIQUES ET LES
DECOLLEMENTS.

A METHOD FOR CALCULATING LONGITUDINAL CHARACTERISTICS OF WINGS AND MULTIPLE LIFTING
SURFACES IN SUBSONIC FLOW, AND AT HIGH ANGLES OF ATTACK
ALMOSNINO (D.); ZOREA (C.); ROM (.)
TECHNION-ISRAEL INST. TECHNOL., HAIFA, ISRAEL
ISRAEL J. TECHNOL.; ISR; DATE: 1978: Vol: 16; No; 3; p.: 132-141; Langue: Anglais

CALCUL DES CARACTERISTIQUES AERODYNAMIQUES LONGITUDINALES NON LINEAIRES AVEC LA
METHOD DU RESEAU DE TOURBILLONS ET EN TENANT COMPTE DU DETACHEMENT ET DU SILLAGE.
APPLICATION A DES AILES DE FARINES VARIEES.

SUPPORT INTERFERENCE ON AN OGIVE-CYLINDER MODEL AT HIGH ANGLE OF ATTACK IN TRANSONIC
FLOW
Final Report. I Jul. 1976 -30 Sep. 1977
ALTSTATI, M.C.. DIETZ, W.E.

SUPERSONIC FLAT PLATE AT HIGH INCIDENCE
Archer, R.D.: Napier, J.; Detteridge. D.S.
University of NSW, Australia. Australian Conference on Hydraulic and Fluid Mech., 5th, Proc.. Univ. of Canterbury,
Christchurch. NZ, Dec. 9-13 1974, V. 1, p.507 - 513.

The numerical method of integral relations in both the one and two strip modes has been used to calculate the inviscid
perfect gas flow field between a plane flat plate and its detached shock wave. Corresponding wind tunnel experiments
are described and results compared with the theory.

AIRCRAFT LONGITUDINAL MOTION AT HIGH INCIDENCE
Babister, A.W.

Aeronautical Journal, Vol.83, June 1979, p.230-23 2. AA (Glasgow, University, Glaslow. Scotland) 3 p.
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The paper studies longitudinal synlmetrik motion of constant speed and height and determines simple control laws for an
autopilot which would prevent a superstall occurring. An equation is presented for pitching motion and analysis with
fixed elevator and T-tailed aircraft is made. Finally, the prevention of superstalled flight is discussed and it is concluded
that a simple linear feedback control can be used to prevent superstalled flight. M.E.P.

AIRCRAFT STABILITY AT HIGH INCIDENCE
BABISTER, A.W.
Aeronautical Journal, Vol.84, Feb. 1980, p.7 3 -75. AA (Glasgow, University, Glasgow. Scotland) 3 p.

The Kalviste method of analysis of aerodynamic coupling between longitudinal and lateral motion at high incidence, in
which aircraft rotary motion alone is considered, is modified. The new method includes certain non-linear aerodynamic
effects, and is especially useful in showing some unstable modes that become apparent only on introducing the non-linear
terms. O.C.

ETUDE DE L'ECOULEMENT SUPERSONIQUE AUTOUR DES CONES CIRCULAIRES AUX GRANDES
INCIDENCES (in Russian)
BACHMANOVA (N.S.); LAPYGIN (V.I.); LIPNITSKIJ (YU.M.)
AFF: MOSKVA. IZVEST. AKAD. NAUK S.S.S.R., MEKH. ZHIDKOSTI GAZA: S.S.S.R.; Date: 1973; No: 6. p.79-84

DETERMINATION DE LA POSITION DU POINT DE FERRI, DE LA FORME DES ZONES SUPERSONIQUES
LOCALES ET DE L'ONDE DE CHOC INTERNE, AINSI QUE DE LA VARIATION DE LA PENTE DE LONDE DE
CHOC EN FONCTION DE L'ANGLE D'INCIDENCE POUR DIFFERENTS REGIMES D'ECOULEMENT

AERODYNAMIC COEFFICIENT PREDICTION TECHNIQUE FOR FINNED MISSILES AT HIGH INCIDENCE
Baker, William B., Jr
ARO, Inc., Arnold Air Force Stn., Tenn., USA. J Spacecr Rockets, Vol.15. No.6. Nov- Dec 1978, p.328-333.

An aerodynamic coefficient prediction technique, based on a high angle-of-attack data base, is presented for the calcula-
tion of normal-force and pitching-moment coefficients for slender bodies with low-aspect-ratio fins at angles of attack up
to 180 deg. Comparisons are made between predicted coefficients and data from the high angle-to-attack data base.
Also, comparisons are made between predicted coefficients and independent data. Tables and graphs are available to
allow hand calculation of coefficients for other configurations at selected Mach numbers and angles of attack.

SEPARATED FLOW PAST A SLENDER DELTA WING AT INCIDENCE
BARSBY (.E.)
UNIV. EAST ANGLIA, NORWICH
AERONAUT. QUART.: G.B.; Date: 1973; Vol: 24; No: 2; p.120-128; Langue: Anglais

AMELIORATION DE LA METHODE AUX DIFFERENCES FINIES DE SMITH PAR L'INTRODUCTION DIUNE
METHODE DE NEWTON POUR LA RESOLUTION PAR ITERATION DES EQUATIONS NON LINEAIRES
SIMULTANEES. CETTE AMELIORATION PERMET D'ETENDRE LES CALCULS DES ECOULEMENTS DECOLLES
SUR DES AILES DELTA AUX INCIDENCES ELEVEES ET PERMET DE TROUVER DE NOUVELLES SOLUTIONS
POUR LE TOURBILLON DE BORD DE FUITE.

SURVEY OF RECENT HIGH ANGLE OF ATTACK WIND TUNNEL TESTING AT AERITALIA
Bucciantini, G.; De Silvestro, R.; Fornasier, L.
AERITALIA, Torino, Italy
AGARD Conf. Proc. No.247: High Angle of Attack Aerodyn. Paper presented and discussions from the Fluid Dyn. Panel
Symp., Sandtjord, Norway, Oct. 4-6 1978. Pub[. 1979. Available from NTIS. Springfield, Va., p.OD8.

The paper illustrates the present status of investigation at Aeritalia regarding wind tunnel testing techniques at high angles
of attack and on stall/post stall characteristics of configurations typical of modern combat aircraft.

OCCURRENCE AND INHIBITION OF LARGE YAWING MOMENTS DURING HIGH-INCIDENCE FLIGHT OF
SLENDER MISSILE CONFIGURATIONS
Clark, W.H.: Peoples, J.R.: Briggs, M.M.
Naval Weapons Cent, China Lake, Calif. I Spaeer Rockets, V. 10. No.8, Aug. 1973, p.510-519.

Study of the occurrence of asymmetric wake configurations, and associated side forces and yawing moments, during
high-incidence flight of slender. axisymmetric missile configurations. The relevant phenomena are characterized experi-
mentally, and the root causes of wake asymmetries and means of inhibiting their occurrence are explored, It is concluded
that certain flowfield disturbance devices may be effective in significantly reducing the maximum values of yawing
moments induced by asymmetric disposition of wake vortices.

SUBSONIC HIGH-ANGLE-OF-ATTACK FLOW INVESTIGATION AT SEVERAL REYNOLDS NUMBERS
Clarkson, Mark H.: Malcolm, Gerald N.; Chapman, Gary T.
Univ. of Fla, Gainesville, AIAA J., Vol. 16, No.1, Jan. 1978, p.53-60.
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Wind tunnel tests conducted on a rotating research body at angles of attack of 45-90 deg yielded results that were
inconsistent with simple crossflow theory. Consequently, force and pressure distribution tests, along with oil -ind
sublimation flow visualization studies, were conducted in th! same tunnel on a nonrotating model in an attempt to
explain the behavior observed in the rotary tests. These studies indicate that, at appropriate conditions of Reynolds
number and angle of attack. inflexional instabilities occur in the boundary layer which materially affects separation and.
hence, the aerodynamic forces. Calculations of crossflow Reynolds numbers are made and compared with other works
on inflexional instability.

STATIONARY VORTICES BEHIND A FLAT PLATE NORMAL TO THE FREESTREAM IN INCOMPRESSIBLE
FLOW
COE (P.L.)
AFF: HOFSTRA UNIV.. HEMPSTEAD. N.Y. AIAA J.. NEW YORK, USA; Date: 1972: Vol: 10: No: 12: p. 1701:
Langue: Anglais

DISCUSSION DES CONDITIONS AUX LIMITES AU NIVEAU DES BORDS DE PLAQUE DE L'ECOULEMENT
SUBSONIQUE NORMAL A UNE PLAQUE PLANE ET COMPORTANT DEUX TOURBILLONS STATIONNAIRES EN
AVAL DE CETTE PLAQUE

SYNTHESIS OF TEST RESULTS ON THE CONCORDE AT HIGH ANGLE OF ATTACK
SYNTHESE DE RESULTATS D'ESSAIS DU CONCORDE A GRANDES INCIDENCES
COLLARD. D.
AAF PAPER NT 80 26 Association Adronautique et Astronautique de France. Colloque d'Arodynamique Appliques.
16th, Lille. France, Nov. 13-15. 1979, 13 p. In French. AA (Socidt6 Nationale Industrielle Arospatiale. Direction des
Etudes de Toulouse. Toulouse, France) 13 p.

BEHAVIOR OF A TRANSPORT AIRCRAFT WITH AN AIRFOIL HAVING A HIGH SLENDERNESS RATIO AT A
HIGH ANGLE OF ATTACK
COMPORTEMENT A HAUTE INCIDENCE D'UN AVION DE TRANSPORT A AILE A GRAND ELANCEMENT
Collard. D.
Adrospatiale, Toulouse, France. AGARD Conf. Proc. CP-247: High Angle of Attack Aerodyn. Paper and discussions
from the Fluid Dyn Panel Symp, Sandefjord, Norway, Oct. 4-6 1978. Publ. 1979.

In the supersonic transport aircraft Concorde, the lift component continuously increases almost uniformly up to 35
degrees. However, at an angle of attack of approx. a = 22 degrees, a change in the shape of the flow occurs on the wing
cell. The effects of this change are discussed, and results of wind tunnel experiments carried out on aircraft production
models are presented. (In French)

APPLICATION OF SPANWISE BLOWING FOR HIGH ANGLE OF ATTACK SPIN RECOVERY
Cornish, J.1. III; Jenkins, M.W.M.
Lockheed-Ga Co. AGARD Conf. Proc. CP-247: High Angle of Attack Aerodynamics. Paper presented and discussed at
the fluid Dynamics Panel Symp., Sandefjord. Norway, Oct. 4-6 1978. Pub). 1979.

A unique autorotation tunnel test has been performed on a 1/30th scaled model of an F-4 fighter configuration. During
this test, air was blown spanwise over the wing from various nozzle locations and the influence of this blowing on the
spinning mode was recorded. Over 50 test conditions were evaluated for both flat (a = 45 degree) and steep (a = 80
degree) spin modes. The wind blowing was very effective in arresting the spin for the steep spin mode and not very
effective in stopping the flat spin. Nose blowing was also evaluated with only marginal success. By using 2.25 turns to
stop as a criterion, an optimum wing nozzle location and blowing level was identified. These data, when scaled to full-
scale values, showed that the required nozzle diameter was 1.92", located close to the wing root one quarter-chord point.
and 18 lb/sec. of air was required to effect recovery.

OBSERVATIONS ON LOW-ASPECT-RATIO WINGS AT HIGH INCIDENCE. (LOW-ASPECT-RATIO WINGS AT HIGH
INCIDENCE IN WIND TUNNEL STUDY OF SURFACE PRESSURE AND VORTEX FLOW)
DAVIS, H.R.: PARKINS, G.V.: SUN. Y.C.
CANADIAN AERONAUTICS AND SPACE JOURNAL, VOL. 13, MAR. 1967, p. I 11-116.

ASYMMETRIC WAKE DEVELOPMENT AND ASSOCIATED SIDE FORCE ON MISSILES AT HIGH ANGLES OF
ATTACK
DEFFENBAUGH (F.D.): KOERNER (W.G.)
TRW DEF. SPACE SYST. GROUP, REDONDO BEACH. CALIF. FLUID PLASMA DYN. CONF. 9: SAN DIEGO.
CALIF.: NEW YORK; Ed: AM. INST. AERONAUT. ASTRONAUT.: Date: 1976: Vol: 364: p. -Il1: Langue: Anglais

PRESENTATION D'UNE ANALYSE DES DONNEES D'ESSAIS EN SOUFFLERIE, QUI PERMET DE DECRIRE LES
INFLUENCES DES NOMBRES DE MACH ET DE REYNOLDS ET DE LA GEOMETRIE DU CORPS SUR LE
DEVELOPPEMENT DU TOURBILLON ET SUR LES FORCES ASSOCIEES SUR DES MISSILES, EN ECOULEMENT
SUBSONIQUE OU FAIBLEMENT SUPERSONIQUE.
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ANALYSIS OF TOTAL AND STATIC PRESSURE FLUCTUATIONS IN AN AIR INTAKE AT HIGH INCIDENCE
ANALYSE DES FLUCTUATIONS DE PRESSION TOTALE ET STATIQUE DANS TiNE ENTREE D'AIR A GRANDE
INCIDENCE
DELVILLE, 3.: BOURIOT, M.
AAAF PAPER NT 80- 61 Association Atronautique et Astronautique de France. Colloque d'Acoustique Aronautique.
7th Lyons. France. Nov. 4. 5, 1980, 36p. In French. Direction des Recherches. Etudes et Techniques AB (Poitiers.
Universite, Poitiers, France) 36 p.

The paper presents studies of pressure fluctuations in turbulent flow at low speed gathered by microphones placed in the
flow at incidence angles of 20, 30. and 40 deg. Results are given for the 30 deg readings and dynamic pressure fluctuation
measurements are compared with those taken by hot wire techniques. Graphs of the rms fluctuations are given for
dynamic and static pressure and the probability density functions of the dynamic pressure are compared with the
probabilities of velocity fluctuations. It was found that the zone of maximum fluctuation is characterized by intermit-
tent forces translated by a flatness coefficient of 18. and near the end of the test channel the PDF approached a normal
distribution. D.H.K.

PRESSURES ON A SLENDER, AXISYMMETRIC BODY AT HIGH ANGLE OF ATTACK IN A VERY LOW

TURBULENCE LEVEL AIR STREAM
Annual Report, May 1979 - June 1980.
DEXTER. P.C.: FLOWER, J.W.
AD-A092533, PCD/8001 801000 DA-ERO 77-G-073 Dept. of Aeronautical Engineering.

EXPERIMENTAL INVESTIGATION OF SUPPORT INTERFERENCE ON AN OGIVE CYLINDER AT HIGH
INCIDENCE
Dietz. WE.. lr: Altstatt. M.C.
ARO Inc.. Arnold Air Force Station, TN. USA. J. Spacecr & Rockets (USA), Vol. 16. No.2. p.

6 7
-

8
. March April 1979

Describes a wind-tunnel test conducted to determine the support interference on an ogive-cylinder model at high angles of
attack in transonic flow. The model is supported by either a base-mounted sting or a strut attached to the leeside of the
model. The strut support acts as a splitter plate and generally reduced the normal-force coefficient, while the stoin
support increased the normal-force coefficient slightly. The support interference diminishes with increasing Mach
number. A simple algebraic method of estimating support interference is used. Two semi-empirical methods for calcula-
tion of aerodynamic coefficients are compared with test results.

DEVELOPMENT OF FLOW SEPARATIONS RELATED TO INCIDENCE OF WINGS WITH SHARP LEADING
EDGES - THREE-DIMENSIONAL BOUNDARY LAYER ANALYSIS
EICHELBRENNER, E.A.
ADVISORY GROUP FOR AERONAUTICAL RI ". A R(CI AND DEVELOPMENT. PARIS. FRANCI (AID429b71)
AGARD R-275

INTERACTION DES DECOLLEMENTS At) BORD DE FUITE ET DI BORD D'ATTAQUE EN ECOULFMENT TRI-
DIMENSIONNEL (THE INTERACTIONS OF FLOW:DETACHMENTS AT THE TRAILING EDGE AND Til ATTACK
EDGE IN THREE DIMENSIONAL FLOW)E.A.EICHELBRENNER. APRIL 1960. 18p 7 REFS (IN RI N(tH)

WIND-TUNNEL INVESTIGATION OF DIFFERENT MISSILE CONFIGURATIONS AT ANGLES OF ATTACK UP TO
30 DEGREES AND MACH NUMBERS 0.6 to 3.5
ENDMANN (P.)
AFF: MESSERSCHMITT BOELKOW BLOHM, MUNICH, FRG. AMERICAN INSTITUTE OF AERONAUTICS %NI)
ASTRONAUTICS AEROSPACE SCIENCES MEETING. 16/1978/HUNTSVILLE. AL: USA. Ed NEIW YORK .\IAA
Date: 1978

A SUMMARY OF AGARD FDP MEETING ON DYNAMIC STABILITY PARAMETERS - ADVANCED AIRCRAFT
PERFORMANCE AT HIGH ANGLE OF ATTACK
ERICSSON. L.F.
In AGARD Stability and Control. (see N79-30218-21-08) 2 3

p.

EFFECT OF ANGLE OF ATTACK AND MACH NUMBER ON SLENDER-WING UNSTEADY AERODYNAMICS
ERICSSON (L.E,), REDING (P.)
AFF: LOCKHEED MISSILES & SPACE COMPANY INC., Sunnyvale Ca. USA. J.AIRCR.. USA. Date 1978: Vol.15.
Nob: p.358-365. Langue: Anglais

IDENTIFICATION OF NONUNEAR AERODYNAMIC STABILITY AND CONTROL PARAMETERS AT HIGH
ANGLE OF ATTACK
Eulrich. 8.J.: Rynaski. E.G.
Calspan Corp., Buffalo. NY. USA. AGARD Conference Proceedings No.172 on Methods for Aircraft State and Parameter
Identification. Hampton. Va.. USA 5 -8 Nov. 1974. p.2/I-15. 1975. AGARD. Neuilly sur Seine. France
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The procedure is based on a nonlinear, iterated Kalman filter fixed-point smoother identification algorithm and a least
squares equation error method. Key ingredients for successful identification are the mathematical model, instrumenta-
tion system, control inputs and the identification algorithm. The major emphasis here is placed on the use of the
identification procedure in analyzing high angle of attack flight data.

EXPERIMENTS ON AN AIRFOIL AT HIGH INCIDENCE IN PLUNGING MOTION
FAVIFR, D.. RIBONT. J.: MARESCA, C.
Centre National de la Recherche Scientifilue, Marseilles (France). (CL588493). Inst. de M~canique des Fluides de
Marseille. In FRENCH. ENGLISH summary presented at 16th Colloq. d'A~rodyn. AppI.. Lille. 13 15 Nov.. 1979. 52p.
Paris Association Adronautique et Astronautique tie France

Dynamic stall, usually studied in the case of the pitching motion, is investigated by means of plunging motion, where the
airfoil is forced to oscillate in translation normal to the uniform airstream. Unsteady effects are made clear by a combina-
tion of flow visualization, measurements of aerodynamic components, static pressure. anti skin friction distributions along
the airfoil chord. The results are compared to those already obtained, on pitching airfoils. The effects involved by the
two oscillating modes are shown to be quite similar for frequency parameters from U.10 to 0.15. amplitudes of
fluctuating incidence varying from 5 (leg to 15 deg. around mean incidences varying from 0 dleg to 20 deg. Author (ESA

AERODYNAMIC METHODS FOR HIGH INCIDENCE MISSILE DESIGN
Fidler. John E.: Bateman, Michael C.
Martin Marietta Aerosp. Orlando. Fla., USA. J Spaceer Rockets. Vol. 12, No.3, Mar 1975. p. 6

2 -168

The generation of empirical aerodynamic methods for high incidence missile design is described, A unique feature of the
approach is the provision of a comprehensive data base for correlation into methods. This base is acquired through wind
tunnel testing of large, specially built, extensively instrumented research models. Tests are carried out over wide.
systematically varied ranges of relevant aerodynamic and geometric parameters. The works has produced methods for
calculating the aerodynamic characteristics of: low aspect ratio fins, in the Mach number range 0.8 2.2: slender missile
bodies at angles of attack to 90 degree at transonic speeds and including the effects of crossflow Mach and Reynolds
numbers: and body plus tail configurations, including tail deflection effects, at angles to 60 90 degrees at transonic
speeds.

EXPERIMENTAL AND ANALYTICAL INVESTIGATIONS OF HIGH ANGLE OF ATTACK MISSILE AERO-
DYNAMICS
FLAHERTY. I.I.
AIAA 77-1156. In: Atmospheric Flight Mechanics Conference, Hollywood, Fla.. August 8 -10. 1977. Technical Papers.
(A77-43151 20-08) New York. American Institute of Aeronautics and Astronautics, Inc.. 1977, p.31 1-317. AA (USAF.
Flight Dynamics Laboratory, Wright-Patterson AFB. Ohio), 7p.

AN ANALYSIS OF HIGH ANGLE OF ATTACK MISSILE AERODYNAMICS AT SUBSONIC FLOW MACH NUMBERS
FLAHERTY. J.I.
AIAA 79-1648. In: Atmospheric Flight Mechanics Conference for Future Space Systems. Boulder. Colo., August 6 8.
1978. ( ollection of Technical Papers. IA79-45302 19-01 ) New York. American Institute of Aeronautics and Astro-
nautics, Inc., 1979, p.18 4 -19 3 . AA (USAF. Flight Dynamics Laboratory, Wright-Patterson AFB. Ohio) 13 p. Refs. 9.

AERODYNAMIC FORCES AND MOMENTS ON A SLENDER WITH A JET PLUME FOR ANGLES OF ATTACK UP
TO 180 DEGREES
FLEEMAN(E.L.l: NELSON (R.C.)
AFF: Air Force Flight Dyn. Lab.. Wright-Patterson Air Force Base, Ohio. In: Am. Inst. Aeronaut. Astronaut. 12th
Aerosp. Set. Meet.; Washington; 1974; New York; Ed: AIAA: Date: 1974; Vol.I 10: p,1-15; Langue: AnbJais

ETUDE EXPERIMENTALE EN SOUFFLERIE DES EFFETS D'INTERFERENCE DU SILLAGE D'ECHAPPEMENT
D'UNE FUSEE SUR LES COEFFICIENTS AERODYNAMIQUES. ON MONTRE L'IMPORTANCE DE CES EFFETS
AUX INCIDENCES SUPERIEURES A 400*(0) EN REGIME SUBSONIQUE ET AUX INCIDENCES SUPERIEu RES
A 90"*(O) EN REGIME SUPERSONIQUE. DES DONNEES MONTRENT L'INFLUENCE DU NOMBRE DE MACH ET
DU NOMBRE DE REYNOLDS SUR LES FORCES INDUITES PAR LES TOURBILLONS.

THREE-DIMENSIONAL LAMINAR BOUNDARY LAYER OVER A BODY OF REVOLUTION AT INCIDENCE AND
WITH SEPARATION
Geissler (W.)
AFF: DEUTSCH FORSCHUNGS- UND VERSUCHSANSTALT FUER LUFT- UND RAUMFAHRT E.V. AERO-
DYNAMISCHE VERSUCHSANSTALT GOETTINGEN, F.R. GER. AIAA J, NEW YORK; USA; Date: 1974; Vol.12:
No.2; p.1 7 41-1 7 45; Langue: Anglais

RESOLUTION NUMERIQUE DES EQUATIONS COMPLETES DE COUCHE-LIMITE LAMINAIRE TRI-
DIMENSIONNELLE. SANS SIMPLIFICATIONS, PAR UNE TECHNIQUE AUX DIFFERENCES FINIES IMPLICITE.
ET PAR UTILISATION DE COORDONNEES PARTICULIERES (LIGNES DE COURANT ET DE POTENTIEL).
DETERMINATION DE LA POSITION DU DECOLLEMENT EN UTILISANT LE CRITERE DE CONDITION DE

9 STABILITE NUMERIQUE.
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VISCOUS FLOWS OVER SLENDER SPHERICALLY BLUNTED CONES AT LARGE ANGLES OF ATTACK
INCLUDING MASS-TRANSFER AND LOW REYNOLD NUMBER EFFECTS
GOGINENI (P.R.): MURRAY (A.L.); LEWIS (C.H)
VIRGINIA POLYTECH. INST. STATE UNIV. AEROSPACE OCEAN ENG. DEP.. BLACKSBURG VA 24061. USA.
AMERICAN INSTITUTE OF AERONAUTICS AND ASTRONAUTICS FLUID AND PLASMA DYNAMI( S
CONFERENCE. I 1/1978/SEAT-rLE WA. USA; Ed.: NEW YORK: AIAA; Date: 1978: 78-1188; 12 P.h.t., 9 REF.;
Cote: YM3800; Langue: Anglais Type: TC, LA. CC: 130.G.04.F

DS: FLUIDE VISQUEUX/CORPS IMMERGE/SPHERE/ANGLE ATTAQUE/NOMBRE REYNOLDS/TRANSFERT
MASSE/COUCHE CHOC/ECOULEMENT TRIDIMENSIONNEL/AERODYNAMIQUE/CONE/CALCUL NUMERIQUE/
CORPS EMOUSSE

COMPUTER PROGRAM FOR ESTIMATING COEFFICIENTS OF AXISYMMETRIC BODIES AT EXTREMELY HIGH
ANGLE OF ATTACK
EIN RECHENPROGRAMM ZUR ABSCHAETZUNG VON BEIWERTENROTATIONSSYMMETRISCHER RUEMPFE
BEI EXTREM HOHERANSTELLUNG
GREGORIOU, G.
Sponsored by Bundesmin. fuer Verteidigung, in German; ENGLISH summary, 42 p., Bonn DOKZENTBW

NONLINEAR ROLLING MOTION OF A CANARD-CONTROLLED MISSILE CONFIGURATION AT ANGLES OF
ATTACK FROM 0 to 30 DEGREES IN INCOMPRESSIBLE FLOW
HARDY (S.R.)
DAHLGREN LAB., DAHLGREN VA, USA. AMERICAN INSTITUTE OF AERONAUTICS AND ASTRONAUTICS
AEROSPACE SCIENCES MEETING. 16/1978/HUNTSVILLE, AL. USA; Ed: NEW YORK: AIAA; Date: 1978; 78-61
10 P.h.t.; 7 P.

UEBER DEN EINFLUSS DER REYNOLDSZAHL AUF DIE NORMALKRAEFTE SLANKER
FLUGKOERPERRUEMPFE
INFLUENCE DU NOMBRE DE REYNOLDS SUR LES FORCES NORMALES SUR DES CORPS DE REVOLUTION
MINCES
HARMANN (K.)
DFVLR-AVA, 3400 GOETTINGEN. Z. FLUGWISSENSCH. WELTR.-FORSCH.; DTSCH.; Date: 1978. Vol.2. No.1.
p.22-35; Rsum: ANGL.; 25 REF.; Langue: Allemand

ETUDE DES ECOULEMENTS AVEC DES ANGLES DATTAQUE ELEVES, CE QUI AUGMENTE L'INFLUENCE DU
DETACHEMENT TOURBILLONNAIRE.

ANALYSIS OF WIND TUNNEL DATA PERTAINING TO HIGH ANGLE OF ATTACH AERODYNAMICS.
VOLUME I: TECHNICAL DISCUSSION AND ANALYSIS OF RESULTS
Progress Report, June 1977 - April 1978
HEADLEY, J,W.
AFFDL-TR-78-94, VOL-I, AF PROJ. 2404, Aircraft Group, 180 p.

ANALYSIS OF WIND TUNNEL DATA PERTAINING TO HIGH ANGLE OF ATTACK AERODYNAMICS.
VOLUME 2: DATA BASE
Progress Report, June 1977- April 1978
HEADLEY, I.W.
AFFDL-TR-78-94 VOL-2, AF PROJ. 2404 Aircraft Group, 571 p.

COMPUTATION OF VORTEX MODELS FOR WINGS AT HIGH ANGLE OF ATTACK IN INCOMPRESSIBLE FLOW
Hedman. S.G. (2 3 p.)

VISCOUS FLOW OVER ARBITRARY GEOMETRIES AT HIGH ANGLE OF ATTACK
HELLIWELL (W.S.); DICKINSON (P.P.); LUBARD (C.)
AFF; ARETE ASSOCIATES/SANTA MONICA CA/USA. AIAA J.; 0001-1452; USA; Date: 1981 ; Vol.19, No.2,
p.191-197. Langue: Anglais

LA METHODE NUMERIQUE POUR LE CALCUL DE L'ECOULEMENT SUPERSONIQUE LAMINAIRE AUTOUR DE
GEOMETRIES ARBITRAIRES SANS DECOLLEMENTS AXIAUX AUX INCIDENCES ELEVEES CONSISTE A
RESOUDRE LES EQUATIONS DE NAVIER-STOKES PARABOLISEES INSTATIONNAIRES A 3 DIMENSIONS
ECRITES EN COORDONNEES "ORIENTEES SUIVANTS LE CHOC" "ORIENTEES SUIVANT LE CORPS".
SYSTEME DE COORDONNES CURVILIGNES NON ORTHOGONALES POUR LES GEOMETRIES DE VEHICULF
DE RENTREE COMPLEXES. CALCULS POUR UN BICONE EMOUSSE AVEC DES DECOUPES AU VENT ET SOUS
LE VENT. A MACH 10 ET JUSQU'A 10 DEGRES D'INCIDENCE. BON ACCORD AVEC LES DONNEES.
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STUDY OF LOW-ASPECT RATIO SWEPT AND OBLIQUE WINGS

HOPKINS (l.J.): LEVIN (A.D.)
NASA AMES RES, CENT., MOFFET FIELD, CALIF. J. AIRCR.: USA: Date: 1975: Vol.12. No.8. p.648-652. Langue:
Anglais

ON COMPARE LES FORCES ET LES MOMENTS DE DEUX CONFIGURATIONS AILE-FUSELAGE POUR UNE AILE
OBLIQUE ET UNE AILE EN FLECHE. ON FAIT VARIER LE NOMBRE DE MACH ET L'ANGLE D'ATTAQUE. ET
ON ETUDIE LA PORTANCE. LA TRAINEE, LES MOMENTS DE TANGAGE ET DE ROULIS

EXPERIMENTAL INVESTIGATION OF THE LEEWARD FLOW FIELD OF A CONE AT HIGH INCIDENCE IN
SUPERSONIC FLOW
HOUWINK. R.: NEBBELING.C.
000975 Delft Progress Report. Series C - Mechanical and Aeronautical Engineering and Shipbuilding. Vol.1. Sept. 1975.
p.69-79. AB (Delft, Technische Hogeschool, Delft. Netherlands)

SUPERSONIC/HYPERSONIC FLOW PAST AN OSCILLATING FLAT PLATE AT HIGH ANGLES OF ATTACK
HIUI, (W.H.)
UNIV. WATERLOO DEP. APPLIED MATH, WATERLOO. ONT., CANADA. Z.ANGEW, MATI. PHYS.: CHE. Date:
1978: Vol.29. No.3. p.414-427: R6sumd FRE: Langue: Anglais

ETUDE DE L'ECOULEMENT SUPERSONIQUE/HYPERSONIQUE NON VISQUEUX SUR UNE PLAQUE
OSCILLANTE INCIDENTE OU POUR DE FAIBLES VALEURS DE L'AMPLITUDE ET POUR UNE FREQUENCE
REDUITE, L'ECOULEMENT INSTATIONNAIRE EST CONSIDERE COMME UNE PETIT PERTURBATION DE
L'ECOULEMENT STATIONNAIRE DE PRANDTL-MEYER. RESOLUTION DU PROBLEME DE PERTURBATION
POUR DES CONDITIONS AUX LIMITES NON APPROPRIEES. APPLICATION A L'ETUDE DE LA STABILITE
AERODYNAMIQUE D'UNE PLAQUE PLANE

PRESSURES ON A SLENDER BODY AT HIGH ANGLE OF ATTACK IN A VERY LOW TURBULENCE LEVEL AIR
STREAM
Hunt, B.L.: Dexter, P.C.
Dept. of Aeronautical Engng., Univ. of Bristol. Bristol. England. AGARD Conference Proceedings No.247. High Angle
of Attack Aerodynamics, Sandefjord. Norway. 4 -6 Oct. 1978, p.17/1-14. 23 Refs. 1979. AGARD. Neuilly-sur-Seine,
France. p.vii + 550

Reports experimentally measured transient pressures at low speeds on a model consisting of a circular cylinder with a
tangent ogive nose in the angle of attack range from 30 to 90 deg. Great care was taken to eliminate extraneous
disturbances: a wind tunnel with an extremely low level of free stream turbulence (approximately 0.01 1) was used,
the model was rigidly mounted and efforts were made to ensure laminar separation without turbulent re-attachment.
By comparing the results with those obtained previously on the same model in similar tests at a higher level of free
stream turbulence (approximately 0.77) it is shown that there is a dramatic reduction in unsteadiness in the low
turbulence level air stream and switching of the flow pattern is virtually eliminated. However, it is also found that the
mean unswitched level is dependent on the roll angle of the model and hence that strict control of the free stream
conditions is not sufficient to guarantee results which are independent of the experimental equipment. Some details of
the inherent unsteadiness present in the flow pattern are presented.

SEMI-EMPIRICAL THEORY TO ESTIMATE THE AIRFORCES ACTING ON THE HARMONICALLY OSCILLATING
TWO-DIMENSIONAL WING AT HIGH ANGLE OF ATTACK WHERE SEPARATION CAN OCCUR (SEMI-EMPIRICAL
THEORY FOR ESTIMATING AERODYNAMIC FORCES ACTING ON HARMONICALLY OSCILLATING TWO-
DIMENSIONAL WING AT HIGH ANGLE OF ATTACK WHERE FLOW SEPARATION OCCURS)
ISOGAI. K.
DEC. 1968. IN JAPANESE, ENGLISH SUMMARY.

INTERNAL COWL-SEPARATION AT HIGH INCIDENCE ANGLES
JAKUBOWSKI. A.K.: LUIDENS, R.W.
AIAA PAPERS 75-64 000175 American Institute of Aeronautics and Astronautics, Aerospace Sciences Meeting, 13th.
Pasadena. Calif.. Jan. 20-22. 1975. 15 p. AA (Virgina Polytechnic Institute and State University, Blacksburg, Va.)
AB (NASA. Lewis Research Center. V/STOL and Noise Div.. Cleveland, Ohio)

HIGH ANGLE OF ATTACK CHARACTERISTICS OF DIFFERENT FIGHTER CONFIGURATIONS
John, H.; Kraus, W.
Messerschmitt-Boelkow-Blohm. Munich, FRG. AGARD Conf. Proc. CP-247: High Angle of Attack Aerodyn. Paper
presented and discussions from the Fluid Dyn Panel Symp, Sandefjord, Norway, Oct. 4 -6 1978. Pub). 1979.

The paper reviews basic aerodynamic characteristics of different fighter configurations under conditions of separated
flow beyond maximum lift where the resultant derivatives are completely different from those associated with the
attached flow. The change under trim conditions is primarily dependent on the wind planform and overall aircraft confi-
guration. Results are presented concerning the aerodynamic development of the aircraft configuration which meet these
requirements and, at the same time. minimize the resulting drag penalties in the conventional angle-of-attack regime.

- 4 Imi'-mm-l Iml •ill,
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TRANSONIC FLOW PAST A SYMMETRICAL AIRFOIL AT HIGH ANGLE OF ATTACK
Johnson, DA.: Bachalo. W.D.; Owen, F.K.
NASA, Ames Res. Cent.. Moffett Field. Calif., USA. J. Aircr v 18 n I Jan 1981, p.7-14,

The results of an experimental investigation of shock-induced stall and leading-edge stall on a 64A010 airfoil section are
presented. Advanced nonintrusive techniques - laser velocimetry and holographic interferometry - were used in
characterizing the inviscid and viscous flow regions. The measurements include Mach contours of the inviscid flow
regions, and mean velocity, flow direction, and Reynolds shear stress profiles in the separated regiona. The experimental

observations of this study are relevant to efforts to improve surface-pressure prediction methods for airfoils at or near
stall.

FULL-SCALE WIND TUNNEL INVESTIGATION OF THE EFFECTS OF WING LEADING-EDGE MODIFICATIONS
ON THE HIGH ANGLE-OF-ATrACK AERODYNAMIC CHARACTERISTICS OF A LOW-WING GENERAL
AVIATION AIRPLANE
JOHNSON, J.L., JR: NEWSOM, W.A.: SATRAN. D.R.
AIAA PAPER 80-1844 800800 American Institute of Aeronautics and Astronautics, Aircraft Systems Meeting, Anaheim,
Calif.. Aug. 4 6. 1980. 17 p. AC (NASA, Langley Research Center, Hampton, Va.) 17 p. Refs.16.

EXPLORATORY INVESTIGATION OF THE EFFECTS OF VORTEX BURSTING ON THE HIGH ANGLE-OF-
ATTACK LATERAL-DIRECTIONAL STABILITY CHARACTERISTICS OF HIGHLY-SWEPT WINGS
Johnson, Joseph L., Jr: Grafton, Sue B.; Yip, Long P.
NASA, Langley Res. Cent., Hampton, Va., USA. AIAA Pap Collect of Tech Pap - AIAA Aerodyn Test Conf. 11th,
Colorado Springs, Colo, Mar 18-20, 1980. Publ. by AIAA (CP-801), New York, NY, 1980, p.282-297

A recent low-speed wind-tunnel investigation of highly-swept wings has shown that vortex breakdown at high angles of
attack can cause large destabilizing effects on static lateral-directional stability characteristics, and that the destabilizing
effects of vortex breakdown can be greatly aggravated by model support strut interference effects. The present paper
discusses these effects based on the results of static force tests of several highly-swept setup arrangements.

THE EFFECT OF NON-SYMMETRIC FLIGHT ON AIRCRAFT HIGH ANGLE OF ATTACK HANDLING QUALITIES
AND DEPARTURE CHARACTERISTICS
JOHNSTON, D.F.; HOGGE, J.R.
AIAA PAPER 74-792 000874 F33615 73-C-3 101 American Institute of Aeronautics and Astronautics, Mechanics and
Control of Flight Conference, Anaheim, Calif., Aug. 5-9, 1974, 1Op. AB/Systems Technology, Inc., Hawthorne, Calif.)

IDENTIFICATION OF KEY MANEUVER-LIMITING FACTORS IN HIGH-ANGLE-OF-ATTACK FLIGHT
JOHNSON, D.E.
In AGARD Dyn. Stability Parameters, 12p.

NONLINEAR PREDICTION OF THE AERODYNAMIC LOADS ON LIFTING SURFACES
KANDIL (O.A.); MOOK (D.T.), NAYFEH (A.H.)
VIRGINIA POLYTECH. INST., STATE UNIV., BLACKSBURG, VA. IN: AM. INST. AERONAUT. ASTRONAUT.
7TH FLUID PLASMA DYN. CONF.; PALO ALTO. CALIF.: 1974; NEW YORK: Ed: AIAA: Date: 1974; Vol.503,
p.1-1

4
; I P.; Langue: Anglais

METHODE NUMERIQUE POUR LE CALCUL DES CARACTERISTIQUES AERODYNAMIQUES SUBSONIQUES
NON LINEAIRES DES SURFACES PORTANTES DE FAIBLE ALLONGEMENT, AUX INCIDENCES ELEVEES.
UTILISATION DE LA METHODE DES RESEAUX DE TOURBILLONS ET PRISE EN COMPTE DU DECOLLEMENT
AUX EXTREMITES ET AUX BORDS D'ATTAQUE AIGUS. CALCUL DE LA FORME DE SILLAGES. EXEMPLES
NUMERIQUES POUR LES AILES DELTA

STATE-OF-ART OF NONLINEAR, DISCRETE-VORTEX METHODS FOR STEADY AND UNSTEADY HIGH ANGLE
OF ATTACK AERODYNAMICS
Kandil, Osama A.
Old Dom Univ., Norfolk. Va, USA. AGARD Conf. Proc. CP-247: High Angle of Attack Aerodyn. Paper presented and
discussions from the Fluid Dyn. Panel Symp., Sanderiord, Norway, Oct. 4-6 1978. Publ. 4 79.

The current status of development of inviscid models for predicting the aerodynamic characteristics of wings exhibiting
leading-edge and/or wing-tip separations is reviewed. Numerical examples are presented.

STRUCTURES TOURBILLONNAIRES DES AILES MINCES DANS LE CAS D'ECOULEMENT DECOLLE
KARASK (A.A.); NISHT (M.1.)
DOKL. AKAD. NAUK S.S.S.R.; SUN; Date: 1979; Vol.246, No.6, p.1317-1320; Langue: Russe
ETUDE EXPERIMENTALE DES PARTICULARITES DE LA FORMATION DES STRUCTURES TOURBILLON-

NAIRES DES AILES MINCES ET DETERMINATION DES VALEURS DES ANGLES D'ATTAQUE ET DE GLISSE-
MENT POUR LES QUELLES LA RUPTURE A LIEU.

.- om
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ECOULEMENT AUTOUR DES CONES FMOUSSES ET DE CORPS EN FORME DE CALoTTE SPHERIQUE
KARYAGIN (V.P.); LOSHAKOV (A.B.); SHVETS (A.1.)

P.M.T.F.; SUN: Date: 1978; No.5, p.98-10 2 ; Langue: Rusac

A PARTIR DES DONNEES EXPERIMENTALES, ON ANALYSE LES CARAC'IERISTIQUES AERODYNAMIQUES
DE DIVERSES MODIFICATIONS DE CORPS EMOUSSES A FAIBLE ALLONGEMENT. DONNEES SUR LA
RESISTANCE, LA FORCE PORTANTE ET LE MOMENT DE TANGAGE POUR DES NOMBRES DE MACH DE
0.4 A 3.0 AVEC DES ANGLES D'ATTAQUE JUSQU'A 15 DEG.

SIMILARITY IN VORTEX ASYMMETRIES OVER SLENDER BODIES AND WINGS
Keener, E.R.: Chapman. G.T.
NASA Ames Res. Center, Moffett Field, CA, USA. AIAA J. (USA). Vol.15, No.9, p.1370-2, 7 Refs, Sept. 1977.

The similarities between asymmetric flow about bodies and wings at high angles of attack and with zero side-slip are
dealt with. The analysis of the experimental results of a previous wind-tunnel test program yielded some evidence that
the vortex asymmetry was the result of a hydrodynamic instability. In an effort to understand the cause of the
asymmetry examples of asymmetric flow were sought. Highly swept delta wings were one obvious possibility.

DELTA CANARD CONFIGURATION AT HIGH ANGLE OF ATTACK
KRAUS, W.
International Council of the Aeronautical Sciences, Congress, 12th, Mfnich, West Germany. Oct. 12 -17. 1980. Paper
34 p. AA (Messerschmitt-Boelkow-Blohm, GmbH. Ottobrunn. West Germany).

STRAKE-WING ANALYSIS AND DESIGN
LAMAR (J.E.)
NASA LANGLEY RES. CENT. HAMPTON, VA 23665, USA. AMERICAN INSTITUTE OF AERONAUTICS AND
ASTRONAUTICS FLUID AND PLASMA DYNAMICS CONFERENCE. I 1/1978/SEATTLE WA. USA. Ed: NEW YORK:
AIAA; Date: 1978: Langue: Anglais

YF-16 HIGH ANGLE OF ATTACK TEST EXPERIENCE
LAMERS. J.P.
In AGARD Stall/Spin Probl. of Mil. Aircraft, 14 p. (see N76-29245 20-08)

ASSESSMENT OF EXISTING ANALYTIC METHODS FOR PREDICTION OF HIGH ANGLE-OF-ATTACK LOADS
ON DELTA WINGS AT SUPERSONIC SPEEDS
Landrum. Emma Jean; Townsend. James C.
NASA Langley Res. Cent., Hampton, Va, USA. AGARD Conf. Proc. CP-204: Predict of Aerodyn. Loading, from the
Fluid Dyn. Panel Symp., NASA Ames Res. Cent., Moffett Field. Calif, Sep. 27 -29, 1975. Publ. by AGARD, Neuilly-sur-
Seine, Fr. Feb 1977, p.14
An assessment is made of the applicability of four loading prediction methods to high angle-of-attack conditions for
simplified wing-body configurations, namely, the tangent wedge approximation, the linear theory methods of Middleton
and Woodward, and a shock-fitting finite-difference technique. Estimates obtained by these methods were compared
with experimental pressure data on delta wings to examine the effects of Mach number, camber, sweep angle, and angle
of attack. Results indicate that all of the methods provided reasonable estimates at moderate angles of attack. At these
moderate angles of attack, the methods of Middleton and Woodward provided good estimtes at Mach numbers higher
than those usually associated with linear theory. Only the finite-difference method provided reasonable load estimates
at high angles of attack, where the other methods were unable to predict lower surface pressures.

A NUMERICAL STUDY OF LAMINAR FLOW SEPARATION ON BLUNT FLARED CONES AT ANGLE OF ATTACK
LI (C.P.)
LOCKHEED ELECTRONICS CO. INC., HOUSTON. TEX., USA. IN: AM. INST. AERONAUT. ASTRONAUT. 7TH
FLUID PLASMA DYN. CONF.; PALO ALTO. CALIF.; 1974: NEW YORK: Ed: AIAA: Date: 1974; Vol.585. p.l-10:
Langue: Anglais

ETUDE NUMERIQUE DES ECOULEMENTS SUPERSONIQUES LAMINAIRES AUTOUR OE CONES EMOUSSFS
AVEC DES DECOLLEMENTS INDUITS PAR LES ECOULEMENTS TRANSVERSAUX ET LES ARRONDIS. LES
CHAMPS D'ECOULEMENT DECOLLE COMPLETS SONT CALCULES DIRECTEMENT A PARTIR DES EQUATIONS
DE NAVIER STOKES INSTATIONNAIRES. EN PARTANT DE LA CONDITION AURONT POUR LAQUELLE LES
VARIABLES DE L'ECOULEMENT SONT CALCULEES DANS LA REGION VISQUEUSE DU NEZ ET EN
ETENDANT LE CALCUL A UNE SURFACE EN AVAL DU POINT D'ATTACHEMENT DE L'ECOULEMENT A LA
PAROI.

* A NEW VISCOUS4INVISCD FLOW INTERACTION METHOD
Losito. V.; de Nicola, C.
Inst. of Aerodynamics. Univ. of Naples, Naples, Italy. Numerical methods in laminar and turbulent flow. Swansea.
Wales, 17 - 21 July, 1978, p.433-40.9 Refs, 1978. Pentech Press, London, England. 1006
Taylor. C.; Morgan, K.;, Brebbia, C.A.
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The numerical simulation of viscous flows at high Reynolds numbers is considered. An alternative to the integration of
boundary layer equations is presented in the form of a viscous-inviscid interaction blowing or suction flow method. It is
derived from the definition of displacement thickness and the continuity equation and applied to steady and unsteady
flows, and laminar and turbulent boundary layers. It is shown that the influence of the boundary layer on the inviscid
flow solutions can be represented as a basic nonuniform onset flow around the given geometry of the body. Computing
time is reduced to 1/4 of the time required using the modified body technique. Strong viscous-inviscid interactions are
examined for aerofoil stalling. Extension to separated flow yields accurate results for high incidence aerofoil lifting.

CALCULATION OF THE FLOW ON A CONE AT HIGH ANGLE OF ATTACK
LUBARD (S.C.): HELLIWELL (W.S.)
R & D ASSOC., SANTA MONICA, CALIF., USA. AIAA I., NEW YORK, USA: Date: 1974: Vol.1 2, No.7; p.965-974:
25 REF.; Langue: Anglais. CC:130.F.02

DS: ECOULEMENT SUPERSONIQUE/ECOULEMENT LAMINAIRE/CONE/CHAMP ECOULEMENT/METHODE
CALCUL/METHODE ITERATIVE/ECOULEMENT HYPERSONIQUE/DECOLLEMENTEQUATION PARABOLIQUE/
CALCUL NUMERIQUE/METHODE NUMERIQUE/CALCUL DIFFERENCES/SCHEMA IMPLICITE/INCIDENCE
ELEVEE
METHODE DE CALCUL DU CHAMP D'ECOULEMENT SUR DES CONES A FORTE INCIDENCE EN REGIME
LAMINAIRE SUPERSONIQUE; CETTE METHODE EST FONDEE SUR L'HYPOTHESE QUE LES DERIVEES
LONGITUDINALES SONT PETITES PAR RAPPORT AUX DERIVEES NORMALES ET CIRCONFERENTIELLES.
LES EQUATIONS OBTENUES SONT VALABLES DANS LES REGIONS VISQUEUSES ET NON VISQUEUSES. Y
COMPRIS LA ZONE DE DECOLLEMENT PERIPHERIQUE QUI SE DEVELOPPE DU COTE AU VENT AUX
INCIDENCES ELEVEES. RESOLUTION NUMERIQUE DES EQUATIONS PARABOLIQUES OBTENUES A L'AIDE
D'UNE TECHNIQUE NOUVELLE DE DIFFERENTIATION IMPLICITE AVEC ITERATION. COMPARAISON DES
RESULTATS AINSI OBTENUS AVEC DES DONNEES EXPERIMENTALES CONCERNANT UN CONE DE 10 DEG.
DE DEMI-ANGLE A 12 DEG. D'INCIDENCE A MACH 8 ET UN CONE DE 5.6 DEG. DE DEMI-ANGLE.

THEORETICAL AND EXPERIMENTAL AERODYNAMICS OF STRAKE-WING INTERACTIONS UP TO HIGH
ANGLES-OF-ATTACK
LUCKRING (3M.)
NASA LANGLEY RES. INST., HAMPTON, VA 23665, USA. AMERICAN INSTITUTE OF AERONAUTICS AND
ASTRONAUTICS FLUID AND PLASMA DYNAMICS CONFERENCE. I 1/1978/SEATTLE, WA, USA: Ed: NEW
YORK: AIAA: Date: 1978; 17 REF.; Langue: Anglais

NUMERICAL SIMULATION OF SUPERSONIC CONE FLOW AT HIGH ANGLE OF ATTACK
McRae, David S.; Hussaini, M.Y.
NASA, Ames Res. Cent., Moffett Field, Calif., USA. AGARD Conf. Proc. CP-247: High Angle of Attack Aerodyn. Paper
presented and discussions from the Fluid Dyn. Panel Symp., Sandeftord, Norway, Oct. 4-6, 1978. Publ. 1979.

A conical symmetry assumption is applied to the full Navier-Stokcs equations resulting in an equation set containing time
and two coordinate directions as independent variables. The set is integrated by use of MacCormack's finite difference
technique for the particular case of sharp cones at incidence. Solutions are obtained and compared with experiment for
auxiliary conditions corresponding to both laminar and turbulent flow. Closure for the turbulent flow case is provided
by use of a scalor eddy viscosity model based on the mixing length hypothesis. Modifications to the eddy viscosity model
were found which led to excellent surface pressure and surface flow direction agreement for turbulent flow at low super-
sonic Mach numbers.

A COMPUTATIONAL AND EXPERIMENTAL STUDY OF HIGH REYNOLDS NUMBER VISCOUS/INVISCID INTER-
ACTION ABOUT A CONE AT HIGH ANGLE OF ATTACK
MCRAE, D.S.; FISHER, D.F.; PEAKE, D.J.
AIAA PAPER 80-1422 800700 NAS2 10578 American Institute of Aeronautics and Astronautics, Fluid and Plasma
Dynamics Conference. 13th. Snowmaas, Colo., July 14-18, 1980. 14 p. AA (NASA Ames Research Center, Moffett
Field. Calif.. USAF. Flight Dynamics Laboratory, Wright-Patterson AFB, Ohio) AB (NASA. Ames Research Center,
Moffett Field: NASA. Flight Research Center, Edwards, Calif.) 14 p.

BIFURCATION ANALYSIS OF AIRCRAFT HIGH ANGLEOF-ATTACK FLIGHT DYNAMICS
Mehra, Raman K.; Carroll, James V.
Sci. Syst. Inc., Cambridge, Mass., USA. AIAA Pap Collect of Tech. Pap - AIAA Atmos. Flight Mech. Conf.. Danvers,
Mass. Aug. II -13, 1980. Publ. by AIAA (CP-806), New York, NY, 1980, Pap 80-1599, p.358-371.

A new approach is presented for analyzing nonlinear and high-alpha dynamic behavior and stability of aircraft. This
approach involves the application of bifurcation analysis and catastrophe theory methodology (BACTM) to specific
phenomena such as stall, departure, spin entry, flat and steep spin, nose slice, and wing rock. Quantitative results of a
global nature are presented, using numerical techniques based on parametric continuation. It is shown how BACTM
provides a complete representation of the aircraft equilibrium and bifurcation surfaces in the state-control space. usng a
rigid body model and marosurace controls.



AERODYNAMIC PROBLEMS WITH A MISSILE AT HIGH ANGLE OF ATTACK TO AN INCOMPRESSIBLE FLOW,
AS ENCOUNTERED IN A WIND TUNNEL STUDY
PROBLEMES AERODYNAMIQUES D'UN MISSILE A GRANDE INCIDENCE EN INCOMPRESSIBLE
MESNIERE, M.; LACAU. G.
Div. des Engins Tactiques. In French; English summary. Presented at 16th Colloq. d'Aerodyn. Appl., Lille. 13- 15 Nov.,
1979, 24 p. Association Aeronautique et Astronautique de France.

VORTEX PATTERN DEVELOPING ON THE UPPER SURFACE OF A SWEPT WING AT A HIGH ANGLE OF
ATTACK
SYSTEM TOURBILLONNAIRE PRESENT A L'EXTRADOS D'UNE AILE EN FLECHE A GRAND INCIDENCE
Mirande, Jean: Schmitt. Volker: Werle, Henri
Off. Natl. d'Etude et de Aerosp., Chitilion, France. AGARD Conf. Proc. CP-247: High Angle of Attack Aerodyn. Paper
presented and discussions from the Fluid Dyn. Panel Symp., Sanderjord. Norway. Oct. 4- 6. 1978. Publ. 1979.

An experimental study, based on a swept wing, has been undertaken in a water tunnel and a wind tunnel at low speeds
(V//0 < = 90 m/s) with a view to improve the understanding of the intervening phenomena and to make easier their
modeling. The vortex flow effects on this wing are illustrated. The domain of vortex flow appearance is deduced as a
function of the sweep angle and the angle of attack. Based on a phenomenological study in the water tunnel, an attempt
is then made to describe the physical pattern of the vortex flow from its formation near the apex to its breakdown at
the trailing edge. Finally, the flow field over the wing is determined using a directional probe. 12 refs. In French.

MOVING SURFACE BOUNDARY LAYER CONTROL FOR AIRCRAFT OPERATION AT HIGH INCIDENCE
Modi, V.J.; Sun, J.L.C.; Akutsu, T.; Lake, P.; McMillan, K.: Swinton, P.G.: Mullins, D.
Univ. of BC, Vancouver. AIAA Pap Collect to Tech Pap - AIAA Atmos Flight Mech Conf.. Danvers. Mass, Aug. It- 13.
1980. Publ. by AIAA (CP806), New York, NY. 1980 Pap 80-1621, p. 5 15-522.

The paper studies effectiveness of the moving surface boundary layer control on a NACA 63-218 (modified) two-
dimensional wing used in the Canadair CL-84, a twin propeller V/STOL design. The results suggest that the concept of
moving surface can serve quite effectively as a boundary layer control. It can provide a significant increase in the
maximum lift coefficient and stall angle. It appears that a rotating cylinder at the leading edge of an airfoil is likely to
provide the maximum benefit. The concept presents several possible applications including a mechanism for delaying
vortex-induced resonance of bluff bodies.

US NAVY FLIGHT TEST EVALUATION AND OPERATIONAL EXPERIENCE AT HIGH ANGLE OF ATTACK
MONEY, A.F.: HOUSE, D.E.
In AGARD Stall/Spin Probl. of Mil. Aircraft. l0 p. (see N76-29245 20-28) AB (Naval Air Test Center)

HIGH INCIDENCE AERODYNAMICS
MOORE, T.W.F.
British Aircraft Corp., Filton (England). (BX322534) 740400 Guided Weapons Div. In Von Kirmin Inst. for Fluid
Dyn. Missile Aerodyn., Vol.1, 27 p. (SEE N79-27201 18-15) 27 p. Jpn. 2374 HC AI4[MF A01

High incidence flow aspects of aerodynamics are discussed. The method used for predicting forces in the incidence plane
is outlined. Some results of the wind tunnel tests on the basis of which the technique was compiled are shown. J.M.S.

EFFECTS OF FOREBODY, WING AND WING-BODY-LEX FLOWFIELDS ON HIGH ANGLE OF ATTACK AERO-
DYNAMICS
Moore, William A.: Erickson, Gary E.; Lorincz, Dale J.; Skow, Andrew M.
Northrop Corp., USA. SAE Prepr No. 791082 for Meeting Dec. 3 6, 1979, 25-p.

Vortex flows emanating from the forebody and from hybrid wings can have a strong influence on the high angle-of-
attack handling qualities and the departure and spin resistance of righter aircraft. Depending on the strengths, orienta-
tion, and breakdown characteristics of these vortices, an aircarft may be departure prone or departure resistant. Northrop
has conducted in-depth studies to determine the effect of these shed vortices. Arising from these studies general guide-
lines have been developed for the design of forebody shapes and hybrid-wing planform such that aircraft stability will be
enhanced.

THE INFLUENCE OF AERODYNAMIC INTERFERENCE ON HIGH ANGLE OF ATTACK WIND TUNNE TESTING
MOUCH. T.N.; NELSON, R.C.
AIAA 78 827 780000 AF-AFOSR-77-3299. In: Aerodynamic Testing Conference. 10th, San Diego, Calif.. April 19-21,
1978, Technical Papers. (A78-32326 12-09) New York, American Institute of Aeronautics and Astronautics, Inc.,
1978. p.426-432. AB (Notre Dame, University. Notre Dame. Ind.) 7 p.

EXPERIMENTAL INVESTIGATION OF TIlE SUPERSONIC FLOW PAST A SLENDER CONE AT HIGH INCIDENCE
NEBBELING, C.; BANNINK, W.J.
780815 Journal of Fluid Mechanics, Vol.87, Aug. 15, 1978, p.475-496, AB (Delft Technische Hogeschool, Delft,
Netherlands) 25 p.
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The supersonic flow field past a circular cone of semi-apex angle 7.5 deg at incidences up to 26 deg has been investigated
experimentally at a freestream Mach number of 2.94. Since the flow past the cone was found to be conical, the flow
phenomena may be described in a plane perpendicular to the cone axis. This paper gives the direction of the conical
streamlines, the conical sonic line and the conical Mach number in such a plane. At incidences exceeding twice the cone
semi-apex angle a separated flow regime was observed which consisted of two main vortices on either side of the leeward
plane of symmetry, and probably also two secondary vortices close to the cone surface. From incidences of 17 deg on-
wards, an embedded region of conical supersonic flow terminated by a shock wave was revealed. At 22 deg, approxi-
mately, a second embedded shock wave was measured close to the cone surface and extended slightly across the leeward
plane of symmetry. This shock wave may have been generated by the vortex system, which induced supersonic cross-flow
components towards the cone. (Author)

HIGH ANGLE-OF-ATTACK AERODYNAMICS ON A SLENDER BODY WITH A JET PLUME
Nelson, R.C.; Fleeman, E.L.
Air Force Flight Dynamics Lab., Wright-Patterson Air Force Base, Ohio, USA. J. Spacecr. & Rockets (USA), Vol. 12.
No.1, p.12-16, 8 Refs, Jan. 1975.

Presents an aerodynamic analysis of data obtained from recent wind-tunnel tests on a slender body configuration. Force
and moment coefficients are presented for angles of attack up to 1800, Mach numbers up to 2.2. and Reynolds numbers
(based on diameter) up to 106. The rocket exhaust plume was simulated by exhausting cold air (ambient total
temperature) through the nozzle of the model. This permitted study of the plume interference effects on the aero-
dynamic coefficients. The jet effects on normal force were found to be important when the angle of attack exceeded 40'
in subsonic flow and 900 in supersonic flow. Deflecting the nozzle at high angles of attack also caused large excursions
in the centre-of-pressure location. Another problem associated with high angle-of-attack flight is the appearance of large
side forces in yawing moments for a symmetric flight condition. These are due to steady asymmetric shedding of the
body vortices. Data are presented which illustrate the influence of Mach number and Reynolds number on the out-of-
plane forces.

THE INFLUENCE OF AERODYNAMIC INTERFERENCE ON HIGH ANGLE OF ATTACK WIND TUNNEL TESTING
Final Report, I April, 1977-31 March 1978
NELSON, R.C.; MOUCH, T.N.
AD-A056045; AFOSR-78-1079TR 780600 AF-AFOSR-3299-77; AF PROJ. 2307 Dept. Aerospace and Mechanical
Engineering, 38 p.

NORMAL-FORCE AND PITCHING-MOMENT COEFFICIENTS OF WING-BODY COMBINATIONS AT VERY HIGH
ANGLES OF ATTACK
NIKOLITSCH (D.)
AFF: MESSERSCHMITT-BOELKOW-BLOHM GMBH, MUNICH. DEU. AMERICAN INSTITUTE OF AERONAUTICS
AND ASTRONAUTICS AEROSPACE SCIENCES MEETING. 16/1978/HUNTSVILLE, AL, USA; Ed: NEW YORK:
AIAA; Date: 1978; 78-63; 9 P.H.T.; 19 REF; Langue: Anglais

PREDICTION OF FORCES AND MOMENTS ON FINNED BODIES AT HIGH ANGLE OF ATTACK AT TRANSONIC
FLOW
OBERKAMPF, W.L.
SAND-80-2380 Aeroballistics Division, 65 p.

AERODYNAMICS OF FINNED MISSILES AT HIGH ANGLE OF ATTACK
Oberkampf, W.L.; Nicolaides. J.D.
Univ. Texas. Austin, USA. AIAA 9th Aerospace Sciences Meeting (Programme). New York. USA. 25-27 Jan, 1971,
p. 17. 1971 .. Americasi Inst. Aeronautics and Astronautics. New York, USA.

A theoretical and experimental investigation of the aerodynamics of finned missiles at high angle of attack is presented.
Of primary concern is the interaction of the body vortex wake region at high angle of attack with the missile fins and
the resulting effect on the forces and moments produced by the fins. An aerodynamic flow model is derived and is used
in conjunction with a semi-empirical lifting theory to predict the forces and moments produced by the fins. Generally
good agreement is obtained between theory and experiment. Results given particular attention are nonlinear rolling
phenomena, induced side force, and fin Magnus.

PREDICTION OF ROLL MOMENTS ON FINNED BODIES IN SUPERSONIC FLOW
OBERKAMPF (W.L.)
AFF: UNIV. TEXAS. AUSTIN, TEX., USA. J. SPACECR. ROCK.; USA; Date 1975; Vol.12, No.1, p.17-21; 13 REF.;
Langue: Anglals; TYPE CC: 130.F.02
METHODE POUR LE CALCUL DES MOMENTS DE ROULIS PROVOQUES PAR LES NERVURES SUR DES CORPS
D'ENGINS SPATIAUX AUX INCIDENCES ELEVEES EN ECOULEMENT SUPERSONIQUE. ON SUPPOSE QUE LES
CONFIGURATIONS DE FUSEE ONT DES NEZ POINTUS ET DES CORPS CYLINDRIQUES CIRCULAIRES. ON
ETUDIE L'EFFET L'ECOULEMENT INDUIT PAR LE CORPS SUR LES MOMENTS DE ROULIS PRODUITS PAR
LES NERVURES. ON EXAMINE NOTAMMENT LES TOURBILLONS DE FUSELAGE ET L'ECOULEMENT



A

B-13

DECOLLE SUR LE COTE AU VENT DE L'ENGIN. ANALYSE D'UNE CONFIGURATION CRUCIFORME AVEC DES
NERVURES AYANT UNE FORME EN PLAN RECTANGULAIRE. RESULTATS CONCERNANT L'INCLINAISON
DES NERVURES, LE ROULIS INDUIT ET LES MOMENTS D'AMORTISSEMENT DU ROULIS,

WAKE VORTEX MEASUREMENTS OF BODIES AT HIGH ANGLE OF ATTACK
OWEN (F.K.): JOHNSON (D.A.)
AFF: OWEN INTERNATIONAL INC., PALO ALTO. CA, USA. AMERICAN INSTITUTE OF AERONAUTICS AND
ASTRONAUTICS AEROSPACE SCIENCES MEETING. 16/1978/HUNTSVILLE, AL, USA: Ed: NEW YORK: AIAA:
Date: 1978: 78-23: 9 P.h.t.: 7 REF.: Langue: Anglais

NONLINEAR OSCILLATIONS AT HIGH INCIDENCE
PADFIELD, G.D.
Royal Aircraft Establishment. Bedford (England). (R2487540) 781100 Structures Dept. In AGARD Dyn. Stability
Parameters 16 p (SEE N79-15061 06-08) 16 p.

Approximations were developed for free aircraft motion when nonlinear effects are present and when the aircraft is flying
close to a stability boundary. The analysis is based on the behavior of the isolated critical mode. The method of multiple
scales is used to predict the transient oscillatory growth to a limit cycle condition. Results for the lateral motion of
slender aircraft with nonlinear aerodynamic moments have revealed that limit cycles are possible above and below the
critical incidence. Aircraft motions can be stable when the linear theory predicts instability and unstable when stability
is predicted. Within the framework of the perturbation analysis it is shown how damping moments may be synthesized
from response measurements. S.E.S.

METHODE APPROCHEE POUR LE CALCUL DES CARACTERISTIQUES AERODYNAMIQUES DES AILES SEMI-
ANNULAIRES A FLECHE CONSTANTE LE LONG DE LENVERGURE
(In Russian)
PASTUKHOV (A.I.): KUDRYAVTSEV (G.S.)
IZVEST. VYSSH. UCHEBN. ZAVED.. AVIAC. TEKH.: S.S.S.R.: Date: 1975: Vol.18, No.2. p.10-I 11.

ETUDE DE SURFACES PORTANTES AUXQUELLES SE RAPPORTENT DES AILES MINCES CYLINDRIQUES
BICOUPOLES (SEMI-ANNULAIRE) D'UNE FORME RECTANGULAIRE, TRIANGULAIRE.TRAPEZOIDALE OU EN
DELTA DANS LE PLAN. ON PROPOSE UNE METHODE APPROCHEE PERMETTANT DE CALCULER LES
CARACTERISTIQUES AERODYNAMIQUES DE TELLES AILES DANS UN FLUX INCOMPRESSIBLE POUR UNE
LARGE GAMME DES ANGLES D'ATTAQUE ET DES ALLONGEMENTS RELATIFS.

AERODYNAMICS OF SLENDER BODIES AT HIGH ANGLES OF ATTACK
PRZIREMBEL (C.E.G.); SHEREDA (D.E.)
AFF: RUTGERS-STATE UNIV.. PISCATAWAY. NJ, USA. J. SPACECR. ROCK.: USA: Date: 1979; Vol.16, No. l,
p.10-14; Langue: Anglais

ETUDE EXPERIMENTALE EN SOUFFLERIE AVEC DES NOMBRES DE REYNOLDS ELEVES. ON SOULIGNE
L'IMPORTANCE DE L'ANGLE DE ROULIS SUR LA MESURE DE LA FORCE LATERALE

WIND TUNNEL TESTING OF MISSILES AT HIGH ANGLE OF ATTACK -INFLUENCE OF THE TEST APPARATUS
AT TRANSONIC SPEEDS
ESSAI EN SOUFFLERIE DE MISSILE A GRANDE INCIDENCE - INFLUENCE DU DISPOSITIF DESSAI EN
SUBSONIQUE ELEVE
REGARD, D.

ONERA, TP No. 1980-16 800000, Israel Annual Conference on Aviation and Astronautics, 2nd, Haifa, Israel, March
12, 13, 1980. ONERA, TPNo. 1980-16, 1980. 9 p. In French. Research supported by the Direction des Recherches,
Etude et Techniques. AA (ONERA, Chhtillon-sous-Bagneux, Hauts-de-Seine. France) 9 p. Refs.5.

A COMPREHENSIVE INVESTIGATION INTO THE SUPERSONIC VISCOUS FLOW ABOUT A SLENDER CONE AT
HIGH ANGLE OF ATTACK: EXPERIMENTAL AND THEORETICAL RESULTS
Ph.D. Thesis
RICE. T.S.

INVESTIGATION OF NON-LINEAR AERODYNAMIC CHARACTERISTICS OF SLENDER BODIES AT HIGH
INCIDENCE. IN SUBSONIC AND TRANSONIC SPEEDS
Final Technical Report
ROM, J.; ALMOSNINO, D.
Technion - Israel Inst. of Tech., Haifa. (TG136290) AD-AI0141S 801200 DA-ERO-78-G-119 Dept. of Aeronautics
Engineering. 82 p.

This report presents the results of the experimental investigation of the effect of small, symmetric jet injection from the
nose of a slender body on the lateral forces and moments at high incidence. The investigation includes the effects of
Mach and Reynolds numbers rate of injection and the position of injection. It is demonstrated that at low speeds of jet
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blowing even small rates ar a very useful means of side-force and yawing moment alleviation and even control,
influencing both separation and structure of the vortex field. Such effects are also obtained at high subsonic and even
transonic Mach numbers but require much higher injection rates. The results of some visualization tests are also included
for better understanding and interpretation of the flow phenomena involved. The report includes also presentation of
some preliminary results of a method for the calculation of the longitudinal aerodynamic characteristics of bodies at
incidence including the separation of symmetric vortices, in subsonic flow. Preliminary results of the prediction method
which consists of a combined source/vortex lattice model, are presented. This method is being further developed for
calculations of the aerodynamic characteristics of more complex wing-body configurations of high angles of attack.
Author (GRA)

MATHEMATICAL MODELING OF THE AERODYNAMICS OF HIGH-ANGLE.OF-ATTACK MANEUVERS
Schiff, Lewis B.: Tobak. Murray; Malcolm, Gerald, N.
NASA, Ames Res. Cent., Moffett Field, Calif., USA. AIAA Pap Collect of Tech Pap - AIAA Atmos. Flight Mech. Conf.,
Danvers, Mass, Aug. I I - 13, 1980. Publ. by AIAA (CP806), New York. NY, 1980, Paper 80-1583, p. 2 2 2-235.

A review is presented of the current state of aerodynamic mathematical modeling for aircraft motions at high angles of
attack. The mathematical model serves to define a set of characteristic motions from whose known aerodynamic
responses the aerodynamic response to an arbitrary high angle-of-attack flight maneuver can be predicted. Means are
explored of obtaining stability parameter information in terms of the characteristic motions, whether by wind-tunnel
experiments, computational methods, or by parameter-identification methods applied to flight-test data. A rationale is
presented for selecting and verifying the aerodynamic mathematical model at the lowest necessary level of complexity.

INCOMPRESSIBLE TURBULENT FLOW IN 2-D AIR INTAKE AT HIGH INCIDENCE BY FINITE ELEMENT
METHOD
SEROU, P.. TSEN, L.F.
780000 DRME-76/ 1178. In: Numerical methods in laminar and turbulent flow; Proceedings of the First International
Conference, Swansea. Wales. July 17-21, 1978. (A79-29801 11-34) London, Pentech Press, 1978. p.709-715. Direction
des Recherches et Moyens d'Essais AB (Poitiers. Universite, Poitiers, France) 7 p.

The aim of the present study was to predict numerically the steady two-dimensional inc -npressible turbulent flow field
in an air intake. In order to cope with any geometrical configuration, use is made of the finite element method. A simple
eddy viscosity model is chosen for the turbulent closure problem. This eddy viscosity, with or without relaxation effects.
is taken as a function of the mean flow. In order to arrive at the finite element approximation, Galerkin's method of
weighted residuals is applied to the Reynolds equations governing the flow problem. V.P.

PREDICTION OF THE COMPRESSIBLE VORTEX WAKE FOR BODIES AT HIGH INCIDENCE
SHIVANANDA, T.P.; OBERKAMPF, W.L.
AIAA PAPER 81-0360 810100 F08635-77-C.0049 American Institute of Aeronautics and Astronautics, Aerospace
Sciences Meeting, 19th. St. Louis, Mo., Jan. 12-15, 1981, 16 p. AB (Texas. University, Austin, Tex.) 16 p. Refs. 22.

This paper is concerned with the theoretical prediction of the symmetric and asymmetric body vortex wake and the
resulting forces and moments on the body for compressible cross-flow. The present analysis uses the impulsive flow
analogy in conjunction with the discrete vortex method and extends to compressible flow in the cross flow plane by using
the Rayleigh-Janzen method. The perturbation velocity potentials of the Rayleigh-Janzen method are numerically
determined by means of a finite difference solution of Poisson equations. With the compressible velocity potential
known at steps along the body, the axial distribution of normal force and side force is calculated. Results are presented
fur symmetric and asymmetric wake flow fields and body forces and moments. These results are compared to
experimental measurements for both subsonic and supersonic freestream flow. (Author)

AN ASSESSMENT OF THE MARTIN-MARIETTA HIGH ANGLE OF ATTACK AERODYNAMIC METHODOLOGY
FOR BODY TAIL MISSILES
SPRING, D.J.; DERRICK, J.N.; WINN, G.C.
AD-A028053; RD-76-33 760628 DA PROJ. IM3-62303-A-214 127 p.

REYNOLDS NUMBER EFFECTS ON AERODYNAMIC CHARACTERISTICS AT LARGE ANGLES OF ATTACK
STAT LINGS (R.L., JR)
AFF: NASA, LANGLEY RES. CENT., HAMPTON, VA. USA. J. SPACECR. ROCK.; USA: Date: 1980; Vol.17, No.2,
p.129-133; 5 REF.; LamgueAnglais

ETUDE EXPERIMENTALE DE L'EFFET DU NOMBRE DE REYNOLDS SUR LES CARACTERISTIQUES AERO-
DYNAMIQUES D'UN CORPS A AILES CRUCIFORMES A GRAND ANGLE D'ATTAQUE. DETERMINATION DES
DISTRIBUTIONS DE PRESSION, DES FORCES ET MOMENTS POUR DES NOMBRES DE MACH DE I, 6 ET 2,7.
DES NOMBRES DE REYNOLDS DE 2 X 100*(5) A 28 X 1000(5) ET DES ANGLES D'ATrAQUE DE 0 A 500*(0).
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EXPERIMENTAL AND NUMERICAL STUDY OF THE FLOW IN AN AIR INTAKE AT HIGH INCIDENCE
ETUDE EXPERIMENTALE ET NUMERIQUE DE L-ECOULEMENT DANS UNE PRISE D'AIR A GRANDE
INCIDENCE
STANISLAS, M.
AAAF PAPER NT 80-19 791100 Association Adronautique et Astronautique de France. Colloque d'Afrodynamique
Appliqude. 16th, Lille. France, Nov. 13-15, 1979. 52 p. In French. AA (Lille I. Universit6, Villeneuve-d'As,:q. Nord.
France) 52 p. Refs.21.

Recent studies of fighter aircraft have tried to extend the flight range through high incidence, improving thus the combat
performance at high altitude. However, this creates aerodynamic problems, especially for the air intake of the jet engine.
and the paper discusses the possibilities to remedy these problems. A two-dimensional model with rectilinear walls is used
in two aspects: experiments at low speeds with the help of the double exposure holography method, obtaining the three
vectors of the instantaneous velocity, and a numerical study computing the integral turbulent flow based on the velocity
profile at the inlet of the air intake. N.D.

HIGH ANGLE-OF-ATTACK STABILITY AND CONTROL ANALYSIS
STENGEL, R.F,
760000 NASI-13618: N00014-75 0-0432 In N/SA. Langley Res. Center Advan. in Eng. Sci.. Vol.4. p.1753-1766 (see
N77-10345 01-31), 14 p.

ON THE LEE-SIDE FLOW OVER DELTA WINGS AT HIGH ANGLE OF ATTACK
Szodruch, Joachim. Ganzer, Uwe
Tech. Univ. Berlin, FRG. AGARD Conf. Proc. CP-247: High Angle of Attack Aerodyn. Paper presented and discussions
from the Fluid Dyn. Panel Symp., Sandefjord. Norway, Oct. 4-6, 1978. Publ. 1979. Available from NTIS. Springfield.
Va, p.21. 1-21.

A classification of various types of lee-side flow for slender delta wings is presented for a range of supersonic Mach
numbers and angles of attack. Two particular types of flow which occur at high angles of attack are discussed in more
detail. One type exists when the leading edges are subsonic or just sonic. It is distinguished bya shock wave between the
strong counterrotating leading edge vortices. The other type of flow occurs for supersonic leading edges, in which case a
pair of separation bubbles occurs with embedded shock waves on the top. In this case, strong nonconical effects have
been observed.

NONLINEAR AERODYNAMICS OF AIRCRAFT IN HIGH-ANGLE-OF-ATTACK MANEUVERS
TOBAK (M.); Schiff (L.B.)
AFF: AMES RES. CENT.. NASA, MOFFETT FIELD, CALIF. 94035. IN: AM. INST. AERONAUT. ASTRONAUT.
12TH AEROSP. SCI. MEET.: WASHINGTON; 1974: NEW YORK: Ed: AIAA: Date: 1974: Vol.85. p.1 10:12 REF.
Langue: Anglais

FORMULATION D'UN SYSTEME DE MOMENTS AERODYNAMIQUES NON LINEAIRES POUR LES
MOUVEMENTS ARBITRAIRES D'UN AVION AUX INCIDENCES ELEVEES. ON MONTRE QUE LE MOMENT
TOTAL EST LA SOMME DES CONTRIBUTIONS DE TROIS MOUVEMENTS SIMPLES: UN MOUVEMENT DE BASE
CONIQUE ET DES PERTURBATIONS OSCILLATOIRES DE CE MOUVEMENT DE BASE. RECOMMANDATIONS
RELATIVES AUX TYPES D'ESSAIS EN SOUFFLERIE LES PLUS APPROPRIES POUVANT ETRE REALISES EN
SUIVANT LES CONDITIONS DE CETTE FORMULATION.

EXPECTED IMPROVEMENTS FROM WIND TUNNEL MODEL TESTING AT HIGH ANGLE OF At -CK
AMELIORATIONS ENVISAGEES POUR RESOUDRE LES PROBLEMES RENCOUNTRES AU COURS D'ESSAIS
A GRAND INCIDENCE DE MAQUETTES EN SOUFFLERIE

VAUCHERET, X.
ONERA. TP No.1980-36 800000 (NATO, AGARD, Symposium on Subsonic/Transonic Configuration Aerodynamics,
Munich. West Germany. May 5-7, 1980.) ONERA. TP No.1980-36, 1980. 23 p. In French. AA (ONERA. Chitillon-
sous-Bagneux, Hauts-de-Seine, France) 23 p.

THE IMF LILLE ROTATION BALANCE AND ASSOCIATED EXPERIMENTAL TECHNIQUES - FOR WIND
TUNNEL CONTROL LOSS SIMULATION DURING HIGH ANGLE OF ATTACK FUGHT
BALANCE ROTATIVE DE LI.M.F. LILLE ET TECHNIQUES EXPERIMENTALES ASSOCIEES
VEPBRUGGE, R.
AAAF PAPER NT 80-13 791100 Association Atronautique et Astronautique de France, Colloque d'Arodynamiqute
Appliqude, 16th, Lille, France. Nov. 13-15, 1979, 50 p. In French. AA (Lille D, Universitd, Villeneuve-d'Ascq. Nord.
France)

RECENT RESULTS IN PARAMETER IDENTIFICATION FOR HIGH ANGLE-OF-ATTACK STALL REGIMES
VINCENT, J.H.; GUPTA, N.K.; HALL, W.E., JR
AIAA PAPER 79-1640 790800 N00014-72 C 0328; N00014-78-C-0641 American Institute of Aeronautics and Astro-
nautics, Atmospheric Flight Mechanics Conference, Boulder, Colo.. Aug. 6-8, 1979, 16 p. AC (Systems Control. Inc.
/VT/, Palo Alto, Calif.) 16 p. Refs. 7 Jpn. 4281.
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ANALYSIS OF T-2C HIGH ANGLE OF ATTACK FLIGHT TEST DATA WITH NONLINEAR SYSTEM IDENTIFICA-
TION METHODOLOGY
Final Report, 3 April, 1972 - 31 May, 1978
VINCENT, J.H.; HALL, W.E., JR; BOHN, J.G.
AD-A086327; ONR-CR-212-259-IF 800300 N00014 72-0328 90 p.

HIGH ANGLE OF ATTACK FLIGHT TESTS OF THE F-I S
WALKER, D.N.
750000 In: Toward more effective testing; Proceedings of the Sixth Annual Symposium, St. Louis, Mo., August 13-16.
1975. (A76-34233 16-35) Lancaster, Calif., Society of Flight Test Engineers. 1975, p.227-245. AA (McDonnell Aircraft
Co., St. Louis, Mo.) 19 p.

BOUNDARY LAYER OVER A BLUNT BODY AT HIGH INCIDENCE WITH AN OPEN-TYPE OF SEPARATION
WANG. K.C.
030974 F44620-70-C-0085 Royal Society (London), Proceedings, Series A. Vol.340. No. 1620, Sept. 3, 1974. p.33-35.
AA (Martin Marietta Laboratories, Baltimore, Md.)

LAMINAR BOUNDARY LAYER OVER A BODY OF REVOLUTION AT EXTREMELY HIGH INCIDENCE
Wang. K.C.
Martin Marietta Labs., Baltimore, Md., USA. Phys. Fluids (USA). Vol.17, No.7, p.1381-5. 8 Refs. July 1974.
Results of an exact solution to three-dimensional problem of boundary layer flow at extremely high incidence over an
oblate spheroid are given. High incidence flow over such a body is marked by an increase of circumferential flow and a
decrease in meridional flow. At the same time the separation pattern which had been open at lower incidences, closes up
again. The calculation is carried out for b/a = 1/4 and an angle of incidence of 45.

HIGH-ANGLE-OF-ATTACK MISSILE AERODYNAMICS
Wardlaw, Andrew B., Jr
Nay. Surf. Weapons Cent., White Oak Lab., Silver Spring, Md, USA. AGARD Lecture Series LS-98, Missile Aerodyn.: for
Meet. Ankara, Turkey, March 5-6, 1978; Rome, Italy, March 8-9, 1978; Rhode-Saint-Genese, Belgium, March 12-16.
1978. Publ. ?979.
The paper reviews experimental data on and predictive methods for bodies, fins, and complete missile configurations. An
outline and description is provided of the various vortex regimes that exist on a missile and its components at high angles
of attack. Data is examined to determine quantitative trends in surface pressure distributions and loads. Available
analytic, semi-empirical, and empirical predictive methods are reviewed.

PREDICTION OF YAWING FORCE AT HIGH ANGLE OF ATTACK
WARDLAW (A.B., JR)
AFF: NAV. ORDNANCE LAB., SILVER SPRING, MD, USA. AIAA J., NEW YORK; USA: Date: 1974: Vol.12, No.8.
p.1142-1144; Langue: Anglais

DESCRIPTION APPROCHEE DU CHAMP D'ECOULEMENT ASYMETRIQUE DU COTE AU VENT D'UN CORPS DE
REVOLUTION A GRANDE INCIDENCE, PERMETTANT LA PREVISION DE LA FORCE ET DU MOMENT DE
LACET CREES. AINSI QUE DES FORCES NORMALES

HIGH ANGLEOF-ATTACK AERODYNAMICS
WARDLAW, A.B., JR
EXPERIMENTAL AERODYNAMICS BRANCH. In Von Kirmin Inst. for Fluid Dynamics. Missile Aerodyn.. Vol.2.
144 p. (See N79-18927-10-02) 144 p.

EXPERIMENTAL STUDY OF FORCES AND MOMENTS ON CIRCULAR BODIES AT HIGH ANGLE OF ATTACK
WARDLAW, A.B., JR

INDUCED SIDE FORCES ON BODIES OF REVOLUTION AT HGH ANGLE OF ATTACK
WARDLAW, A.B.; MORRISON, A.M.

PREDICTION OF YAWING FORCE AT HIGH ANGLE OF ATTACK
Wardlaw. Andrew B., Jr
Nay. Ordnance Lab., Silver Spring, Md, USA. AIAA J., Vol.12, No.8. Aug. 1974, p. 1142-1144.

An approximate flowfield description is developed which is an extension of a previously proposed model. The current
formulation is applicable to bodies of revolution and models the flow using the impulsive flow analogy with viscous
effects being simulated usins point vortices. The symmetric wake assumption present In preceding studies is relaxed and
growing vortices near the missile as well as those shed into the wake, ae taken into the account.
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USER'S MANUAL FOR THE MARTIN-MARIETTA HIGH ANGLE OF ATTACK AERODYNAMIC METHODOLOGY
FOR BODY TAIL MISSILES
WINN, G.C.
AD-A057138: DRDMI-T-78-63 780600 Technology Lab.. 85 p.

STALL/SPIN SEVENTY YEARS LATER - AIRCRAFT PERFORMANCE AT HIGH ANGLE OF ATTACK
WOODCOCK, R.J.; CORD. T.J.
000674 Air University Review, Vol.25, May June 1974, p.25-36. AB (USAF, Flight Dynamics Laboratory, Wright-
Patterson AFB. Ohio)

ESTIMATION OF TRANSONIC AIRCRAFT AERODYNAMICS TO HIGH ANGLES OF ATTACK
XELSON O.A.)
AFF: AMES RES. CENT., NASA. MOFFETT FIELD, CALIF. 94035, USA. IN: AM. INST Al RONAUT.
ASTRONAUT. AIRCR. SYST. TECHNOL. MEET: LOS ANGELES: 1975: NEW YORK. }Fd: AIAA: Date: 1975.
Vol.996. p. 1-9 : Langue: Anglais

DESCRIPTION D'UNE NOUVELLE METHODE D'ETUDE ET D'OPTIMISATION DES VOLS TRANSSONIQUES. ON
DONNE DES EQUATIONS NON LINEAIRES POUR LES VOLS A DIFFERENTES VITESSES. ET DE NOUVEAUX
ALGORITHMES POUR TENIR COMPTE DES EFFETS DE COMPRESSIBILITE ET POUR ANALYSER LES
PROBLEMES D'ONDE DE CHOC.

WING ROCK AS A LATERAL-DIRECTIONAL AIRCRAFT LIMIT CYCLE OSCILLATION INDUCED BY NON-
LINEAR AERODYNAMICS OCCURRING AT HIGH ANGLE OF ATTACK
M.S. Thesir
YOUNG, P.D.

MULTI-STABLE VORTEX PATTERNS ON SLENDER. CIRCULAR BODIES AT HIGH INCIDENCE
YANTA, W.J.: WARDLAW. A.B.. JR
AIAA PAPER 81-0006 810100 American Institute of Aeronautics and Astronautics. Aerospace Sciences Meeting. 19th.
St. Louis. Mo. Jan. 12 -15, 1981. 13 p. AB fUS Navy, Naval Surface Weapons Center. Silver Spring. Md.

A rigidly supported tangent ogive model has been tested in low turbulent, incompressible flow at incidences of 35.45 and
55 deg. A constant streamwise Reynolds number of 1.5 was maintained which produced laminar boundary layer separa-
tion. Both unsteady pressures and flow field velocities were measured, the latter with a three component laser Doppler
velocimeter. Analysis of the results indicates that the vortex pattern may be unsteady at times, but that the flow field
can be idealized as steady and that variations in the measured side force are principally a result of changes in the mean
vortex pattern. Large side forces are shown to be induced by flow fields that shed a major part of the first vortex. A
relationship is established between side force magnitude and surface pressure fluctuations. The repeatability of side force
measurements is examined and tests featuring high side force levels are found to be the most reproducible. Tests on a
blunted model produced a decrease in side force and body vortices located a greater distance from the model surface.
(Author)
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